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The Solar Powe 
The ives, and rsqukements are as 
1) Develop a design for the spacecraft system required to deliver a manned aircraft 
to Mars. 
2) The spac8craft will consist of a paybad re-entry systm and a with 
instruments for sensing the Martian surface. The satellite wlll remain in .orbit after separating 
from the re-entry module. 
3) The spacecraft's components and paybad will be delivered to Earth orblt by the space shuttle 
and assembled at the space station. The extent of shuttle support shou# be icbnWied and 
minimized. 
4) The spacecraft will be able to be retrieved by a remote manipumn device on Me space 
station or shuttle. 
5) Nothing in the spacecraft's design should prevent it from performing many different 
missions of similar nature. 
? i 
, < , 'r 
6) The spacecraft will have a design lfetime of at IeM bur yews. 
7) The vehicle dl use the latest advances in artificial intelligence wherd' 'a$pl~e to enhak  
reliability and kwer costs. 
8) The design will stress simplicity, reliability, low mass, and low cxrst. 
9) For planning and costing, it will be assumed that four vehicles will be built. 
10) The spacecraft will be able to perform the mission sdence 
- 
The design p m w  has been bk8n down into men 
1) Mlssion Management, Planning, and Cwtbg 
2) Structure and Thermal Control 
3) Aerobraking and Re-entry 
4) Attitude and Articulatbn Control (MCS) 
5) Science Instrumentation 
6) Power and Propulsion 
7) Command and Data Contrd 
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transfer 
2 )  Theh 
3 )  he AV required to deoM the remtty system from the mty4Me cubit 
r s  2* -. . fa.2:' *+ ; ;: 39 & , 
4 ) The launch windows * - I 
i 
1) Develop a concephral design kw !he * ,  syslem required ged&& a iu -.. *. 
:?++- Sf* p v *  ; ,I.$ %J.;%. :, :? . 
aircraft to the Martian rurlsw 1" 'm* f h  & h e  & the &.cenbr)r. * . ,%<* b L  
2) The spscecnR con& * wad : gb*& j3 i ' *& ' *3&atxb #, 
! si*.+t.~ * :* . 
carrying scientifk ~nrtrumen'ts' for hinote sensing of the : kti'~~ 
instrument bus nuftl remakr In ckMt all$ 
amponentrrandpaybad~lb 3) The 
pfi.*3. h r" . ,? ,$ *ct4 -,: * '4 ,, 5 , , -." 
.. ..- . . . . - . .  .c .-f3:r." .. from) the space station. 
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4) The design will stress, among other things, bw masrr. 
5) For mct wumallng md ow@ plamhg, it ~~~ b;w that four 
, '.< *w..r'fp;*sj;,. . :-+;<*> 
systems will be built. , 
6) The spacecraft must perform the n sdence objecttves. 
Mars. With them targets s 
reaching them. This will In mnbl9 a otMt transter 2 3, 
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to Mars. Once planned, an which w i l  the onto 
this transfer orbit can be computed. With this information, the ofhw subsystem 
designers will compute the mass bmakdom kw eat91 subsystem, and. the results, 
the cost of the mlssbn will be calculated. Finally, an implementaakn plan will be 
assembled from the informath obtained from the other subsystm designers. 
Satellite Orbit: 
The fist step is to select the instrument bus orbit. Three ohits were considered: 
a surface stationary orbit, a low altitude equatorial orbit, and a b w  altitude polar 
orbit. 
- .  ?2. 
The surface stationary orbit radius comes from solving the equatlon ~ 3 -  
j~~214x2, where p=4.292x104 km3ls2 is the gravitatbnal constant Umes the mass 
of the central body, T is the period of the orbit, and R Is the radius of the orbit. A 
Martian day is 24 hours. 37 minutes, and 23 seconds brig. Hence. T= 88,643 aec "awl 
so R= 20,442 km. The next step is b make a quantitative wahtbn of the pfoparties 
of this orbit. A positive number indicates a good properly and a negative number 
indicates a bad property. 
. . 
eraqgrhr: Yaw 
The satellite will always be overhead to assist the airplane + 1 
Bad instrument resolution - 3 
- 2 
Total wahration of this orbit - 8 
Note the b w  value placed on assistance to the akplene. This is due to the fact that the 
aircraft designers have not indicated that there is such a need. This is not a very 
desirable orMt. 
The next orbit considered is a b w  altitude orbit with an orWt radius of 3,895 
km or an altitude of 500 km. The period of this OM, calculated using the equation in 
the previous Bragraph, is just over two hours. The orbit is evaluated 8s fol 
The third orMt oonsidered is a polar orbit 500 feet above the surhm. It mwld a)cro < , 
have a prbd of fWO hours. The ofbit b evaluated as kftonn: 
Because thb orbit has the highest evaluatkm S C O ~ ,  it was selected kr this missbn. 
Deorbit: 
TIW next ~ e p  is to cak&~ a dearbit 
. , W <  - 
o r b i t L S 0 0 k m a b o v e t h e ~ a n d ~ p e  
from the science satellite, the m t t y  vehlde will need to execute a proplldvo Ip ,,,$ .* 
c.' ' . .<$A 
' -+A {FA%- - 
transfer k ~ n r  the dmlar d e w  mtellte OM to 'this d e ~ ~  WMO . FW t~ 
drcukr otw. the spacecraft% velocity is calculated h.om tho equatkn @+ " .  
equation ghres V-3.320 Ws. For an wed at the Of w t * b a / w * .  .a 
the vebdty is calculated from ~ 2 y ( 2 / ~ - l l a ) ,  where a4645 km k the ttu of 'the 
#mI-major air. Th?s equah ();.I ~9,- 04s. kfdd the f9MlQf khicfg9hwi '''''*i 
(re 8 pmpubive bum to provide a AVot 116 m/a to ent@rthedaoM 
. I 3  p* . {Lt ?:$?$*f . &+. 
I rl" "' .<*> Bi'*: . . i $ 2  i' - - % , +.x 6 7  
. Earth to Man: 
Now the trajectory taking the vehide from the Earth's solar orbit to Mars's 
solar orbit must be considered. To simplify the analysis, it b assumed that only the 
Sun's gravity will affect the . Again, because of its kw AV nequlremsnt, a 
Hohmann transfer tr8jectOry will be used. 
We b a n  with the assumption that the spacecraft has e the Earth's 
influence and Is travelling in the Earth's OM. its vekdty around the Sun is calculated 
from the equation V~-~IR, where p-1.327~1o1 km3/s2 is the gravitational 
constant times the mass of the Sun and R-1.496~10~ km is the radius of the Earth's 
orbit. We find that V-29.78 kmls. Mars aibits at a radiw of 2.279xlN. km. Hence, a 
Hohmann transfer orbit would have a semi-major axis a-1.888x1d km. The veloc& , ,* 
at perlapse for this orbit can be calculated from the equation @+(2/~-lla). The 
periapse of the orbit is the Earth's orbit so the above equation ghres V-32.73 kmls. 
Hence, to enter onto the Hohmann transfer, a AV-32.73-29.78-2.95 km/s is 
required. This AV L the necessary hyperbolic excess speed required when the 
I 
spacecraft s Earth's gravity. 
The Martian OM cornsponds to the apohpse of the Iiohmann bwhr. When 
the spacecraft reaches this point. it's velocity can once &in be clllculated from the 
equation ~ 2 ~ ( 2 / ~ - l / a ) ,  where R is now the radius of the Martian orMt. This gives 
V-21.48 kWs. The velodly of Mars Is calculated horn v~@.  TM. equatkn gives 
V-24.15 km/s. From a Martian pohrt of view, the spacecraft will be approaching Mars 
at a V-24.15-21.48m2.67 krn/s. This approach velodty' is used to make aerobraking 
calculatbns (see 
K. 
Earth EscapeSEP va. Chemical: 
The spacecraf! will be launched from the station, which wlll be 
an altitude of about 300 km. To propel the aW8y the Earth, tha choice 
hyperbolkally away ftom the Eaath and onto ths e Wmariwr a 
there are more advanced tods, such a8 MUUMP, which tdts 'be narbt'sf @ 
' I  
gravitatiod bodies into cons-, them d'nO rtmibr to& that cn 6 
analyzing the SEP system. 11 was for the purpose of makiq an comperirih 
that this simpflfied analysis was used. 1 
The hyperbolic excess reqihred b Qw12.95 krmr. The veebcHy of W: j. 
spacecraft in ohit abwtthe Ead'rt3oO b n . ~ ~ , 6 n b d h t s d f l w n  thi re Y,: 
VP-IJR. where j,~-3.982~106 kmSf82 and R=b([= krn. Th* gksl 'V~1.724 f~&: ' 
r f k P  i* .< %, <. ,*: --e%4f$g $$ *-j;;:,y 
whidr give AV-3.59 km/s for this case. of fueled to empty mass oan be 
4 ' s e  3 q *  k ?  ,, 5 C, )&& &f'$? p:$~+3*gtY, J 5 
calculated from the rquatbn M~/M~-~(AV'C) where c is the 8xhast velocity and k 
-. p":;\ 3 "  p - *  
.*". d**Y, i 
the Hohmann transfer is 4.26a kg. Thus, the spacecraft wid be 19,000 kg, % Jetdung' 
*<;-> ~ " >f,+b& . $ 
the 1340 kg of enghe inert& 
. . 
Now conskier the SEP system. While it ha8 a very hfgh bp, It only 
"' Y" 
. .  * ' 
thrust of 2N. Because of this, the escape Earth akmg a s aut 
; $*%&',. 
traJectory, making several hundred orbits in the proc~ss. Analyzing this system's 
, * , r i)" - ,:s$$?;**~~ * v:s *2"/ , . 
f ;  f < *  performance is difficult because little reseydr has -. been :"a\ ry,wt done @?,,. on y2< W~thrust .9 
*;.*22.. e",. ?+,, tb>-.b*&T $3, &*..d..&T,w - "<;/@ Y5.:-? -2% 
with 
the computing power another numerical method, 
U I 
Eilipt , was devekged for this :,., "9 :$ ;""a '. ''& 
the time required can be determined. This is on the fdbwi~ 
simplifying assumptbns: 
I) The spacecraft's trajectory while accelerating over some Interval, ~ t ,  wll be the 
same as that of a R that is accelerated the same amount 
beginning of the time interval and then coasts for the duration. 
2) The spacmxaft's acceleratbn is constant over At. 
3) The change in the spacecraft's orbit radius is insignificant compared to the orbit 
radius. 
4) The spacecraft's thrust Is always applied in the direction of the spacecraft's 
velocity vector. t 
r 
5) The spacecraft doesn't drift significantly from the Earth's solar orbit during the 
burn. 
The first three assumptions are valid to any degree of accuracy provided a small enough 
dt is chosen. A dt of about 15 minutes was used for the simulations. Smaller At's dkJ 
not yield results that were significantly more accurate. As for the fourth assumption, a 
number of simulatbns were run k, determine the most effldent direction to apply the 
s , * *  
spacecraft's t h r u l  It was found that thrusting h the direction of the spacecraft3 
velocity vector yielded the lowest AV and escape time. The last assumption is also 
reasonably accurate. 
The algorithm for the Method is shown below. Initially, the ThNst, T, the radius 
of the bw Earth circular OM, R, and the mass of the qmmcmft, M, are given. Also 
note that TA is the true anomaly angle, or angle from periapse, e and h are the 
spacecraft's energy and angular momentum per unit mass respectively, AA is the area 
* 
swept out by the spacecraft's orbit during At, and 0 is the angle between the 
. 
spacecraft's velocity vector and a vector tangent to a circular orMt at that kcatkn. The 
algorithm is: 
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1, VP-JR. '@.a " V  bi 
3 '  2) b R V  h fw kMal orbit 
F" 
. . 
7) IS e>4.351 J/~o? r SO. & bum 
7) h:h+RAV Spacecraft a ~ ~ u l a r  momentum 
**. ? " , ,*,; , " 
0 .  bbn semi-major s;bs 8) a -q rW(~~2 -2p )  
9) T A = O O ~ ~  [(h2lp-R)/~(1 +2eh2/p2)1f2] 
 nit^ true anon& ' 
I 
1 0) M=(h/2)At Area swept out durin~ At 
< -* 
"l, 
1 1 ) TA-TA+(~IR*)AA. 
, o  * q - -  * 
12) ~=(h21 or(TA)(l + 2 e h 2 1 p ~ ) ~ ' ~ ]  
8 ,t'? : 2. * &  2 s,  L 
. .* 
a - 
13) V ~ = J L @ / R ~  11.) 
* pp**.xt' 
. #,2k& > LC : 
14) & c o s ~ ( h l R ~ )  
*,. . 9 ' J: 
15) Return to 3) 
-<I *.: -, 
The + or - refers to hyperbolk or elliptk traJectories re-ely. The orbit will'be 
P; 
hVperboib i% e A  and dlipk If $4 
h e  aborithm &it& with th R in low Earth orbit. The AV that the. ' iw 
- 
7 -  T- -- 
spacectah will undergd'dudng At ts calculated and applkd D the shc  i...d 1 ;  
4 r. C &  
impulsively. The nevi 'hwgy ind 
'i," . " . " * , * 
hw TA . . 
" * < f a  . .@ t e i a  
end 0% At is determined. ~ r o i  thg,-h f fsvekd lywdor~o lb l l r id&d  
"I 
the end 0% ~t are fated- The routine runs until emugh enaw has been bum-$ sd * +  + 
that tha withan 
of 2.95 W s .  
This routine showed that the AV required was 9.504 krn/s. The ratio of fueled 
mass to empty mass as therefom 1274. The hefts Bor this system are 810 kg. Thus, 
the empty mass is 5,079 kg, and so the fueled mass is 8,472 kg. This is a fer smaller 
craft than the chemically propelled one and since the requirements specify bw mass, 
theSEPsystemwasselede& 
Launch Windowa: 
It should be noted that even if the spacecrafl were in the Sun 1- of the time, 8 il 
would still take about 320 days for the craft to perform the bum. In addition, the mft 
will spend some time in the Earth's shadow. Oudng this time, the SEP system will be 
shut down. A quantitative method for modeling this added complexity was not possible 
with the computing power available, but this WOUM add about another 30 days to the 
escape time while having a negligible effect on the AV required. This time requirement 
was considered an acceptable tradeoff because a time limit was not Isr the mtssion 
requirements and .furthennore, with a 1ffle planning, It can be arranged for the 
airplane to arrive at Mars whenever it will be needed. 
It takes 259 days for the spacecraft to reach Mars after Earth escape. The launch 
windows correspond to the launching dates such that Mars will be ex- on the other 
side of the sun from the Earth escape point 259 days after escape has occurred. 
Assuming a 350 day Earth escape time and an aerobraking time of 20 days (see 
, the launch windows In the first decade of the 21st century 
are as follows: 
* s .  
June 4, 2002 May 20, 2003 Feb. 3, 2004 Feb. 23, 2004 ' 
July 23, 2004 July 8, 2005 Mar. 24, 2006 Apr. 13, 2006 
Sep. 11, 2008 Aug. 27, 2007 May. 12, 2008 June 1, 2008 
Oct. 30, 2008 Oct. 15, 2009 July 1, 2010 July 21, 2010 
Tne canbe &id ' 
- 'P<Pe ,-$ . ' / posllkn of the orbiting 
C. , ,.. -'rrt. m 
Costing : 
Thecostafthemksbnwasdetmkredudnghmethod 
Applications International. This method prwldr (br oompllhO Whumba i 
of man-hours to develop and produce a system based on the mass of fftwa 
systems may already be developed, or may be modifications of a currently available 
system, and in these cases development costs were reduced . For the ' ' -' 
purposes of productbn d n g .  i i r ~  assumid ihii%iriihhl%e$ w@ bq 
table bebk &e inheritance dassificatbn and mass in #logms dr'&&s$nii'Jzqq 
on the (see * 3*@j? - Y p , .  
', , -. 
260.0 Main wlar arrays (2) 
secMdarV arrays (2) 
Batteries 
Engine Power Units 187.0 
Science Instruments: Vlm - ~ + t .  ;. La*"** ' *  ,> f 
,;<$ef+>2$5<2?J 
1:  
, 
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M I S W  MANAGEMENT* WNIAKI, AM) COSTING 
The required D~~ekpment Houn (OW), Produdion r Hours (PLH), and 
Labor system are shown h the belcw: 
Thermal control 
Propulsion: 
SEP 130.9 810.2 14.12 
Capture, deorbit, and 
circularization 
engines 309.8 299.2 9.14 
APCS 0.0 199.2 2.90 
Communications 229.5 652.5 11.73 
Antenna 130.7 256.4 5.81 
C#: 926.5 1,283.5 33.15 
Aerobrake 544.7 375.3 13.80 
Main solar arrays (2) 0.0 474.8 7.12 
Secondary array8 (2) 0.0 114.9 1.72 
Batteries 0.0 80.3 1.20 
Engine power units 0.0 471.6 7.07 
Science Instruments: 
VlMS 33.1 40.3 1 . l o  
ORS 35.7 47.1, 1.24 
TeS 21.8 23.6 0.68 
Magnetometer 15.4 25.9 0.62 
PMlRR 36.3 48.2 1.27 
Radar Altimeter 48.9 255.5 4.57 
Hardware Totals: 3,021.8 8,257.9 139.20 
System support & GE 1.539.6 0.0 23.09 
Launch40 days 0 &GS 293.4 0.0 4.45 
Sdence data dvlpmnt. 1 48.2 0.0 2.22 
Program management 234.2 0.0 3.51 
Right operations 1,019.0 0.0 15.28 
Mission Totals: 6,689.3 6,257.9 194.21 
Total Mission Cost = 3.303 x LC = $641,470,000 
'In thousands of hours "In mlllkns of dollars 
For estimating labor cost, it was assumed that the average rate of pay was $15 an hour. 
It was also assumed that the total cost of the project was 3.303 times the cost of the 
labor. . .. 
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Jan. 1989: , - n.< - - *  .. C ?  .* v .?"z<- ,. ~: :'> 
syrrtem* - aa, ro how'W 
- 
Jan. 1991 : 
Complete preliminary m design. 
March 1992: 
Preliminary computer design completed. 
May 1993: 
preliminary computer tesi id . s comptet&. 
Nov. 1983: d ,  * 
Find computer design 'pbnipletrd. Preliminary propulsion ry 
c0-a 
July 1994: 
Final computer deslgn tssted Prel 8bwtun. dedgned. 
- - 
Jan. 1995: ",%i8. 6 
Research on aerobrakes bompleted. Final propulsbn systems design seiwt@. 
Rnal computer unit assembie and tested. Preyminary communications syd$m + 
completed. e *-3. 
W. ? *.*.C,. L p " 
i 
,.? 
. Pn,!imhary AACS design compIeted. 
Jan. 1998: % 
Complete aembrake and re-entry sy8tem, communbatkns system, 
systems, and thermal control component testing. Assemble find structure #or 
testing. Final AACs design se selection of science Instruments. 
Redesign of the voyager antenna 
<.:.:.:.;  ..  - 
.' * \&'.'% :r ;:& .C. -7 . C : .:, , . i ,- .!. 
r , r  . y .  , s. . g  , .. , . ; @ : 6 ; ;  . - cc -< .. , g:$ July 1998 +- v:. ~ ...- 
P d w t b n  of the w h r  and mcd~er ia mp le td .  
i '  $?.$?$$& -...s :,.a .,> .$* .. qi .y, * ,.>-;iy S t  *.g$$* - ~ . < ; ;,>  € , g . . , . *  +?. . . 
Jan. 1999: 
Complete Wng of MCS and power 
science instnmrent testin$. . . 
Jan. 2000: 
Integration and testing of h e  communications system, asssmMed s t m r e  and 
aerobrake, propulsion systems, power systems, attitude control s@t8;m, 
thermal control systems, science instrument system, and the te-entry -tern 
is completed. Development of the flbht software is completed. 
Jan. 2001: 
Assembly and integration of the spacecraft is complete. 
Jan. 2002: 
Spacecraft testing is completed. 
There are some problem areas that have yet to be examined. The effects of #I@ 
other planets in the solar system on the spacfmaft have been neglected In this analysis 
as has the the effect of the Moon on the escape tmje~t~fy. The effects of the dark periods 
must be studied so that a lauch date can be planned such that the spacecraft @M 
the Earth in the proper direction. Finally, the effects of the spacecraft drifting out of 
Earth solar orbit during the SEP burn must also be studled. 
Summary: 
This completes the missbn planning ptocess. A summary of the results are as 
follows: 
1) The AV to escape the Earth is 9.504 km/s. 
2) The spacecraft's hyperbolic approach vekdty to Mars Is 2.67 kmls. 
3) The AV to deorbit the payload Is 116 mls. 
4) The cost of four missbns is estimated to be $641.47 million. 
In addition, launch windows have been computed and an implementation plan has been 
presented. 
For Earth escape, Chemical and SEP propulsion units were and the SfP 
system was chosen because it resulted in a lower spacecraft mass. 
I Note: ' 
It should be pointed out that We RW requimments :. . ' 8  thaa-w 
utilize the fun ,advantages of the SEP system. @ tDre ae tequf-nt were 
dmpped, theSEP8ystemaWbe used& the ~ ~ T h O & q l m # & V k r  , yt . .c>>rJg 
,> . *& i < 
Earth escape and Man, capture would be '14.95 kWs. The spa l@8S tlmkrr. 
weigh 3,406 kg. Using a tankage facW of .18, this spammft vuhlil be 6,442 kg 
-. 
instead of 6,472 kg, a 16% reductiosr In mass. The mission h & m  hmain 
. *  .. 
unchanged, for although it would take 100 days to capture into b w  orMt, the 
would Earth 80 days raotw. Other advmtages lncRwle cmrpktely n o n - e m 8  " " 
-. 
tuel, more reliable capture engines, 8 red& b4? rii,,- &: -";< 
dependency on aerobraking. a technlqur that 18, thus far, 
. * 
Y. "L 
e*t,m System urfv= a When k could & ' * f u & ~  
missions. 
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of 6f T :  requirements are to cmW 
shuttle launch control 
and subsystem interactlaw with all the other s 
requited of new materials kx - , 
a n  redsmm to stress ccmsbn caking (SCC). In orM1, Uw 
optical properties,solar ultradolet tadiaUofi,and mlcrolcraWnq In oo~posites Metedab need 
to . s ; o m e o f t h e ~ l h a ? w r , k o k e d  4 
8iabMy) and thermal propdes. b a n m p W W w  
stnrctures to withstand hlgh 
glapMte-epoxy materials were high cmd ufbahigh *:;A;, (.,.:.::.: .. 
<...:.:.> 
. . 
fi;:y9 $ 3 4  
modulus. We* twotypesof <.>:2 TVpe lao*.rJq. t)lgrr, 
. Thuqrpe II laminate and 
8188s 
of M) when 
type II lamhates and ultrah4~h had v 
the Ibrtfie *, the P 7bi (2034D) umigh 
lus matwid was 
HTS I .on 
(T30OI5208) 11 .Om 
HMS I .058 
li .058 
UHMS I . a1  
(2034-0) 11 ,061 
(P-75)" 
Ti-6A-4V .16 
" selected 
In additon, metal alloys were also considered for the material makeup of the 
spcwmft. SpedRcally, berylium, aluminum-nthium, AI-Fe-Ce, and AI-Fe-Si were 
considered. Beryllium has a number of applications where the high s& of the material 
can be used to optimise weight and volume, and also raise the natural keguency of the 
3 .  
strudure to avdd resonance problems. In addition, beryllium can be used for antenna 
pointing mechanisms as well as solar may drive medranisms. Because of the high metting 
. point (1 278 C) and low density (1 -85 g l d )  berylium can atso be used br the nose cap of 
the aerobrake stnrcture. Berylliym has a modulus to density ratk 6.4 times greater than 
aluminum. In addition, beryllium 's hlgh strength k denslty ratk, Its high spedflc heat, 
and high thermal conductivity proved to be the best choice In comparim tD A-Fe-Ce and 
Aluminum-lithium alloys have a 5.20% increasad modulus of elasWy and an 8 toys% 
reduced densiv compared to present spacecmfi aluminum strutud alloys . ~udermore, ?he 
cost of AI-U may soon be cut below that of cornre- aluminum because the aiby can now be 
formed superpla In addition, aluminum alloys such as At-Fe-Ce 
and A!-FeV-Si have de rkr elevated temperaturn strength aver 
required to have a high degree of -w,b'-bh MghstrenOthd 88. 
Inkwearthor#t,maWWwilbe repeated themral #am 2m@l=@ 
-2100F. to ulttevklet r a m &  to u h  high vacuum. In higher Mbtls zmh as + 
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high temperature strength, toughness, and oxidation resistance , and a maximum 
tmpmture of W F. The major proMem with ceramic mabbr 
of a dense body with unHenn 
mere not chooen for our 
Basic requirement kr thermal Contror 
to of cmokkwn during sukf 
in GEO must be able to 
radlatkn,enda 
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QF POOR QUALITY 8 
WITH IPE a09 Wi'rX k ~ 0 . 8  
TEMPERATURE -1OOTO +80 C -100 TO +10 C 
ENVlROMWT w, e-#+,VAcfl W, VAC, dT 
ELECT. CONDUCTIVfTY ~ 1 W M - 1  0rV-1) 10A-B ~10"-17(drm~l#n~l)  
There are howevef some limitatkns in thermal contrd d n g c l ,  these are as klkws. 
S -13 OLO(ZnO/FiN-602) #TV 602 DISCONTINUED, NEW SlUCONE BINDER 
FOR QUAUFICAVON 
ZOT (Zn2TiO@UCATE) ABSORBS MOISTURE, HARD TO CLEAN 
2-93 (ZnO/SIUCATE) ABSORBS MOISTURE, EASILY CONTAMINATED 
Al OR AglEFLON LARGE AREA APPUCAnON DIFFICULT 
M I T E  SILICATE PAINTS 0IFUCUl.T TO APPLY AND CLEAN 
SILICON CARBIDE VERYEFFECTlMK)RRCC,ACC 
TEOS INCREASES OXIDATION PROTECTlON OF SILICON 
cw3BlDE 
sTRUCTURALCOAnNGiS(LOwABSORPTANCE, LOWrnANcE) 
NO WAUFIED PANT-TYPE m n w s  AVAILABLE 
Carbon-carbon compodte materials offer the beneiits of good strmglh and ~oughess at 
very high temperatums (up lo 25000C). They have a very b w  derrdlly, tess than 25 
percent of the density of superabys and 50 per#nrt the dells#y of mcmoithk ceramics and 
ceramic matrix composites. Carboncart>on components have a rnaxknum operatkn 
temperature of 25000 C which is much higher than that of ceramic rnaldx cmnpodtes and 
rnononthk ceramics. Carbon-carbon composites do have some draw badrs, sucCI as oxidation 
contamination and poor quality in fabrication. Hmmver, the ox#atkn can be terminated by 
applying protective coatings. Carbon-carbon have high strm potential, 
ultimate stress > 40,000 psi, E >1 o7 psl,high chemical mRtu. TMP > 7400 
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In oxidizing envitoments, carboncarbon parts must be coated and sealed with silloon 
carbine. Becauseof the h thermal eqmmbn between the sillccnr carMde and the 
carboncarbon part, the coating devekps microcracks -81, these mda can be 
impregnated with with tretaethmsiliGale (TEOS). This ~ O C ~ S S  
all of the miemcracks, enhandw the oxIdatkn p o t d o n  of the carbonarbon substrate. 
Applications for advance carboncarborr indude thermal proteclion systems and 
spacecraft structure. Because the primary structure which can be made a4 ACC which can 
operate at very high temperaturesm insolation wwld be required. If ACC can be developed 
for these retrofitable contrd surfaces this would result In a signlflcant wdght reduction over 
the conventbnal two skin con-. For instance, a weight savings of 5000 lbms would 
be obtained for the Space Shuttle. This is why ACC has been seleded to be one of the pri 
materials for our 
S h r d i e s d o n e o n t h e s p a c e s h ~ ~ e ~  thatnewoxklatbrr 
can decrease the mass kss during reenby heating cycles. It was kund that for a simulation of 
100 missbns, a m a s  loss of .02 bm1112 for the RCC was obtained,whereas oxidatbn 
resistance of the coated and sealed ACC was twice as good as the basefine RCC. Furthermore, 
the additbn of a low-temperature glass former sbniflcently reduces mass kss. The mass bss 
for three cadmwarbn materials, RC-0s. ACC/SICTTEOS/MAP and, 
ACC/DSiC/TEOSrrmAP in a study showed that the addition of a b w  temperature glass former 
significantly reduces the mass loss. FurthemKKe, the oxkkt&n 
improved by riodifyin~ the baseline silicon carbide coating (DSIC). This 
coating has 25 times the oxWatkn of the Shuttle baseline RCC material. 
The boun&ng of thin -epoxy face skim onto aluminum ho 00reprrnrMesforan 
< + 
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fiber-reMmed plastic co . They terluce weight and - j 
polyurethane shock foam In a mdwich configuration have men to bie effecdv~ & 
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i and 
resfstance coaling8 and sealants. Future 
systems, and hot sbuchm, 
advance coating sealants Is expected to yield additknal f m p r o v m  in 
protectbn and increase maxknum use tempefatm. 
, we selected gnephite-epoxy Ilw the instnrment bus as , 
for the ptimaty structure because of the pmpMi88 given above. RCC was 
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1 
well in all of these crfterla except for raked elliptic-cone shape which has a problem 
with frustrum edge heating. 
Aerobrake size study considered a shield with two payload carpobays each1 8m 
long and 4.5m in dWter.  The reason fw two cargo bays is due to the cargo's (Mars 
Airplane)large dimensbn. The first study considered placing two cargobays end to end 
against the shield (figure 1) but was ruled out due to instability of the configuration 
during aerobrake and reentry. W a s h M  is made larger to aceamodate the length then 
the result is a larger and heavier shield of well wer 400 m2 and 2000 kg. A larger 
shield is extremely elastically unstable. 
lguro 1 Payloads stadced 6ftd to end 
The second configuration Is two bays of length 18 m and 4.5 m in diameter which 
are laid down on their sides against the shield (figure 2). An advantage is a more stable 
configuration for aerobraking and reentry incomparison to first design. This requires a 
larger shield area in the range form 243 m2 to 425 m2. An area of that size will result 
in a massive shield of 2000 kilograms but can protect the spacecfafi from aerodynamic 
heating. However, a shield size of 243 to 425 m2 will under go elastic instabilities 
during aerobraking and reenty. 
;"'v= ' * 8ldevfew 
cargo bays laid side to skle against shield 
The cham (pnfipuratlon (figure 3) Is two c a r n y 8  18 nr brig and 4.5 
diameter W e d  in half WJCI r4sdc . or) _. lopof e q  ,< 0th~ dDwn w w t  3 +,> % th@ . s 
This will result In a r rhleldaread154&~nda+,~seofmacrsto*(# . > -  . _ 
kilograms. Also, the decrease in shield area will increase the 
shield du- 
fbun 3 four c- b a ~ ,  two bays stacked on top of two bgy+ 
f' 8 
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Av equation Av.gol+ln (M J M  1) where the (initial mass) Is 231 2.4 kg, Iq is 300 
seamjs, end is 9.8 m/s2* Profile separation maneuver is shown belowin figure 4. 
figure 4. acceleration profile of separation 
bit t r m  De- 
Deorbit transfer will begin from 500 km above surface to 244 krn at 
atmospheric entry. Trajectory for deorbital Hohmann transfer has been calculated by 
Mission Planning subsystem. The resulting Av is 1 16 m/s and the for deorbit 
engines is 300 seconds with an initial reentry mass of 2312.4 kg. Using Av equation 
and salving for final mass (Mo wMdr is 2223.03 kg therefore, amount of fuel needed 
for this maneuver is found to be 89.37 kg. The tank size is 52.2 cm in diameter 
containing Hydrazine of density 1200 k~lm3. The total time for the deorbit transfer is 
found to be 6674 seconds. 
d of 
Reentry is performed by numerical methods to simulate reentry into Martian 
atmosphere. The initial parameters for the code are p (Om), R (radius of planet), a, 
(atmospheric surface density), 3 (density), ra (angle of reentry vehkle), 8 (attitude- 
density constant), A (spacecraft frontal surface area), +(parachute area), m (mass of 
spacecraft), Cg (ooeffident of drag), D (drag on shield), Dp (drag from parachute), At 
(time inuenunt); vd ndv (inithl' x aid y . x i d  
Y-oa 
time increment 
<( 4 
The code simulates a reentry vehicle entering the at 244'krn above the 
8urface and traveiing at a velodty of le of 
giving the time, angle, 
s I . : 
a.. 
+ - 
- .  
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An altitude of 6000 m was chosen based on the velodty the reently vehicle in 
comparison to the Viking at the same altitude. At 6000 m the Wing vekdty is 4800 
m/s while our reentry vehicle is traveling a mere 705 m(r, because the frontal area of 
our spacecraft is 154 m2 while the Viklng area is about 2.22 m*. Therefore, Viking 
area produces extremely less drag in contrast to the reentry vehide which has a greater 
deceleration than Viking. 
Parachute diameter is found by using the equation vt = 42mglCgaA. Since the 
altitude is 6000 m then the a (density) can be determined by using the density function 
found in algorithm code.- The known variables are m, g, A, and Cg for the reentry 
vehicle. Therefore, the values for the vehide are m12114.7 kg, 94.724 m/s2, A1154 
m*, and (20-1.75 then vp 106 mls. Therefore, we know the velodty at which the 
vehide will be terminal k 106 m/s and the parachute coefficient of drag is C w . 5 8  and 
substituting into the same equation and then solving for A (area). Therefore, the result 
is a 24 m diameter parachute. This value b used in the algorithm. 
From an altitude of 6000 m at 70.5 m/s the vehide decelerates to 37 m/s or 
Mach 0.154 at an altitude of 1500 m then the chute is separated and the part of bottom 
shield is separated, expodng the landing gears and retro-rockets. Since the simulator 
does not take Into account the tetro-rockets of the vehide then back of the envelope 
calculations are used to solve for acceleration and time from 1500 m to the surface. 
Assuming when retros are fired, descent is a constant acceleration and parameters at 
parachute separation are initial conditions at 1500 m and final conditkns are at the 
surface. Also, assume that velocities and accelerations are zero in the x4r-n since 
the angle of vehicle is 90 degrees. Then constant acceleratkn and time can be solved 
using free fall equations: ymyel /2(vy&vy)t and vy=vy&ayt, where yoand vp are 
initial conditions and y and vy are final conditions. lnitfal values are velocity is -37 
m/s and altitude is 1500 m and final values are vekdty is zero and altitude is zero. 
1MIO m. The mtke 
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The energy per battery cell is 32 W-hr/d. Themfore, the number of battery cells 
required is 76. The battery capadty (C=PLT@ODXV ) Where the Depth of Discharge is 
45% therefore, battery capacity is 341 ampemhour. Battery weight is the stored 
energy divided by watt-hourkg and for nickel-cadmium watt-hourskg is 
approximately 25 therefore, battery weight is 97.8 kg. 
-
Landing gear is constructed of aluminum with honeycomb aluminum shock 
absorber. The pads are circular cone-shaped disc with down-turned rim to prevent soil 
spray and to gain maximum Mtatbn on porous material. Additionally, when the reentty 
vehicle makes a soft landing, sensors in the foot pads input a signal to shut down the 
descent engines. 
An assumption must be made that the Mars base has heavy lift machinary capable 
of lifting equipment of Shuttle cargobay weight . Also, the capability to separate the 
bays from each other and the reentry vehide. Therefore, the are opened after 
they have each been separated from the reentry vehlde. ~ u r t h e m .  the bays are 
opened by lifting the upper section which exposes the aircraft components. 
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The analysis of the AACS system will be carried out in four parts, one for each 
phase. Only the most important efWs will be oorrsMered in each 
The forces acting on a space craft produce toques. These loques in turn produce 
an angular acceleration, and a rotation. The job of the attlhrde control system k to stop 
this motion, reverse the direction of motion, then stop the motion in the correct place. 
To stop the motion, 
(@[fa) t)disturbance = (@fa) t l  )control 
Where alfa is the angular acceleration, and t k the time involved. The time to 
stop motion is then given by, 
t l  = ((alfa) t)disturbance/((alfa) t)control 
The amount of turning of the spacecraft k given by; 
Theta = (Ob(alfa) t2 )disturbance - (O*5(&) 41 )control 
The attitude control system must then repoint the spacecraff In order for the 
final rotation to stop as the coned angle is obtained, half the time must be spent 
accelerating, and half decelerating. To correct half the angle. 
(1/2) Theta = (O.S(alfa) t22 )control 
or for the total angle 
Theta = ((alfaIt2 * )control 
Since this angle must equal the total angle produce by the disturbance, and the 
correction bum to stop motbn. 
((alfa)t22 )control = (oO5(a1fa) t2 )disturbance - 
(o=s(alfa)tl *)contro~ , 
Solving for Q, and 11, and adding these gives ttotal. 
ttotal = t2 + 41 
For hydrazing Jw R 288, wlth two 0.89 N F 1.70 Ns go = 9.8 
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internal . Slce lhd OIas 'm extmdd booms, 
2-4; 
internal toques ~ t e  tndjnO bqum only, since 
they an, tb (.* N). 
10.68 Nm - 2 (156)(atta), $re maximum turning rate is determined by 
the atWude o o M  system. 
(ah) = 0.034 r a d l d  ', * ' .. r f". 
theta - 1/2 (atfa) t2 . z;; 
If maxtmup misdfgnment 
( +pUl$) b given by: turn solar away p B  
trealign , (2 ~ ( ( ~ , o ~ ~ ~ f l b P  ;' 4% --* a:r,- ;.n. s. . . 
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Ushrg 1, and 2 
amry pointkrg requkements, as fer as turning m, s h d d  be less of a 
problem than at Earth so an anslyaia wil not be done. Even if the required bminp is 
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in cahhting ihe time for i d u d o n ,  theta hlW = O. theta &at'-% b;. * >G 
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omega ~n~s l - ' 0 ,  omega f~ = 0, .~hl ~lhl': 62 i 106 t 
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t2-2(4 p111.04 x 10-4) - 492 rsc k~ total turn around.. This is about 8 mb.. 
which is only a mall  fraction of the total orbit the. Also the only half the turning is 
done in space, the rest /b done while in the atmosphere. Since 10 turns are needed, the 
total firing Ilm is 4920 mndr .  Using the hp bnnula mpJ.1 kg 
Awtude control in the amnosphere will be the hardest to determine. We are 
assuming the spacecraft is stable, that is it wiU tend to keep the aetokake in front, 
while in the atmosphere. Therefwe a constant on the shield is not needed. With a 
large shield, however, wind gusts on one part of the shield could produce a signfficant 
toque. It is impossible to determine how much of a toque, since AEROB does not say 
how far into the atmosphere the spacewaft goes Therefore no calculatkns will be done 
in that area. 
After aerobraking is done, and final OM is reached, a s m l  delta V bum will be 
made to move the re-entry vehicle away from h e  instrument bus. Using a mass of 3000 
kg for the reentry vehicle, and an isp of 288, the fuel requirement work$ out 'lo be 
around 2 kg, from delta V = Isp go In(M1IM2) equation. 
Phase 4: Mars Orbit 
For the Mars orbit the major effects are, internal, and external toques, and 
gravity gradients. Assuming the solar arrays turn 2 pi radians per day, the analysis is 
similar to phase 1, except with smaller arrays. Therefore, since fuel requirements are 
less than 1 kg, no further calculations will be done with internal torques. 
Worst case for the gravity gradient is if the sdar array is positioned in swh a 
way as to have part of the anay doser to Mats, than the rest of the satellite (see figure 
2, page AACS-12). In actuality the solar array rotates in such a way that it is either 
horizontal with the surface, perpendhlar to it, or somewhere in between. It should 
rarely be perpendicular to It, so in our analysis we are assuming it is 45 degrees from 
2.845020432 m / o B d 8 ~ ~ ,  Q for the solar anay b 2.8280 The 
difference is 1.8 x 10-8 li\/88dsec, over'& f .23 meter cWwem in altitude. 
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In chosing between 3-axis-active, spin, or dual spin stabilizatkn methods, 
Things llke instrument pointing, solar panel pointing, and complexity needed to be 
considered. Dual spin was boo cxwnplex, and masshre, simple spin did not alkw for a 
means of pointing instruments, so the obvbus choice was 3-axis-active. 
Two systems are capable of providing the needed torques to keep the spacecraft 
pointing in the right direction. These systems are mass expulsion, and control moment 
gyros (CMOS). A combination of these is also possible, with an increase in complexity. 
This is the method we chose, for our spacecraft. It has the main advantage of reducing 
control propellant, at only a sIbM increase in system mass. Overail sygtern mass will 
probably be less, however. 
This reduced mass, end increased reliability are important for the space craft. 
The CMOS also allow for smoother, more precise twning, when needed* They also add 
stability if a control thruster fails. 
In selecting components for the AACS, top priority was gfven to existing, and 
proven comppents. This reducer, ast, and inw- r W W ,  because the Gomponent 
has already had the bugs waked out. 
. . 
Our final attitude control design consists of 26 control thrusters, placed on the 
spacecraft. 12 are placed on the satellite, 12 on the reentry vehicle, and two on the 
main p&ulsbn system these thrusters are placed so that they Qply moments through 
the center of gravity, on both the spacecraft, and the satellite. The instrument bus also 
has a set of control moment gyros, placed at the satellite's center of gravity. These 
reduce the fuel consumption, resulting from alternating toques, or torques that are 
applied In one direction, and then the other. The CMGs store the energy during a toque 
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and -1. These missions greatly influenced the path in whlch the research 
the heart of orbW sensor technokOy ls based right here at Earth. In the case of each science 
objective, an Earth mission has akeady been perdomed for a similar purpose. The second 
category induded space probe misskns sudr arr the Mariner and Mariner Mark II programs. 
These programs provided an insioht into the types of instrumentation used in modern space 
exploration. The third and most useful is what we will call the maps science category. This 
induded all prkr Martian studies as well as planned mars missions such as NASA's 'Mars 
Observer' and ESA's 'Kepler Mars Orbitet. These two missions were of prime importance as 
they have the same science profile as the mission under study and are both scheduled to fly prior 
to this missions launch date. In both obiter, a detailed look at each instrument and the 
corresponding requirement provided several possible mission profiles with which to choose 
from. 
Trade S- 
First we will examine the European Space Agendes Kepler Mars Mission. In Dec(82). 
ESA publish a 'Phase A' study report on plans for a mission to mars that was to be launched in 
the mid 1990's. Generated in response to an RFP issued in July of 1980. Kepler is to be a 
comprehensfve Mars science missbn with almost the exad same goals that are now in 
conskleration. Though the mission is on hold, the report does explain, in detail, the science and 
planning phases for ESA's proposed interdisciplinary mars orbiter mission. The Kepler orbiter 
has many advantages in that it meets the guidelines given in the RFP concerning off the shelf 
technology, cost, availability, and reliability. The disadvantages of this payload consist of slight 
differences in science goals. 
Next we well examine the Mars Observer Mission. Announced in April of 1985, Mars 
Observer will be deployed as part of a SSEC strategy for the exploration of the inner solar 
system. It will be designed to work within an adapted Earth-orbital spacecraft structure that 
has no allowance for scan platform mounting. A tist of the planned paykad instruments is 
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sdence m wou# dictate. In response to this, research was in the area of apace born 
to9ographk: and atmospheric &w mapping was done. This researdr led to synthetic-aperhrre 
and atrn. sounding radar technology and then to ESA's AM1 unit. PIanned for use aboard the ERS- 
1, it is of performing both types of work with a aceuracy.(see p a ~ e  sci-11) 
Tentaflve Mission Profile; 
In the flnal analysis, the deddon of the science division is to paltern the majority of the 
science payload after the Mars Observer mission. -ugh the eq~ipfWnt used In the Kepler 
mission was a refinement of prevkusly developed technology and of less cost, the NASA 
hardware had the advantages of superior resolution and data quality as well as being developed 
by 'Home Institutions'. A second consideration in this choice is the fact that Mars Observer will 
have flown prior to this mission thus balancing Keplers major advantages in prior use as well 
as the desire for 'off the shelf hardware ~el8ction. Besides fw the M.O. equipment, provisions 
have been made for a C-band Active Microwave Instrument. To be obtained either through the 
ESA or via home development, the decision whether or not to indude AM1 on the mission win 
depend on an environmental estimation of dust storm interference with the mapping 
spectrograph and accuracy requirements for mapping and atmospheric Ikw. The superior data 
resolution and tderance of atmospheric conditions make the AM1 a dedrable addition to the 
Mars observef paykad. 
problem Arsa'c 
The primary source of trouble is the data volume produced by the science and 
imaging payload. With an average data generation rate of 100.73 Ms/sec during orbit 
(73Kbs wlo AMI-SAR running) and a maximum transmission rate to earth of 270Kbs. 
we are left with p e W  of heavy data baddog. In response to the proMem, data 
teductbn techniques will be employed on the AMt-SAR data(100 Mbs) that will reduce 
it by a factor of two to three in complete form and by a factor of four to five by data 
filtering. 
remove undesired 6ndlor u n & ~  data p 
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M m  C o n s i w o n s  and O~tions; 
At this point, several inconsistencies in the basic premise of this mission should be 
addressed. First, and perheps the most impoftant, is the fact that prkr lo the establishment of 
a Mars base, this very mission woukl be an absolute prerequisite bor almost all of the planning 
stages. Thus the assumption must be made that the Mars Observer or m e  similar mission 
would have to have been fkwn. Thmugh anafysis of data acquired for the planning of the Martian 
base, a better and more specialize set of sensors may be in order for this mission. Based on this 
situation, the science division has provided a list of alternate science equipment(page sci-11) 
that would still be applicable to given science requirements, but would provide scientists with a 
greater diversity in data type for analysis. 
Included in this list is the previously presented option of the AM!. Ws original addition 
to the mission was for the expressed purpose of acquiring the more detailed atmospheric and 
topographic data. It is, however, the opinion of the science divisions that the AM1 will be a first 
round choice in this modified equipment roster and thus it has been designed into this mission in 
order to lower the cost and development time of the iinal mission paybad. 
The next piece of equipment in the alternate list is the x-ray spectrometer. X-ray 
technology has been used in several prior missions to mars with perh8ps the most pertinent 
example being the Mars 5 which, using a simple x-ray spectrometer, obtained a WU ratio of 
2,000. This value was later revised to 8,000 and thus leaves the results highly in doubt and 
makes it desirable to include a modem version of this equipment on our mission. It will also 
provide a rescan of the 10-7 to 10-13m spectral band thus covering the the gaps, in the 
spectral range, left by the Mars Observer Payload. 
Lastly, we have an abstract from the instrument list for the Kepler mission that 
contains the most useful substitutes for the present selections. Included in this are several 
instruments given within the strawman paybad provided in Mars Observers original 
interest to reseamhen Por both second prkw 
please find a rough working diagram of o&bf complete wlth tentative pslybad dls ns. 
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SCIENCE BNVESTBGATORS AND INSTRUMENTS I <  
MARS OBSERVER SCIENCE 
VER 1992 MISSION CODE El. 8RIEnW 
JpL DEFINITION OF PAYLOAD 
0 BRIEF INSTRUMENT DESCRIPTIONS 
* FACl LlTY INSTRUMENTS: 
VIMS: A'YULTISPECTRAL GRATING SPECTROMETER COVERING THE BAND 
FROM 0.4 p TO IlI2 p I N  320 SPECTRAL CHANNELS. REQUIRES COOLING OF 
THE FOCAL $CANE ARRAY TO 87 KELVIN. MASS 22 kg, FOWER 11 W A n S  
GRS: MEASURES GAMMA RAYS FROM 0 2  TO 10 M.V AND THERMAL NEUTRONS 
SORTED INTO A 8196 CHANNEL PHA. HAS ABILITY TO MEASURE GALACTIC 
BURSTS. IS MOUNTED ON A SEPARATE 8 m BOOM. THE GERMANIUM CRYSTAL 
DETECTOR IS COOLED TO < 100 KELVIN. MASS ZS kg, POWER 10.3 WATTS 
* RS: AODS A US0 TO THE SIC TRANSPONOER TO ALLOW TWO WAY LOCK-UP 
AT OCCULTATION EXIT TO MEASURE ATMOSPHERIC EFFECTS. PRIMARY 
EXPERIMENT FOR THE MEASUREMENT OF MARS GRAVITY FIELD. MASS 1.6 kg, 
POWER 2.8 WATTS 
o PI INSTRUMENTS; 
TES: CONTAINS AN INTERFEROMETER TO MEASURE MINERAL AND ICE 
COMPOSITION BY THERMAL EMISSION BAND FROM 6 3  TO 50 r; AND 
RADIOMETRIC CHANNELS FOR A MEASUREMENT OF BROAD BAND 
REFLECTANCE (03 TO 3.9 r )  AND RADIANCE (03 TO 100 #I. MASS 11.7 kg, 
POWER 15 WATTS AVERAGE 
* MOC: A LINE SCAN CAMERA WITH TWO WIDE ANGLE (GLOBAL COVERAGE- 
7.S kmPIXEL IN 2 COLORS) AN0 A OUAL RESOLUTION NARROW ANGLE 
(480 m/PIXEL OR 1.4 m/PIXEL) OPTICS TO STUDY ATMOSPHERIC AND 
SURFACE FEATURES AND CHANGES. MASS 11.0 kg, POWER 7.5 WATTS AVERAGE 
0 PMIRR: A LIMB TO NAOlR SCANNING RAOlOMETER WITH NINE SPECTRAL 
CHANNEL$----5 FILTER CHANNELS AND TVW PRESSURE MOOULATED 
CELL CHANNELS (C* AN0 Hfl) AND TWO UNMOOULATED CHANNELS 
AT THE SAME F REQUENCIIES. PROVIOES SEASONAL MAPPlNO OF 
ATMOSPHERE, COP H20 AND DUST. REWtRES DETECTORS TO BE COOLED 
TO < 80° K, MASS 8 . 7  kg, POWER 29 WATTS AVERAGE 
o MAG: DUAL TRlAXlAL F LUXGATE MAGNETOMETERS AN0 ELECTRON 
REFLECTOMETER SPACED AT 2 INTERVALS ALONG A 6 m BOOM. 
TO ESTABLISH THE NATURE OF THE GLOBAL MAGNETIC FIELD AN0 
SEARCH FOR CRUSTAL ANOMALIES ON THE SURFACE AT THE RATE 
OF 2 TO 16 VECTORSisec. MASS 4.4 kg. POWER 4 WATTS 
@ RA: A Ku-BAND 113.6 GHrl RAOAR ALTIMETER AND RADIOMETER TO. 
MEASURE SURFACE ELEVATIONS TO < 0.- AND SURFACE BRIGHTNESS 
TEMPERATURES AT 13.6 GHt TO A PRECtStON OF 2.5 degrees KELV1N. 
EMPLOYS A 1.0 meter, NAOlR POINTED ANTENNA. MASS 24.5 kg, 
POWER 28.3 WATTS 
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In designing the power and propulskn subsystem (PPS), mission 
requirements had to be kkmed. 'These induded urn of off-the shelf hardware, no use of 
materials or techniques expected available after 1998, and a simple. td 
and kw mass design. 
To accommodate these requirements, other subsystem requirements were 
created. First, the subsystem must have a capability to interact with other spacecraft 
subsystems. These interactions include providing pow81 for the Ma, CDC, and science 
subsystems, accepting commands from the CDC subsystem, and sewljng telemetry to the 
CDC. The PPS subsystem must also be capaMe of sensoring inputs, such as temperature 
data, and controlling outputs, such as powering rekys. Finally, the subsystem must be 
self-powered. 
A method of attadc was needed In order b help develop a PPS desfgn that met the 
mission and derlved requirements. First, the PPS subsystem was divided into its two 
major sections, propubkm and power. Next, research was done in each section to 
identify and collect data on caffererrt options that ooukl be used. Then, important areas of 
t b  options were #enMed, ranked kr importance, and @en a ratbg value that was 
incorporated into a decision selection equation. The best optkn in each section was then 
chosen. 
For the propulsion sectton, the options chosen were put into two subsections, 
corresponding to stages. The first stage is composed of the propubion option used to get 
the spacewaft frwn Earth to Mars. The second stage is composed of the propulsion option 
used in aetobraking and drcularlzation maneuvers at Mars. Each #entifled fuel types 
and chose the best, identified fuel requirements fw the stage, sized tanks, identifled and 
chose pumplng systems, dzed engkres, and finally devekped a gage anfigurn-. 
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its use not cause h and safety rtre use of memry and 
cesium.[2] 
Once the fuel was chosen, a specifk amount of fuel needed to get the -8 b 
Mars was determined by the migslon planner. This amount was determined to be 1393 
kg. The tankage factor for xenon fuel was kund to be higher than that of a chemical fuel ( 
.18 to .06 ). With these numbers, a tank mass could be calculated. This value h m.8 
kg- 
A choice of pumping systems was simplified by finding that the cryogenic system 
needed for xenon would not improve tank fuel mass capabflfty enough lo off-set the mass 
of the cryogenics. This then effectively eliminated a turbopumping system from 
consideratkn. A pressurized fuel feed system was then chosen.(See Fig.1). This system 
would be much less massive than a ~ryogeni~-turbopump feed system, and has been used 
frequently with xenon ion propulsbn tests. 
E m  data was then gathered, which included different sizes and arrangements of 
bn  engines. Each warr ampafed, and a m i n e  module with 30 cm kn engines wgs 
select- This engine arrangema has the edvsntage of using k+s~ , hence 
less massive, than comparable Bi-Mod (2-engine) systems. The 30 cm engines have 
been researched and tested more thoroughly than any others, and have been used with ttre 
duster module. 
Each engine with gimbal has a mass of 18 k ~ ,  a design p o w  input of 8 kW, and a 
projected thnrst/power ratio of 63 mN/kW, which is a 29% increase from the todays 
maximum ratio.[3] 
The engine module requires 2 neutraJkers, 4 ewhe power processing units 
(PPUs), 2 neutralizer PPUs, and 3 power supplies per engine and neutralizer PPU. The 
total mass of this module, excluding engines and gimbals is 180 kg. 
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F;j , an engine was needed for the second stage. Research was done to find 
r;j 
engines of minhal sizrt that had p8rfonned similar functbns to ambraking. A lunar 
pj moMe descent engine was selected because of its Mul mass (181 kg), proven 
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performance with the fueVoxidlzer/pumplnQ system selected, low fated lifetime (809 
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Since projected data was used in sizing oi oomponents, 
reasonable tecilnokgical advances must be made in these areas for the design masses and 
sizes to be accurate. 
Also, the bn  engines cant be operated during eclipse times, s h e  batteries are 
not provided and would not be cost or mass efficient. This could lead to bnger trip times 
than expected. 
Finally, assembly in LEO is required. Advances must be made in the area of space 
construction in order to provide the necessary support. 
SEPS system was chosen over the 
chemical and nudear propulsbn systems because of its low mass, among other things. 
Xenon fuel was chosen over mercury and cesium hrels because of its higher spedfic 
impulse and safety in use. For the second stage, lkluid chemical propulsbn was chosen 
over solid chemical because of its throttling and restart capabilities. UDMH was chosen 
over liquid hydrogen, RP-1, and hydrazine because of its high specffic gravity, bw 
freezing rrnd high boiling points. Nitrogen tetroxkie was selected wer liquid oxygen and 
fluorine, and hydrogen peroxide because of its high specif& gravity, and hypergolic 
characteristics. A pressurized gas fuel pumping system was selected over turbopumps 
because of its bw mass ans higher reliability. Solar cells were chosen wer RTGs, 
RFCs,and nudear reactors because of bw cost, large availability, and no safety concerns 
in its use. Finally, QaAs cells were chosen over Silicon cells because of their large 
availability and Ni-Cd batteries were chosen over lead-add, nickel-and lithium- 
hydrogen batteries because of their p e n  effectiveness in space applications. 
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latraductian 
As spedfied in "Request for Proposal and Pteliminary CWgn of a Manned Mars Aircraft 
Space Delhrery System" (RFP), the Command and Data Control subsystem (CDC) has been 
defined. The CDC pravides data and command links between Earth sud .the spacwdt. To control 
the data and commands, the CDC encompass the w s  cocomputers, and in that capacity, 
controls the spacecraft. On board computers will ptovMe data and command acquisition, 
processing, storage, and relay. In this report, the method of attadc used to fulfill the RFP 
requirements will be discussed, kibwed by the RFP requirements relating to the CDC. The 
trade studies used to select CDC mmponents will be covered, folkwed by a look at problem areas. 
Finally, the integrated subsystem will be examined in detail in a system overview. 
-
This is tha procedural algorithm used to achieve the goals set forth by the RFP. The 
steps taken are: 
1. requirements from the RFP and dass notes, noting CDC general and sQecific 
requirements. 
2. Define a set of working spedffcatkns to describe the subsystem and it's actions. 
3. Collect options to fulfill system requirements and spedffcatkns. 
4. Conduct trade studies to optimke the subsystem cdguratkn. 
5. Determine if the selections made in 4 fulfill the requirements and specifications. If 
not, find more options or rewrite subsystem specifications, or make leis optimal selections. 
6. Integrate the subsystem. 
7. Derive an implementaton plan. 
8. Write the final report. 
9. Prepare the corresponding presentation. 
I Get requirements RFP 
Class notes I 
Produce subsystem 
specifications I 
I (no 
Integrate 
l~roduce an implementation plan I 
I (no 
l t ive  presentation I 
Fig. CDC- 1 
In the RFP, many requirements were put forth . A number of requirements apply to the 
CDC subsystem, both generally, and s9edRcalfyg 
The general requirements are: 
1. The project objedhre is to develop a conceptual design for the spacecraft system 
required to deliver an aircraft to the Martian surface. (The key words here are "conceptual 
design"). 
2. The spacecrafts components will be delivered to orbit by the Space Shuttle, and will 
be assembled onsrbit. (First, everything mwt flt within the Shuttle bay, and second, it must 
be constructed for easy on-orbit assembly, if any is needed). 
3. Nothing in the spaamaft's design should preclude it from petforming several 
possible rnisskns, canying vastly different payloads to different destinations. (Do not limit 
the spacecraft to just this mission). 
4. It should urre off-the-shelf hardware where available. (Do not Imrent new 
technologies where exlsting technoktgles will fulftll the requiremen&). 
5. It should not use materials or technkpes available after 1998. 
6. The spacecraft will have a design lifetime of four years but nothlng in it's design 
should preclude it from exceeding this lifetime. m e  design lifetime will be assumed to begin at 
Mars arrival.) 
7. The design wfll stress simplicity, reliability, minimum mass, and b w  cost. (Keep it 
simple, inexpensbe, and reliable). 
The spedfic requirements are: 
1. For the purpose of system Integration, the Command and Data Control subsystem is 
identified. 
2. The vehicle will use the latest advances in artificial intelligence (At) where 
applicable to enhance mission reliability and reduce mission costs. 
3. After the paybed has been delivered to the surface, the rest of the 
as a relay satellite lo support the aircraft. 
The requirements put forth in the dass notes are: 
1. Collect telemetry from the subsystems. 
2. Send telemetry to the ground. 
3. Send commands to the suhsystefns. 
4. Send power switching commands for the subsystems. 
5. Receive power from the Power and Propulsion Subsystem (PPS). 
6. Control outputs: 
a. Power switching. 
b. Telemetry to the ground. 
a Commands. 
7. Receive inputs: 
a. Telemetry. 
b. Power requests. 
c. Commands from the ground. 
8. Components: 
a. Computer. 
b. Radb. 
c. Antenna. 
In order to complete these requirements, and to integrate the CDC with the rest of the 
spacecraft, further specifications were needed. 
The CDC specificatkn~ are: 
1. The CDC is responsible for all on board computers. This does not cover special control 
logic needed for the w n t d  of specific equipment. 
2. The CDC is responsible for Earth-spacecraft and Mars-spacecraft communications. 
3. The GDC will employ Al software to enhance m rdiabillty through eqiy fault 
detection and correctkrr. 
4. Because communkatkns are not possible at all times, the CDC MI be able to store 
data for transmissbn at a future the. 
5. Because of large data quantities supplied by the Sdsnce subsystem, the CDC will be 
able to communicate at the highest reasonable data rate possible. 
6. Because of the Al software demands, a highly capaMe computer will be employed on 
board. 
7. Because of large Al program sizes, and corresponding &ta, a large &ta store will be 
needed 
8. The CDC must be fault tolerant. 
With these specifbtions in hand, options were located, and trade studies were conducted. 
For the purpose of clarity, trade studies have been broken down into two categories. 
Communication equipment will be b k e d  at Rrst, folkwed by computer equipment. 
For the Em-spacecraft communkatbns lhk, both S-band and X-bgnd equipment was 
looked at in detail, along with an optical laser system. Other radb bancls were ruled out because 
of general requirement number four, use off-the-shelf hardware were available. For the same 
reason, the optical laser was rufed out. The laser system would require receiving satellites in 
Earth orbit [I]. Both an S-band and an X-band system were dedded upon. The X-band system 
will be use as the primary data link. The S-band equipment will be used as a backup system. 
High frequencies, such as X-band (8.414 GHz) suffer weather effects [2], so the S-band 
transmitter may be used for very crltlcal data. 
Since the data rate capadty of the Deep Space Network (DSN) is about 270 thousand bits 
per second (kbps) [3), the X-band data rate is set at this value. The S-band data rate is set at 
50 kbps. In case of primary transmitter failure, the backup system will still be able to handle 
Trade 
Communications: 
X-band (27Okbps) 
Uplink 7.161 GHz 
Downlink 8.414 GHz 
S-band (5okbPs) 
Uplink 2.1 GHz 
Downlink 2.3 GHz 
Mars ink (S-band) (10kbpS) 
UNW 2.1 GHz 
Downlink 2.3 GHz 
Mass data storage: 
ROM store: 
Main memory: 
type 1 comment 
Architecture: 
Bubble memory 
Outlined text lndlcates the trade 8 W y  cholces mads. 
lighter, faster, uses CMOS control chips 
most of the sdentlfic data colled (with the exception of the SAR data, see the Science 
subsystem section for more information). 
Without a pause to do a trade study, a parabolic hbh gain antenna was chosen. The 
problem is In the sizing. To size the communication subsystem, a relation between the antenna's 
diameter d and it's mass m was detived in the form 
The constants a and b were calculated from two antennas of known size and mass. A similar 
function was derived for the transmitters, mass versus transmitter power p, in the form 
m=ap+b 
where a and b are constants. 
A relation between antenna diameter and transmitter power can be found for a given data 
rate. The equations that define transmitter power as a function of data rate are as follows: 
Shannon's law: 
Where B is the data rate in bits per second, W is the bandwidth in hertz, and (PdPn) is the 
signal to noise ratio (SNR). 
Pn=kTW 
Where Pn is the noise power; k is Boitzmann's constant, and T is the background 
temperature. 
Where Pr is the received power, Pt is the transmitter power, c is the speed of light, D is 
the distance between transmitter and receive, f is transmission frequency, z is the antenna 
efficiency, dr is the receiver antenna diameter, and dt is the transmitter diameter. 
For a given Pt, SNR, and other values, W can be found from: 
p r  
w= (kT'SNR) 
These bns can be turned arowzd and b f l n d P t ~ a ~ h r e n d a t a ~ 8 .  Notethat 
thereisanefRdencyfactoraccompanylnOtheMm. Only40%ofthe ficalbhratecan 
be achieved (41, therefore B is much larger than the data rates quoted above. 
When all these equatkrw are used together, a minimum mass amfiguration can be found. 
Minimum mass was found for an antenna meter of 3.66 meter$. The vatkaty of this method 
must be questkned. The mass to diameter and mass to power dations were assumed. Are they 
really valid? The size of the antenna agrees with the sire used by many other spacecraft, such as 
Voyager (3.6m diameter) [S], and Magellan (3.7m dtameter)[6]. The process might be 
questionable, but the results are in agreement with other sQacectaft antenna sizes. 
In the interest of cutting mlsslon costs, a 3.66 meter Voyager design antenna will be 
USBC/. 
When the sp-R can not transmit data, that data will have to be buffered. The types 
of mass data storage looked at were hardened RAM, tape, CD RAM (compact laser disk), and hard 
disk (standard magnetic disk). Hard disks are tm sensitive for space borne applkatbns. CD 
RAM technology is new, and data access tbnes are not yet fast enough for most applications m. 
Hardened RAM is too massive for large memory requirements. Magnetlc tape, whkh has been 
used extensively in the past, has been chosen. With the new helical scan techrtobgy, vary large 
data capacities are possibie, about 35.4 megabits per square inch 18). 
The on board Al software and data will need a large amount of random access read only 
memory. Tape provides sequential memory, and therefore Is not a good solution. Hardened ROM 
is massive. The solution is a CD ROM drive. Unlike CD RAM, CD ROM has been commercially 
available for awhile. The optical disk is read by a laser beam, so there I8 no physical contact or 
degradation of the disk. A CD ROM can hdd 540M bytes (91. Fast data aams time also atbws 
programs to run In real time. 
The question of software patches has come up. Since wen the most extensively checked 
software and data will have hidden errors, this & a valid question (even in the extensively 
ched<gd s o b w e  of Apollo 14, 18 errors were found bring it's 10 day mission) [I 01. 
Software patches can still be employed, by use of the tape drives. Write once optical disks may 
also be ansidered if the technology proves out. 
The main memory of the computers will have to be radiation hardened. There are three 
basic choices of memory available, OM reliable (but slow and heavy) core memory, bubble 
memory, and CMOS (kw power, high speed) memory. CMOS is the best choke. 
The main on board computer will be required to run Al software, generally expert 
systems calling various spacecraft simulations. Incase of an emergency, help is about 44 
minutes away, if it is available at all (communications failure). Since mainframes are usually 
required to run such software In real-time, a very powerful, but light and compact computer 
will be needed. The computer will also need to be tolerant of faults within itself. 
There is a possibility that before the technobical deadline, 1998, microprocessors 
such as the Motorola MC68020 or the Intel 80386 may be available in radiation hardened form. 
The question is then, are these processors capable of Al on their own? The Mac II, based on the 
MC68020, is available In a special Al configuration, but il uses a special USP (a leading At 
language) processor chip made by Texas Instruments (1 1). 
Another approach is to buiW a processor board from hardened components. Specialized 
machines can be produced with a wide range of power. Memory word sizes can be chosen 
(usually as a multiple of 4 bits) by using bit-slice ALU's (Arithmetic and Logic Unit) [12]. 
The last approach expbred here is parallel processing (this is the architecture chosen 
to fulfill the requirements). A number of processors are operated simultaneously to achieve the 
computing power needed. This configuration is highly fault tolerant, for all the nodes of the 
processor network are identical. If any fail, the remaining nodes can take up the work, although 
at a reduced speed. This architecture is sometimes called hypercube (also concurrent) 
architecture, and can provide the power of a supercomputer in a small box (131. Computers 
such as this have been buitt and tested for aerospace applications. The SANDAC V is a proof-of- 
principle em multip r computer on the MC68020, and the MC68881 
processors, each with more than a megabyte of memory. the oomputer b d@ 
rugged, or conforming to m ~ g ~ w b e s ~  smdat'ck. 
hardnegs, but a radiatkm hard system could be ccwPtruded akng lines if the MC68020 
Is not hardened. The SANDAC V also 0ftwWe *k9ment, by supporting an extensive 
debugger, the Mgh-level language C, and h the future, possbly ADA. The SANDAC V is rated at 
37.5 MIPS (millbn instructions per second) (141. 
-
One of the largest communicatbn problem ateas Is accurate antenna pointing. The 
spacecraft will be on a Martian polar OM. When the orbital plan is perpendkuku to the 
Mars-Sun line, the antenna wili need only slight pointing adjustments. But when the polar 
orbit is In line with the Mars-Sun line, the antenna will have to be &wed across the sky to 
maintain pointing. 
W people are on Mars, the DSN will not be 8bIe lo handle the da!8 bad. It is estimated 
that a maximum of about 1,500 kbprr would be needed (151. Alternate awnmunications will be 
necessary, such a8 an optical Earth-Mars n e e  C o m m u n m  wouid be much more 
reliable thmugh such a net then by radk to the DSN. The DSN ccnr# then bs used for other 
. . 
purpos~. 
Turning to the computer problem areas, vefiRcation and validatbn of the on board Al 
software wdl be a major problem. By nature, U hr adapt-, and therefore unpredictable. 
Even famous expert systems fike WClN (MYCIN was designed as a tool to aid in the Bagnosis and 
treatment of meningitis and bacteremia infections) have a limited probability of being correct 
(MYCIN was rated as being 65% correct, compared to human specialists rated from 42.5% to 
62.5%) (16). 
The on board computers must be hardened against radiation. This is especially so, since 
the spacecraft will be in a polar o a t  of Mars, where the density of charged particles is 
Iweased d~ b the planers magnetic field. 
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The communication equipment is quite straight forward. There is an X-band primary 
transmitter system, and an S-band backup system. Both of these systems use the 3.66 meter 
diameter high gain antenna. 
For command uplink, the NASA standard Command Detector Unit (CDU) has been b k e d  
at. This CDU standard specifies a maximum uplink data rate of 2 kbps [17]. At this rate, a one 
megabyte program would take more than 66 minutes to transmit. Since Al programs, and 
accompanying data, tend to be large, this 2 kbps rate is ~nsatisfa~t~ry. Possibly a new standard 
will be written. 
To comply with specific requirement number three (the spacewaft will act as a relay 
satellite, and will provide support to the aircraft), a small high gain antenna will be mounted on 
the spacecraft to communicate with the aircraft. Since needed data rates have not been specified 
(and the SNR and other critical informatkn about the receiver is not known), the system has 
not been accurately sized. The antenna will be about 60cm in diameter, and will be used to 
communicate with the re-entry vehide during re-entry. 
The CDCE is responsbk for interfacing atl spac8mff components. it will do a partial 
decode of commands from the ground incase the Computer h charge of the system has failed. The 
CDCE will also be responsible for inter-spacecraft communications. Therefore it will pass data 
collected from science instrumentation to tape reoorders, or to a computer for processing, and 
then to tape for storage, or directly to the operating transmitter. It will also be responsible for 
independently spooling buffered data to the transmitter. 
The spacecraft secondary computers will be able to provide all basic flight functions, 
although they will be underpowered to run Al applications. Two such computers will control the 
re-entry vehicle, both operating simultaneously so that a failure in the primary system can be 
covered as soon as it is detected. The secondary computers will utilize standard fault tolerant 
designs to enhance their reliability. 
w$ /.. -...* 
s:+'., c.r.2:: I .. .  
z.: :.:, c::<:3
CDC high gain antenna 


The primary somputer will utilize parallel processing to obtain the speed and power to 
run Al software. Multitasking will be an integral part of the system, for normal spacecraft 
functions must be maintained at all times. One ongoing task will be to monitor spacecraft 
systems, looking for anomalies that may pr8C8de an impending failure. The computer will take 
inputs from various sensors, such as temperature and stress transducers. W faults or failures 
do occur, the computer will switch to backup systems, or will circumvent the problem in some 
manner. 
The Al software will include a set of knowledge based expert systems, and simulators. If 
an anomaly arises, a simulator will be used to find possible causes. The Al software will then 
take appropriate action. 
Software will be written for various flight phases, such as: system startup, wait, spiral 
out, planetary transit, orbit capture, aerobraking, re-entry phase, and science phase. 
With the equipment and programs chosen, all the RFP requirements are fulfilled. 
[l] Gargliard, R. M., 'OpthI Communica~ns for Deep Space Missions," "~eal-~ime Signal 
Processing Illm, volume 241, 1980 
[2] Yuen Joseph H., "Deep Space Telecommunications Systems Engineering," 1983 
(31 "V-Gram, Magellan Quarterfy Bulletin About Venus and the Radar Mapping Missbn", 
October 1986 
[4] Posner, Edward C., Stevens, Robertson, "Dsep Space Communication-Past, Present, and 
Future", 1984 
[6] same as [a] 
C7] Simpson, DavM, "Erasable Optical Disks: When, What ... Why", Mini-Micro Systems, 
December 1987 
[8] Schwartau, Winn, "Helical scan recording expands tape capadtym, Mlnl-Micro Systems, 
December 1987 
[a] Sony CD ROM Operatkn Manual 
(101 "Project Deadalusn, 1978 
[ l l ]  McClatchy, Will, 71, Apple a-market Al Mac", MacWeek, March 8, 1988 
(121 Mano, M. Morris, "Digital Logic and computer Dedgnm, 1979 
[13] Intel Sugarcube Concurrent Computing Worktatbn Product Brief 
1141 Borgman, Charfes R., Dalton, Lery J., 'An ~mberjded Mu r Computer for Poof- 
of-Prindgle Testing of ExpbmWy Systems ConcepW, 'AIAA Cornputem In Aerwpace VI 
Conferencem, 1987 
[ l a  Clark, Benton C., 'Human Explofatbn of Marsn 
[16] Harmon, Paul, King, David, 'Expert Systems, Artificial Intelligence In Business", 1985 
[17) same as [2] 
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This has satisfied, to the greatest extent possible, all of the mission 
requirements. If implemented, SPLAT will offer efficient interplanetary transportation for 
} ' 
years to come. 
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INTRODUCTION 
Manned planet exploration is becoming more prevalent in 
the space community. Advances in technology are making 
manned space exploration possible. In the future, man is 
expected to travel and explore other planets then his own. AS 
expected, the first planet to be explored will probably be 
Mars. The time frame should be in the earlier 21st century. 
The exploration of Mars has already started with the 
previous fly-by missions and then the Viking Lander. It is 
reasonable to expect that a manned mission will follow. 
Initially, man will probably use wheel type vehicles to 
explore the Martian surface. However the need for further 
exploration and speed will arise. The logical solution, a 
manned Mars aircraft. 
The goal of this report is to conceptually design a 
spacecraft capable of safely delivering a Mars airplane from 
a low-earth orbit to M e  surface of Mars. The Wars Airplane 
Vehicle and Reconnaissance Instrument Carrier (MAVRIC) will 
try to use proven and reasonable technologies to offer the 
most cost-effective and reliable spacecraft. 
Project MAVRIC will utilize an advanced aerobrake system 
to decelerate into a martian orbit. An instrument bus will 
then be released to scan the surface for the landing site and 
the landing conditions. If conditions are unfavorable for 
landing, the satellite will not commit the reentry system to 
a final landing. Instead, it will hold the reentry system in 
orbit until conditions are favorable for a safe landing. 
Later this satellite will supporL the aircraft as a 
communication, scientific, and emergency link with martian 
ground stations. 
PROJECT MAVRIC 
In order to start to design a spacecraft to fulfill this 
mission a Request for Proposal (RFP) was presented. This RFP 
must be digested to understand the requireaents of the 
spacecraft and specific subsystems. The major requirements 
include : 
1. The spacecraft will consist of two primary 
components: the payload reentry system and an instrument 
bus. 
2. The following subsystems are defined for system 
integration purposes: 
a. Aerobrake 
b. Structures 
c. Power and ~ropulsion 
d. Attitude and Articulation Control 
e. Command and Data Control 
f. Science and ~adio Relay Instrumentation 
g. Mission Management, Planning and Costing 
3. The spacecraft's components and payload will be 
delivered to orbit by the Space Shuttle and be assembled 
on orbit at the space station. The extent of space 
shuttle support should be minimized. 
4. The spacecraft will be able to be retrieved by a 
remote manipulation device on the space station or the 
shuttle. 
5 .  Nothing in the spacecraft's design should preclude it 
from performing several different missions. 
6. The spacecraft will have a design lifetime of four 
years, but nothing in the design should preclude it form 
exceeding this lifetime. 
7. The vehicle will use the latest advances in artificial 
intelligence where applicable, to enhance mission 
reliability and costs. 
8. The design will stress simplicity, reliability, and 
low cost. 
9, For cost estimating and overall planning, it will be 
assumed mat four space delivsq systemas wib% be built, 
Three will be flight ready, while the fourth will be 
retained for use in an integrated ground test system. 
10. Mission science objectives are outlined in the 
document entitled "AAE 241 Mission Science Objectives.# 
11. The spacecraft should use 'off-the shelf-hardware 
where available. 
12. The spacecraft should not use materials or 
techniques expected to be available after 1998. 
From these requirements many derived requirements can be 
found for the specific subsystems. An example would include, 
the mission planning subtask would have to pick a suitable 
trajectory to get to Mars. These derived requirements will 
be discussed in each subsystem's paper. 
MISSION PLANWING 
The first step for the Mission Management, Planning, and 
Costing (MMPC) subtask is to distill the RFP to determine all 
applicable and derived requirements. Then develop a method 
of attack to begin the design and to also make sure all 
requirements are satisfied. This method of attack would 
include distilling RFP requirements, finding derived 
requirements for each subsystem, research, trade studies, 
component selection, component integration, and simulation 
and testing. As shown in Figure 1-1, this method of attack 
ends up with a completed final design. 
Overall, the mission planner is responsible for the total 
integration of the spacecraft and the aircraft that it will 
carry, However, some derived requirements for the MMPC 
subtask include: 
1. Selection of a Trajectoq 
Method of Attack 
I Simulation and Test I 
(.:.:.:.:. w:: 
g::3 $24 
<.. 
Figure 1-1 
2 ,  calculation of Delta V for the Selected Path 
3. Relay satellite Considerations 
4. Mission Timeline 
5. Mission costing 
6. Integration with Other Subsystems 
SELECTION OF TRAJECTORY 
Many different parameters must be considered for 
trajectory selection. One of the most crucial is the lowest 
possible delta V required. Others include, thermal 
considerations, mission time, communications, and 
availability and flexibility of launch windows. The defined 
launch window will be May I, 2003 to August 30, 2005. 
Since minimum cost is one of the major design 
considerations, minimum delta V must be an important 
consideration in trajectory selection. This is true because 
even small differences in delta V can result in several 
thousand kilograms of extra fuel. Thus lta V must be an 
essential factor in trajectory selection. 
Thermal considerations must also be taken into account. 
It would cost a lot of extra weight to add extensive thermal 
control systems to protect the spacecraft. This would 
consequently raise developmental and production costs. 
Overall, it would be advantageous to pick a path that will 
not create any serious thermal control problems. 
Also mission time must be considered and minimized to an 
optimum value. First, the shorter the flight time, the 
shorter the time that expensive ground support technicians 
and equipment will have to be used. Again, in order to keep 
costs low, mission time should be kept to a minimum, 
Furthermore, its always true, the more time spent in flight, 
the more time that things can go wrong. 
Next, communication distances and angles must be 
minimized. Although the spacecraft will not be doing much on 
its flight to Mars, it would be much simpler to keep 
communications with Earth at all times. This would alleviate 
the problem of storing large amounts of data until it could 
be relayed to Earth. Also, antenna pointing must be 
considered. It would be much simpler to have smaller 
communication angles to help simplify the control system for 
antenna pointing. 
Finally, launch window availability and flexibility must 
be taken into consideration. This would include when the 
launch window would occur. For example, the launch date for 
minimum delta V in the ballistic flight case occurs about 
every two years. Also, launch window flexibility is an 
important consideration. As an example of this, would a slip 
of ten days cause significant increases in delta V? It would 
be very costly to allow a provision if the launch date slips 
and large changes delta V occur. In addition, it would be 
even more costly to wait for the next launch window. 
With the type of propulsion systems being considered, the 
only feasible trajectories are a ballistic or a Venus 
swing-by mission. Next a trade study is performed to 
determine the best choice of the two. The results are shown 
in table form (Figure 1-2). 
Specifically, Venus swing-by trajectories yield 
substantial reductions in delta V for two-way stop over 
missions. *Conversely, the swing-bys are at best of marginal 
TRAJECTORY SELECTION 
I I Trajectories I I Venus Swing-By I I Ballistic I 
I I I 
I 
I 
I I Delta V 
I using Mulimp 
I I minimum 6.42 KPS I 1 minimum 5.491 KPS 
I i 
i Thermal 
I Considerations 
I 
I 
I spacecraft gets 
1 close to sun, will 
I require active 
I thermal control 
1 not a great 
1 problem, 
I insulation 
I 
I I I I 
I / Mission Time I 1 350 days I 1 200 days I 
I using Mulimp I I I I 
I I Communications I 1 
I 1 Availability of I 
1 Launch Windows 
I 
I 
very complex, large i very simple, small i 
communication I communication 
angles I angles and I 
( distances I 
I 
I 
I 
every 270 days i every two years 
I 
i 
I 
1 Launch Window i very inflexible, i very flexible, 
( Flexibility I ten day launch ( ten day launch I 
I window, great ) window small I I 
I 
1 J increases in delta V I increases in delta V I 
I Trajectory Chosen I 
I I 
I mrxxxxxxxxxxxxxxxxxx I 
I xmnrxxxxxxxxxxxxxxxx I 
Figure 1-2 
utility for one-way missionsew (Deerwester, 1). As shown in 
Figure 1-2, one of the major drawbacks of the Venus swing-by 
is a higher delta V the comparable ballistic trajectories. 
Also such drawbacks as thermal protection for the spacecraft, 
communications difficulties, and inflexible launch windows 
lead to the choice of a straight ballistic trajectory to 
Mars. 
DELTA V CALCULATIONS 
After choosing the type of trajectory the delta V and 
launch date for that trajectory must be calculated, The 
first step is to define the parking Earth orbit that the 
spacecraft will be leaving from. Also the orbit that the 
spacecraft will arrive in at Mars must be determined. After 
these determinations of an Earth parking orbit of 500 km and 
a Mars entry orbit of 20,512 km, Mulimp was utilized to find 
the necessary delta V ' s ,  Figure 1-3 illustrates the 
variation of delta V in the launch window of May 1, 2003 to 
August 30, 2005. Note that minimum values occur in early 
June 2003 and late August 2005, The next graph, Figure 1-4, 
shows an explode view of the daily changes in velocity near 
the minimum of early June 2003, 
Next, the mission time must be determined. Figure 1-5 
illustrates delta V vs mission time for a launch in early 
June 2003, Note that a minimum value occurs approximately at 
a 180 day mission. After further iterations, a 201.6 day 
mission time will be utilized. 
The final launch date will be June 7, 2003 and the 
spacecraft will arrive in a ma&ian orbit December 26, 2803 
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with a velocity of 2.5 KPS. The total flight time will be 
201.6 days and a delta V of 5.491 kilometers per second (KPS) 
will be required. The spacecraft will be designed to handle 
the delta V1s within a 10 day launch window of June 7, 2003. 
This will allow for some flexibility in the launch date with 
minimum cost and with out any major modifications. 
The geometry of the flight path is illustrated in Figure 
1-6. Note the communication distance of 1.2 Astronomical 
Units. 
RELAY SATELLITE CONSIDERATIONS 
The first consideration for the relay satellite is the 
selection of orbit around Mars. Because the primary mission 
of the instrument bus is to support the aircraft's mission, 
it should be able to communicate with the aircraft at all 
times. This is because emergency communication will be vital 
in times of mechanical failure or other mishaps. Thus the 
question of any orbit besides a synchronous martian orbit is 
unacceptable to project MAVRIC1s design methodology. 
Science applications of the instrument bus will have to 
take second priority to in order support of the aircraft. 
However, subsequent missions might utilize their instrument 
bus for a total science application. Since there at least 
three missions planned, the first instrument bus released 
could possibly support all of the aircraft delivered to the 
martian surface, while subsequent relay satellites could 
support scientific missions. 
The way the initial mission is planned, after aerobraking 
the spacecraft" orbit will be a low circular martian orbit, 
MISSION GEOMETRY 
Figure 1-6 
The satellite will be released, make a few passes to 
determine the condition of the landing site, commit the 
spacecraft to final reentry only if the landing conditions 
and site are favorable for a safe landing. The instrument 
bus will then preform a burn to set itself into a synchronous 
martian orbit. For initial design purposes it was assumed 
that the landing site would be near the equator of Mars. 1f 
this is not the case, extra delta V must be added to make the 
inclination change to a non-equatorial synchronous orbit. 
Appendix 1-A shows all calculations of the altitude of 
the synchronous orbit (20,512 km). It also goes goes through 
the calculations for the delta V required to boost the 
satellite from the low circular orbit to a synchronous orbit. 
The low circular orbit is 4072 km and a Hohmann transfer was 
assumed. Also, the eclipse time was needed for both the 
satellite and the spacecraft in a 4072 km orbit. Assuming 
that Mars projects a circular shadow (because of its great 
distance away form the sun) the eclipse time turned out to be 
24 minutes. Furthermore the calculation for the satellite's 
eclipse time in a synchronous martian orbit were also needed. 
The eclipse time turned out to be approximately 1.22 hours 
and as in the above cases all work is shown in Appendix 1-A. 
MISSION TIMELINE 
Then along with the actual mission time, developmental 
and construction time must be considered. A starting date 
for initial research should be near 1998. With all research 
completed and most of the technical problems solved, the 
initial production of the spacecraft should start in early 
2000. The first spacecraft should be ready for shuttle 
flight in November 2002. This will leave a leeway of two to 
three months if launching difficulties are encountered with 
the shuttle. The spacecraft and its payload, the aircraft, 
will be transported on two shuttle flights to a low earth 
parking orbit of 500 km. The spacecraft will then require a 
minimum of assembly and should be ready before the launch 
date of June 7, 2003. 
Right before launch the spacecraft will be towed away 
from the space station to prevent any damage form the engine 
exhaust. The engines will then fire and b u m  for about 34 
minutes. After the initial b u m  the booster engine will be 
jettisoned and the spacecraft will begin its 201.6 day trip 
to Mars. 
After arriving at Mars on December 26, 2003, it will 
begin aerobraking. Then, after three days of aerobraking and 
the final reentry orbit is circularized, the instrument bus 
will be released. The bus will make passes over the landing 
site until it confirms that the landing site conditions are 
favorable for a safe landing. Only then will it commit the 
spacecraft for final reentry. The satellite will then do a 
burn and transfer its orbit to a synchronous martian orbit. 
The spacecraft will then make the final phases of reentry and 
land safely on Mars. If all goes well, the total mission 
elapsed time should be 205 days. 
MISSION COSTING 
Mission costing also must include developmental, 
hardware, as well as lifetime costs, Using the Utus prqraaa 
provided by Marshall Space Flight Center, Figure 1-7 was 
created, Note the total cost of the actual spacecraft will 
be $684 million and the percentages associated with the 
listed subsystems. The total lifetime costs for one 
spacecraft is $1.7 billion dollars making the actual hardware 
for the spacecraft only one-third of its total life time 
cost, ~ s s u i n g  four spacecraft were to be built the whole 
MAVRIC program would cost $6.8 billion. The above figures 
are for estimation purposes only and may contain some 
inaccuracies due to the classification of specific MAVRIC 
components into the categories of communications, electrical 
power, reaction control, thermal. control, attitude control, 
structures, and propulsion. 
INTEGRATION WITH OTHER SUBSYSTEMS 
Mission planning subtask must interact and provide 
information to all the spacecraft's subsystems. This would 
also include the group providing the payload, the Mars 
airplane. 
The aerobrake subsystem required exact numbers for the 
entry orbit and velocity around Mars. The entry orbit is 
also included in the optimization graph for the aerobrake. 
Thus, it was a two-way interaction in obtaining the optimum 
value and finalizing it. In addition, the aerobrake 
subsystem had to provide MMPC with a time for aerobraking (3 
days) so that the MMPC could develop an accurate mission 
t imel ine . 
Thermal control was of great consideration of the 
structures subsystem, Picking a trajectory that minimized 
the need for sophisticated thermal control systems was a 
great concern for structures. It also turned out to be one 
of the major criteria for trajectory selection because of the 
weight and costs involved with extensive thermal control 
systems. MMPC also acted as a liaison between structures and 
the aircraft section. 
Power and propulsion needed exact delta V calculations 
for the trip to Mars. Eclipse times for the spacecraft 
during its final circular orbit and an eclipse time for the 
instrument bus in a synchronous orbit around Mars were also 
needed. Furthermore, delta V calculations for the transfer 
orbit of a low circular orbit to a synchronous orbit were 
also provided. 
Requirements for pointing accuracy were collected from 
the other subtasks and given to the attitude,articulation and 
control (AACS) subsystem. Mission times, trajectories and 
all details regarding engine bums were provided to M e  AACS 
subsystem. 
Command Data and Control's (CDC) biggest concerns were 
communication distances and comunications angles. This was 
also one of the major criteria used in trajectory selection 
and one of the biggest drawbacks to a Venus swing-by mission. 
This information helped the CDC subsystem determine antenna 
size and control system pointing requirements. 
The Science and Radio Relay Instrumentation interacted 
with MMPC on the choosing of an orbit for the instrument bus, 
Since the mission" objective is to support the aircraft, 
scientific experiments would have to take a secondaq 
priority. Thus the orbit selection was a synchronous one, 
centered where the plane would perform most of its 
operations. This selection required the science subsystem to 
decide on whether certain experiments could or could not be 
performed and then choose the specific instruments. 
Finally the MMPC acted as a liaison with the aircraft 
group. Initially they were presented with a maximum 
packaging size, which they met. They were also given shuttle 
compatibility data and maximum values for the loads the 
payload would see during each phase of the mission. The 
information provided by the aircraft section included, final 
packaging size, final packaging weight, center of mass of the 
package, inertia matrix of the package, and material the 
package was made of. The exact numbers and details will be 
discussed in the structure subsystem's portion of this paper. 
PROBLEM AREAS 
One major problem encountered was the details of entering 
a Martian orbit. It was very hard to tell exactly what plane 
the spacecraft would enter a martian orbit. It was assumed 
that it would enter a on the plane of the equator, If this 
turns out to be different, extra fuel must be added and an 
additional burn must be preformed for an inclination change. 
Also, it was hard to fit the subsystems of ~ I C  into 
the costing program's categories. Some tradeoffs had to be 
done to get all of the categories to fit. In addition, even 
though one of the spacecraft is to serve as a ground test 
system, costing was done as if all four spacecraft were to be 
used for space flight. However it does provide a good rough 
estimate and shouldn" be taken for an accurate figure. 
CONCLUSION 
All in all, MAVRIC's design has stressed simplicity, 
reliability, and low cost. MAVRIC utilizes as much 
off-the-shelf hardware as possible and does not use any 
technology available before 1998. Rough costing numbers have 
been included for the whole MAVRIC program of four ships. The 
conceptual design of MAVRIC stresses the use of present and 
proven technologies in order to enhance mission reliability 
and low cost. 
APPENDIX 1-A 
Synchronous Orbit Calculations 
Assume circular orbit 
Tmars = 1.03 days = 88992 sec 
Mmars = 6.45 x 10A23 kg 
G = 6.667 x loA-11 NmA2/kgA2 
r = (((TA2) * GMmars)/ (4(3.14)A2))A.3333 = 20,512 km 
Calculation of Synchronous Orbit Eclipse Time 
Rmars = 3393.5 km 
theta = 9.28 deg 
eclipse time = (2(theta)/360) * 24.72 hours 
= 1.228 hrs 
Calculation of Low Circular Orbit Eclipse Time 
Rmars = 3393.5 km 
Circum of Orbit = 2(3.14)r = 2.55 x 10A7 m 
T = Circum of Orbit / V = 109.85 min 
theta = 39.8 deg 
eclipse time = (2 (theta)/360) * 109.85 rin 
= 2 4 :2 
Calcufatisn of Transfer Delta V 
m i n  
Assume Hohmann Transfer 
mu = 4.305 x 10A4 kmA3/sA2 
Vcl = (mu/rl) ".5 
Delta Vl = Vcl ( (2R/l+R) "-5 - 1) = .9485 km/s 
Delta V2 = Vcl ( (l/R) A.5 - (2/(R+RA2) ) A.5) = -6146 km/s .. ' 1 
, ' 
Transfer Time = (3.14) * ((rl+r2)"3 / 8mu)".5 
= 5.722 hrs 
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JAMES E. WIMPE 
I. INTRODUCTION - 
Upon arrival at Mars on its interplanetary trajectory, the spacecraft 
must be put in a circular low Martian orbit before deploying its satellite 
and proceeding to the surface of Mars. To achieve orbit circularization, 
the spacecraft will use an advanced aerobraking system. This process 
uses a combination of propulsive burns and atmospheric drag to slow the 
spacecraft into a circular orbit about Mars. 
In a typical aerobraking mission profile, when the spacecraft passes 
by the planet on its approach hyperbola, a maneuver is done to capture 
the spacecraft in a highly elliptical orbit about the planet. The periapse 
of the orbit is then lowered into the upper atmosphere to take advantage 
of atmospheric drag and gradually circularize the orbit. This phase is 
controlled by smail maneuvers at apoapse to control periapse altitude. 
Finally, a propulsive burn is applied to circularize the orbit at the 
desired final altitude. (See Fig. 2-1) 
Aerobraking offers considerable advantages over other capture system 
options: all propulsive, and aerocapture (a single pass through the 
atmosphere is used to circularize the orbit). It shows mass savings 
over the all propulsive manewer and its aeroshell can be reused for 
reentry. It also is senerally easier to control, and is more flexible 
than the aerocapture system2 * . 
1 Fig 2-1 
1.The approach hyperbola, 2.Capture into elliptical orbit, 3.Control at 
apapse, 4.Circularization burn 
11. REQUIREMENZ'S & CONSTRAINTS 
There are three major requirements placed on the aerobrake and reentry 
system. First is the dissipation of orbit energy and circularization of 
the orbit about Marsas described above. A heat shield and engines will 
be used for this,as will a temperature sensor and a set of thrusters for 
control of the system during aerobraking. Second is the protection of 
the payload and its accompanying satellite during the mission, both 
during aerobraking, and (for the payload) during reentry and landing. 
This will also be accomplished by the shield. 
Finally, the subsystem must pruvide for the safe landing of the 
payload on the surface of Mars. This requirement, will be fulfilled through 
the use of the aerobrake shield as a heat shield during reentry, then 
the use of a parachute, retro rocket system, and landing gear to achieve 
a soft Panding- 
R I..... 
, .. 
In the design of the aerobrake, several constraints are introduced. 
They include the maximum time allowed for aerobraking (75 days), a 
minimum of 3520 Kg must be delivered to Martian orbit after aerobraking 
(neglecting the mass of the shield ) . Also, the length of the spacecraft 
introduces a consrtaint, as illustrated by fig. 2-2. An aerobrake of 
diameter (D) $ill effectively protect a conical volume extending 2D 
from the center of the 
AREA INSIDE CONE IS 
PRCVECTED FROM HIGH 
----- 
TEMP. TEMP INSIDE IS 
ONLY 3% OF TEMP 
SEEN BY FRONT 
Fiq. 2-2 
111. AEROBRAKE DESIGN 
A. THE AEROBRAKE SHIELD 
To aid in determining the required shield size, a computer prqram 
called AEROB developed by Dr. Steven Hoffm was used. When various 
parameters are inputed, the program outputs a shield size and mass, 
and a final mass in the desired orbit. The parameters to be inputed 
include the spacecraft mass prior to aerobraking, the specific impulse 
of the engines to be used, the maximum shield temperature, semi-major 
axis of the initial elliptical orbit, maximum aerobraking time, and 
final orbit radius. 
The input parameters are shown in fig. 2-3. The spacecraft mass at 
approach includes: the payload and struct~e~ satellite, engines, tanks, 
and fuel needed for aerobraking, the reentry system, and the shield itself. 
The frontal area is the area of the payload and its surrounding structure. 
The maximum shield temperature is set so that the shield would reach the 
temperature before impacting on the surface of the planet. The hyperbolic 
velocity was determined by the trajectory decided upon ky mission planning, 
and the initial periapse was chosen so that the spacecraft entered the 
the martian atmosphere at that point. The engine parameters follow from 
the type of propulsion system used. The system uses a bi-propellant 
propusion.(Reference the power and propulsion section of this report for 
further details of the 'bi-propellant system). The engine and accompanying 
tanks are jettisoned after the final maneuver. 
INITIAT1, SPACECRAFT MASS = 7250 Kg SPACECRAFT FR0NTP;L AREA = 40 P12 
SHIELD COEFFICIENT OF DRAG = 2 . 0  AEROBRME WEIQIT FACTOR = 3 .85  Kg/M2 
ENGINE Isp = 3BO S ~ C  TANKMASS/FUELMASS = 0 . 1 4  
ENGINE MASS = 200 Kg MAX SHIELD TEMP = 600.K 
SHIELD SPEKlIFIC HEAT = 450 JD+K SHIELD ABSOTrrIVITY = 0 . 7  
SHIELD EMMISIVITY = 0 . 7  SEMIrMAJOR AXIS = 35000 Km 
TIME LIMIT = 75 days WAIT TIME IN INITIAL ORBIT = 0 days 
INITIAL PERIAPSE = 3400 Km FINAL ORBIT RADIUS = 4072 Km 
MINIMUM ORBIT PERIOD = 0 .083  days APPROACH VELOCITY = 2 . 5  Km/sec 
Fiq .  2-3 AEROB INPVT PARAMETERS 
A grid search of the program was then done to get an idea of the 
"terrainn of solutions with the following limits on the grid space: 
LOWER LIMIT ON SEMI-MAJOR AXIS = a m  xm
UPPER LIMIT ON SEMI-MAJOR AXIS = 65000 Km 
INCRESUIENT FOR SEMI-MAJOR AXIS = 10000 Km 
LOWER LIMIT FOR SHIELD AREA = 160 M2 
UPPER LIMIT FOR SHIELD AREA = 190 M2 
INCEEMENT FOR SHIELD AREA = 5 M~ 
The results of this search are shown in fig. 2-4. 
Since the total length of the spacecraft at aerobraking is 26 MI 
the minimum aerobrake aerobrake diameter is 15 M, corresponding to an 
area of 176.7 M ~ .  Based on this, a search was then done for shield sizes 
from 177 M2 to 179 M2 using the same semi-major axes. The final mass 
varies only slightly over this terrain (about 3 Kg), so the area of 
178 M2 was chosen to provide for slightly increased protection aver the 
177 M2 size, and it offers mass savings aver the 179 M~ shield. The 
semi-major axis of 45000 Km was chosen because the time for aerobraking 
is 3.09 days as compared to 5.18 days for 55000 Krn and 6.5 days for 
65000 Km. Final aerobraking spcifications are given in fig. 2-5. 
A preliminary choice for the aerobrake shield material was made based 
on the maxirmun temperatures various canpounds could withstand. Platinum 
black coated beryllium oxide with a maximum temperature of 922 K was 
chosen. This material should be able to withstand aerobraking, here the 
maximum will be 600 Kt and it should also te able to withstand the heat of 
reentry into the Martian atmosphere, for which the aerobrake shield will 
be used as the primary heat shield for the spacecraft. 
B. CONTROL DURING AEROBRAKING 
Control during aerobraking will be achieved through the use of a 
temperature sensor on the front of the aerobrake shield and the spacecraft's 
AACS thrusters. The sensor sends data to c3. If the temperature the sensor 
reads is over 600 K, the thrusters will fire and the orbit will be raised 
\. 
Fig. 2-4 AEROB GRID TERRAIN 
Fig. 2-5 FINAL AERORRAKE CONFIGURATION 
F I T -  TIME SCMASS DELTA-M ; RP W DV A 
(DAYS) (Kg) (Kg) (KM) (Wsec)(M/sec) (KM) 
0 .00 7250.00 3400.0 45000.0 
0 1.67 5664.21 1585.79 3400.0 4.936 774.5 45000.0 
ORBIT CIRCULARIZATION 
FINAL DATA 
ORBIT TIME SCMASS DELTA-M IjV 
(DAYS) (KG?) (KG) (M/sec) 
4 3.90 4481.83 258.64 167.5 
slightly until the temperature drops below 600 K. Placement of the thrusters 
is covered in the AACS portion of this report. 
C. POWER & PROPULSION REQUIREMNTS 
The aerobrake system has only three power requirements during 
aerobraking. First, power for the temperature is minimal. Second, computer 
power needs are covered in the power and propulsion section of this report. 
Finally, thruster power requirements are also covered in the PPS section. 
The aerobrake system needs propulsion for three burns: orbit capture, 
atmosphere insertion on the initial orbit, and final circularization. 
The propulsion system uses a single engine with an Isp = 320 sec and a 
mass of 200 Kg. It is a bi-propellant system,which uses monometyl 
hydrazine (MMH) with a nitrogen tetroxide (NTO) oxidizer. AEROB outputs 
the total amount of fuel needed for each burn (Mf). A table of fuel and 
tank masses, and tank volumes follows for the aerobraking burns. Reference 
the PPS section of this report for equations used to reach these fiqures. 
Fig. 2-6 MASSES AND VOLUMES OF FUELS FOR AEROBRAKING BURNS 
BURN MF (Kg) m ( K q )  M&.qn(Kg~ W{M~) VMT(M~~ -(tank) b( 
-
-- 
tam) 
1 1585.79 975.87 609.92 1.1216 0.4262 146.38 91.488 
IV. REENTRY-LANDING SISTEN 
Once the spacecraft achieves its circular low-mrs orbit, the 
satellite is deployed, and the landing site is approved, the landing 
sequence can begin. The landing system consists of four components: 
A. ROCKET FOR DE-ORBIT BURN 
B. PARACHUTE SYSTEM 
C. LANDING ROCKIFITS 
D. LANDIK GEAR 
A. ROCKET FOR DE-ORBIT BURN 
For the de-orbit burn to begin the reentry seqqencep a delta-V 
of 200 M/sec is to be provided by a bi-propellant engine with an Isp 
of 340 sec. By using the rocket equation: 
delta-V = goIspln(M@) 
where delta-V = 200 Wsec , go = 9.81 M/sec2 , Isp = 340 sec 
M = reentry mass = 3520 Kg 
%, the mass of the spacecraft plus de-orbit rocket and fuel, is found 
to be: M, =3738 Kg. 
The fuel mass is then: I+ = M, - M 
Mf = 218 Kg 
-- - -- 
Fig. 2-7 FUEL AND TANK MASSES FOR DE-ORBIT ROCKET 
MMH 84 .0586 11.76 
TOTAL 218 .2126 30.52 
The de-orbit rocket is then jettisoned when its lmrn is canplete. 
Once the de-orbit burn takes place, the spacecraft begins its descent 
to the surface. Using the equations: 
D = . !jPv2A2 -- assuming flat plate drag 
Vx = VOx - (D/M)cosB(delta-t) , Vy = Voy - ( g - (D/M)sinB) (delta-t) 
where D = drag on spacecraft , p = density of the atmosphere , 
V = velocity of the spacecraft, A = frontal area 
V, = hoizontal veocity , Vy = vertical velocity 
M = mass of spacecraft , g = gravity constant 
B = tan-l(Vy&) = angle of spacecraft w i t h  the martian 
surf ace 
delta-t = (delta-y)& =time of travel 
and an atmospheric profile for the density values2 - 3. At y = 5000 M, 
the velocity of the spacecraft is found to be: 
V, = 276.05 M/sec , Vy = -186.14 M/sec , V =332.94 M/sec. 
Values for the entire descent are in fiq. 2-8. 
Fig. 2-8 DESCEWT DATA FOR Y = 500 Km TO Y = 5000 M 
Vo is the vaue of V for a circular orbit of radius R = 4072 Km 
less the de-orbit burn of 200 M/sec. 
Vo = sqrt(Rg) -200 M/SW 
where g = 3.7 M/sec2 , V = 3881 M/sec in the x-direction. 
A = 178 M~ , M = 3520 Kg 
y (&) p ( ~ q ~ 3 )  V, (M/s ) V,(M/sec ) V(M/sec) B(deq) D / M ( W E ~ C ~  ) L&m@;.( sec) 
500 0 3881 0 3881.00 0 0 0 
120 9.9~10-~ 3880.98 -1678.22 4228.29 23.11 3.411~10'~ 453.57 
100 8.8~10'~ 3880.65 -1722.18 4245.63 23.38 3 - 045x10-~ 465.49 
90 3,815~10'7 3879.94 -1743.36 4253.62 23.93 1.331~10'~ 471.30 
80 1.447~10'6 3876.99 -1763.41 4259.18 24.20 5.067x10-~ 477.04 
70 5.52~10'6 3866.99 -1779.84 4256.93 24.48 1.938 482.71 
60 2.033~10'~ 3830.57 -1783.88 4225.58 24.71 7.130 488.33 
50 6.995~10'5 3707.65 -1747.39 4098.78 24.97 24.17 493.94 
40 2.24~10'4 3330.75 -1590.94 3691.20 25.23 72.84 499.66 
30 6.605~10~ 2343.77 -1142.73 2607.50 25.53 174.18 505.94 
20 1.806~10-3 474.69 - 263.86 W3t09 25.99 237.66 514.69 
5 1.104~10-2 276.05 - 186.14 332.94 29.08 25.90 524.75 
*DATA FOR y = 490 TO y = 120 IS NOT INCLUDED BECAUSE THE DRAG IS NOT 
A FACrOR AT THESE ALTITUDES SINCE TKE DENSITY IS SO WW* 
To size the parachute, these values at 5000 M were used: 
M = 3520 Kg, g=3.7 M/sec2 , B = 29.08 
V = desired final velocity after the chute opens 
= 100 M/sec 
p = 1.104~ lo-* K ~ / M ~  
Along with these equations: 
Mg = DsinB --- by sumnation of forces 
D = .5p~2~ --- again assuming flat plate 
The required drag was found to be D = 26644 Newtons. 
From that, the area of the chute is Achute = 427 ~ 2 .  
The system was found to achieve this velocity at y = 1750 M, 
after a controlled fall by parachute of 26.2 sec. 
The parachute is packaged in the rear of the spacecraft and is 
exposed when the de-orbit rocket is jettisoned. The chute itself is 
made of ~ a c r o n ~ * ~  and weighs about .67 K ~ / M ~  (ref. 2.5) or 286 Kg for 
the entire parachute. With the aid of a radar altimeter in the shield, 
the chute is op&ned by exploding bolts at 5000 M. A small pilot chute 
opens first, pulling out the main chute which then inflates. At this 
same moment, the shield is jettisoned so it lands a fair distance from 
the craft. The chute is then released at at y = 1750 M. 
C. LANDING ROCKETS 
The landing rockets consist of three bi-propellant engines with 
Isp = 320 sec. They are used to slow the spacecraft to V = 30 M/sec 
'and bring it to a soft landing at that velocity. Using the rocket eqn. 
in this form: 
where t-to = 3 sec (using a three-second burn) 
delta-V = 70 M/sec 
g1 = 9.81 M/sec2 
92 = 3.7 M/sec2 
spacecraft mass at this point 
= 3520 - 685.3 - 286 = 2528.7 Kg 
Mfl = - Ml is found to be Mfl= 64.5 kg. 
For the constant velocity descent to the ground, delta-V = 0. 
using the rocket equation again, with t - to = yo/V = 58.3 sec, 
and %2 = 2464.2 Kg, Mf2 is found to be Mf2 = 163.6 Kg. 
When the spacecraft nears the ground, a final thrust is applied to slow 
the spacecraft even further. For this maneuver, delta-V = 27 M/sec, 
t - to = 3 sec, and Mo3 = 2301 Kg. Again using the rocket equation, 
Mf3 = 27.76 Kg. 
Fig. 2-9 FUELS AND TANKAGE DATA FOR THE LANDING ROCKETS 
This descent leads to the soft landing of 2273 Kg of spacecraft. 
A. LANDING GEAR 
At the same time thzt the spacecraft begins the constant velocity 
portion of its descent, the landing gear are deployed. They consist 
of four extendable legs with feet at the bottom (see fig. 2-10). In 
the case of an uneven lancling surface, the legs are extendable to 
GEAR BEFORE 
D E P L O m  ON SURFACE GEAR TO RIGKT CRAFT 
Fiq. 2-10 LANDING GEAR CONFIGURATION 
return the spacecraft to its upright position. The reentry/landing phase 
ends with the soft landing of the spacecraft. 
V. CONCLUSION I 
A timeline of the landing sequence frcin the arri~l at Mars to the 
landing on the surface is given in fig. 2-11. There is also a mass 
breakdown given for each phase. 
This system fulfills each of the requirements placed an it. 1) It 
dissiwtes orbit energy by using an advanced aerobrake system. 2) It 
protects the payload from orbit to landing. 3) It provides for the safe 
landing of project MAVRIC on the surface of Mars. 
T=O : ARRIVAL AT MARS. 
T=3.90 DAYS: 
AEROBRAKING DONE 
REEWITY BEGINS. 
CHUTE DEPLOYED, 
SHIELD m1soNED 
T=3.9063 DAYS 
CHUI'E JETTISONED, 
m 0 S  FIRED. 
T=3.907 DAYS n 
LANDING ON 
0M ill a I \ \  
\ t- 
Fig. 2-11 MISSION EVJWl'S UPON ARRIVAL AT MARS 
Fig. 2-12 MASS AT VARIOUS POINTS IN AEROBRAKING~ING S-CE 
ARRIVAL AT MARS 7250 Kg 
AFTER FIRST AEROBRAKE FlURN 5664.21 Kq 
AFTER SECOND AERO- BURN 5661.21 Kg 
ORBIT CTRBJLARlZATION 4481.83 Kg 
SATELLITE D E P L O m  3738 Kq 
DE-ORBIT BURN COMPLETE 3520 Kg 
SHIELD JETI'ISOMED 2834.7 Kg 
CHUTE JEZTISONED 2548.7 Kg 
AFTER FIRST RETRO BURN 2464.2 KF; 
AFTER SECOND BURN 2301 Kg 
LANDING ON MARS 2273 Kg 
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Structures Michael Gorden . 
Introduction 
The structures subsystem is responsible for the physical 
support of all the other subsystems, during every phase of 
the mission, and for the lifetime of the spacecraft. This 
particular design is for a Mars transport spacecraft, MA~RIc, 
which has the specific requirements from the Request for 
Proposal and preliminary Design of a Manned Mars Aircraft 
Space Delivery System. These requirements are as follows. 
Requirements 
1) Secure all components (utilizing INERT) in locations that: 
- do not affect communications, lines of sight, and 
pointing requirements 
- position center of mass for application of the 
Attitude Articulation and Control Subsystem 
2) Provide thermal control of material and components 
3) Minimize Space Shuttle trips and in,space assembly 
4) Be capable of with standing applied loads during: 
- Space Shuttle flight 
- interplanetary flight 
- attitude and articulation maneuvers 
- Mars landing procedures 
5) Should not use materials or techniques expected to be 
available after 1998 
6) All materials must have a lifetime greater tha* four years 
7) Allow for flexibility in design for future missions with 
different payloads to different destinations 
8) Stress simplicity, reliability, and low cost. 
Placement of Components 
The first step is to construct a base for all the 
components to be supported by. A simple rectangular t m s s  
stmcturs was chosen due t o  its simplicity, strength, and 
manufacturing ease. The internal components are to.be placed 
inside of this truss structure. Flow chart 3-1 depicts the 
design path used in determining the layout of the components. 
One of the most important design considerations for the 
spacecraft and the instrument bus is that the components must 
be secured in locations for application of Attitude and 
~rticulation Control about the center of mass while not 
affecting communications, line of sight, and pointing 
requirements. 
The internal components are to be placed as close to the 
center of the truss structure as possible in order for the 
center of mass to be, located inside the truss structure. 
Placement of the components inside the truss structure are 
shown in figures 3-2 through 3-7. These components are 
attached directly to the truss structure. This method allows 
for the easy movement of components and addition of new 
components, both of which increase flexibility of the 
spacecraft to perform various missions. The design also 
proves to be highly reliable and have a low cost due to the 
simple fact that not much additional material is needed to 
make additional compartments. 
The spacecraft consists of seven sections. Section one 
consists of the main engine and its tanks. Section two 
consist@ of the engine and fuel tanks for aerobraking 
maneuvers. Section three consists of the instrument bus and 
its propulsion system, Section four contains the retro- 
rockets used during entry into the Mars" aatmnsphese. 
Seetion five contains a parachute, -emprylil:ses, and 0-r 
7 R  
various components. Section six consists of the payload, 
The seventh section consists of the landing rockets and 
attachment rods for the aerobrake shield. These particular 
sections are discussed in detail on table 3-1. See fig. 
3-1, 3-2, 3-3, 3-4, 3-5, 3-6, and 3-7. 
The instrument bus is made in the same basic design as 
the spacecraft in that it is of a truss design. Components 
are shown in fig. 3-8. Weights and balances of the 
components are given'on table 3-1. 
Boom Deployment 
The only boom that needs to be deployed is the 
magnetometer, all other components will have already been in 
their operating positions. The magnetometer boor will be of 
the telescopic type. It will be deployed using springs and 
explosive bolts. This deployment system was chosen due to 
its reliability, simplicity, and low cost. Figure 3-8 shows 
the boom in its deployed state. 
Solar Array Deployment 
The solar arrays to be used on the spacecraft and 
instrument bus are Olympus stowed solar arrays. The 
deployment and packing of these arrays are illustrated in 
figure 3-9. 
Inertia Tensor 
The inertia tensor was calculated using the dimensions 
and masses from table 3-1. The structural weight was 
determined using an average from past missions, The weight 
of the thermal control system was determined in the same 
manner as the structural weight, The components added to the 
truss structure produced the following inertia tensor, center 
of mass, and total mass for the spacecraft before the initial 
delta V burn to begin the flight to Mars. 
25288.3062 -206.8325 10.0884 
-206.8325 1049823.2629 -144.7907 
10.0884 -144.7907 1050185.1126 
Total CM (m): Xs25.7726 Y=-.0099 2=.0000 
Total Mass (kg) : 20,199 
The center of mass will move forward as sections of the 
spacecraft are jettisoned away from the spacecraft.   his 
will produce a more stable spacecraft for the aerobraking 
maneuvers. 
The inertia tensor for the instrument bus was calculated 
using data given in table 3-1. The components added to -the 
base structure of the instrument bus produce the following 
inertia tensor,' center of mass, and total mass for the 
structure. 
163.7912 -6 -7577 10,1290 
-6.7577 2094.0881 0.7804 
10.1290 0.7804 2121.4877 
Total CM (m): X=-0.0473 Y=0.0157 2=0.0260 
Total Mass (kg) : 330.58 
Shuttle Support 
The spacecraft must be contained in the Space Shuttle 
cargo bay. The requirement to minimize the number of Space 
Shuttle trips sets up a size and weight constraint in order 
for our spacecraft to fit into the Shuttle cargo bay, 
assuming we are only using sane tr ip ,  The Spaee Shuttle caqo  
YO 
bay has a diameter of 4.6m and a length of 18.3m with a 
weight constraint of 22,000 kg. 
The antenna, exterior beams for aerobrake shield support, 
and the aerobrake shield must be broken down in order to fit 
into the Shuttle cargo bay with the assembled parts of the 
spacecraft. These components are fastened to the Shuttle 
cargo bay using trunions and other fastening techniques that 
are utilized by the Shuttle cargo bay crews. It is stressed 
that the spacecraft will experience its greatest forces during 
the Space Shuttle phase of the mission. 
Axial Lateral 
Typical Shuttle Maximum Thrust 3.0 G8s 1.0 G's 
With Safety Factor, Design 
Spacecraft Structure for: 6.OG8s 2.0G8s 
The spacecraft and the components to be assembled to the 
spacecraft are positioned into the shuttle cargo bay in such 
a way that the assembled spacecraft components will be 
extracted first. The other components will be taken from the 
shuttle when they are to be attached to the spacecraft. 
Structural hardpoints will be needed to facilitate the 
Shuttle's remote manipulator , while it lifts components out 
of the bay. These hardpoints will be implemented on all 
components that are to be assembled in space. They will be 
in positions that best enables the remote manipulator a m  to 
function properly. The components that are to be attached to 
the spacecraft in the space assembly phase will be attached 
by as simple of methods as possible, A nut and bolt type sf 
assembly will be used or if future design tecbiques arise 
they may also be implemented. 
Thermal Control 
The spacecraft computers, structural materials, and other 
various components need to be kept at appropriate 
temperature levels to function properly throughout the 
mission. To keep the components at these temperatures a 
thermal control system had to be chosen. During the choosing 
process simplicity and low cost were stressed. Also a 
thermal control system must be protected and stable in all 
environments encountered during the mission. 
Thermal control can be accomplished by using a passive of 
active system. Passive control is accomplished by using: 
thermal coatings with low solar absorbance and high 
emittence, thermal insulation, heat sinks, phase change 
materials, and excess heat that is produced by various 
components of the spacecraft. Active control is accomplish 
using heat pipes, louvers, and heaters. A trade study was 
conducted in order to find the best type or combination of 
thermal control systems to be used. 
Active 
precise temperature 
control 
Passive 
Advantages zero power input 
low cost 
high reliability 
simplicity 
light weight 
Disadvantages less control of high cost 
temperature range complex control 
A passive eontusl system was concluded %a be the best 
since it adhered to the established requirements. 
Specifically it is cost efficient and simple, but it is still 
able to keep the spacecraft'within an acceptable temperature 
range. The only exception to this is all passive system will 
be the instrument bus, in which a passive and active 
combination will be used. 
The thermal control system for the spacecraft will 
utilize thermal blankets and thermal insulation. Both will 
use Aluminized Kapton since it has an absorbtivity of 0.35 
and an emittence of 0.6. The thermal insulation will be 
covered by Aluminum plates and thermal blankets. These 
Aluminum plates will help in heating the interior of the 
spacecraft because the conduct heat readily, Exposed 
appendages will be covered by Aluminum tape since it has a 
small absorbtivity of 0.12. White paints maybe used on the 
spacecraft in areas that are exposed to the sun for extended 
periods of time. 
The interior of the spacecraft will be kept at an 
appropriate temperature by varying the thickness of the 
thermal insulation and thermal blankets. Certain components 
in the spacecraft will also be packed in insulation for their 
protection. Since no heat will be produced by the electrical 
components during the interplanetary phase of the mission 
(control is accomplished by the instrument bus computer), no 
active techniques are needed to radiate heat from or to the 
interior of the spacecraft. 
The instrument bus will be using a combination of passive 
and thermal control devices. It will be using the same types 
of passive control as those used on the spacecraft. Since 
there is interior heating due to the electrical components on 
the bus a tighter range of temperature is needed. One of the 
most reliable and simple active control system is the louver 
system. The venetian blind type of louvers were chosen 
because of their simplicity. They are opened and closed by 
bimettallic thermal springs that expand and contract at given 
temperetures. When they are open, a material that has a low 
absorbtivity and high emittence is exposed. When they are 
closed a material with both low absorbtivity and emittence 
is exposed to the sun. This particular combination enables 
the bus to be kept at a small range of temperatures during 
all of phase of its mission. 
Material Selection 
The decision on the material to be use for structural 
support was obtained from trade studies of numerous materials 
that are used for structural applications. A trade study was 
conducted on five materials that are used in the aerospace 
world. This particular trade study is shown in figure 3-10, 
The material selected for the truss structure and the 
aerobrake support structure is Aluminum 7075. This material 
was selected because of the following reasons: 1)low cost, 
2)good fatigue life, 3)easily fabricated, 4)good strength to 
weight ratio. 
A composite material is desired for the booms due to its 
high strength to weight ratio, Although they are usually 
high in cost, composites ds have a weight savings and 
therefore a esst savings can be obtained, %& i s  stressed 
that only a small amount of composites are used on the 
spacecraft. 
Interaction Durinq the Mission 
During the Mars spacecraft mission certain sections of the 
spacecraft will be jettisoned. This will be done by 
exploding bolts at key locations on the spacecraft. Care 
must be taken to make sure the discarded sections do not 
damage the existing spacecraft during their deployment. 
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TABLE 3-1 Weights and Dimensions 
Component Mass (kg) Dimensions (m) 
Section 1 
1. engine & tanks 1650 # 2.5xl.Ox1.5 
2. LOX fuel 9429 r = 1.254 
3. 1x2 fuel 1571 * r = 1.38 
Section 2 
1. engine & tanks 
2. MMH fuel 
3. NTO fuel 
Section 3 
1. instrument bus 
2. engine & tanks 
3. MMH fuel 
4. NTO fuel 
5. He pressurizer 
section 4 
1. engine and tanks 35 
2. MMH fuel 90.4 
3. NTO fuel 144.6 
4. He pressurizer 9.5 
Section 5 
1. parachute 
2. solar arrays 
3. fuel cell 
4. computer system 
5. gyros pack 
6. power control unit 
7. AAC thruster tanks 
8. MMH fuel 
9. NTO fuel 
10. He pressurizer 
Section 6 
1. payload 
2. star mappers 
3. AAC thrusters 
4. S-band antenna 
Section 7 
1. aerobrake shield 689 
2. landing rockets & tanks 44.3 
3. MMH fuel 98.4 
4. NTO fuel 157.4 
5. He pressurizer 10.5 
6. landing structure 50 
b4.5 -18 
* r = -178 
* .05X.04X.04 
area = 4m2 
TOTAL DRY WEIGHT = 5000kg + 100kg(contengency mass) = 5100 kg 
Structure Weight (20% Dry Weight) = 1020 kg 
Thermal Control (5% Dry Weight) = 255 kg 
TOTAL SPACECmm WEIGHT = 201199 kg 
Instrument Bus 
1. gyro pack 
2. reaction wheels 
3. sun sensors 
4. horizon sensors 
5. computer system 
6. science instruments 
7. solar arrays 
8. fuel cell 
9. power control unit 
10. AAC thrusters 
11. AAC tanks 
12. MMN fuel 
13. NTO fuel 
14. He pressurizer 
15. X-band antenna 
16. thermal control 
17. structure 
TOTAL 
# - dimensions are of engine only 
* - more than one component with same dimensions 
(refer to figures) 
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An a t t i t u d e  and a r t i cu l a t ion  cont ro l  system is an i n t e g r a l  p a r t  of any 
space mission, providing s t a b i l i t y  and d i r ec t iona l  o r  a t t i t u d e  cont ro l  f o r  
spacecraf t  through various Sensing and cont ro l  systems. For MAVRIC, t he  
proposed mission of a Mars a i r c r a f t  de l ive ry  system, t h e  a t t i t u d e  and 
a r t i c u l a t i o n  c o n t r o l  system p rov ides  a very  s p e c i f i c  and c r u c i a l  
respons ib i l i ty ,  allowing t h e  de l ivery  system t o  accura te ly  and successful ly  
d e l i v e r  i ts  payload t o  t h e  Martian surface.  This s e c t i o n  w i l l  cover t h e  
analysis  and design of such a cont ro l  System f o r  MAVRIC. Note t h a t  t he  terms 
wsubsystemw and w ~ C S w  a r e  used i n  reference t o  t h e  a t t i t u d e  and a r t i cu l a t ion  
control  system. 
- 
The Request f o r  Proposal provides a number of system requirements t h a t  
have d i r e c t  bearing on t h e  design df an e f f ec t ive  a t t i t u d e  and a r t i c u l a t i o n  
cont ro l  system. The requirements t h a t  *act on t h e  system design are:  1) a 
need t o  design a delivery system (spacecraft)  t o  de l iver  a payload, i n i t i a l l y  a 
manned Mars a i r c r a f t ,  t o  the  Martian surface by t h e  f i r s t  decade of t h e  next 
century; 2 )  t h e  design of two sepera te  systems i n  t he  spacecraf t ,  a payload 
reen t ry  vehic le  and an o rb i t i ng  instrument bus; 3) t h e  ,d%sign of a very 
f l e x i b l e  de l ivery  aystem capable of carrying d i f f e r en t  payloads t o  d i f f e r en t  
des t ina t ions ;  4)  t h e  incorporation of cur ren t ly  ava i lab le ,  "off-the-shelfw 
hardware whenever available;  5)  a design t h a t  w i l l  have a minimum lifetime of 
four years; 6) a design t h a t  w i l l  incorporate the  l a t e s t  advances i n  a r t i f i c i a l  
i n t e l l i g e n c e  t o  enhance r e l i a b i l i t y  and reduce costa;  7 )  an emphasis on 
s implic i ty ,  r e l i a b i l i t y ,  and minimum mass and cost;  and 8) t h e  need f o r  four 
del ivery sys t em,  one t o  be used a s  a ground test system. 
with these overa l l  design requirements i n  mind, t h e r e  is a l s o  a need t o  
ou t l ine  spec i f i c  requirements f o r  the  a t t i t u d e  and a r t i cu l a t ion  control  system. 
These s p e c i f i c  requirements include; 1) t h e  need t o  send and t o  accspt 
telemetry t o  and from the  on-board command, control, and communications system. 
Inputs  t o  t h e  ~3 system include;  a )  i n e r t i a l  a t t i t u d e  and naviga t ion  
information from gyros and accelerometers; b) star/sun/horizon sensor input f o r  
attitude reference or inertial navigation update; c) actuator position, such as 
that from a solar array gimbal; d) valve actuator positions from attitude 
control thrusters; and e) angular rate information from reactions wheels. 
Commands from ~3 include; a) adjustment or correction of spacecraft attitude 
through control system; b) actuator movement ; c) valve actuation for thrusters 
or reaction wheel motor start-up or shut-down. Another specific requirement 
is: 2) the provision of electrical power through the power and propulsion 
subsystem. 
of thr D e  P r p ~ d ~  
The metholdology of the design process is crucial so that it be insured 
that the final subsystem design be adequately and effectively matched to the 
mission and its requirements. This requires that a step-by-step process be 
followed in order that one can adequately produce a design that completely 
fulfills what is required of it. This includes: 
1. The identification and understanding of mission and subsystem 
requirements. 
2. The identification and understanding of subsystem tasks and 
responsibilities. 
3. Analysis of mission factors affecting performance or ability of 
subsystem. 
4 .  Understanding of subsystem interaction with other subsystems. 
5. Understanding and analysis of available subsystem options, as in 
component determination and ability sizing. Such an analysis would also 
include sensitivity and trade studies to most accurately gauge effectiveness of 
various options and consideration of requirements and necessary effectiveness 
of other subsystems. 
6. When design approaches are finalized, subsystem performance and 
ability are matched to required functions and responsibilities, as determined 
by design requirements, other subsystem requirements, and factors affecting 
mission progression. 
7 .  Simulation of subsystem operation to identify and correct potential 
problem areas or difficulties. 
With t h i s  generalized approach, an e f f ec t ive  and well-suited design can 
be obtained. Emphasis f o r  t h i s  subsystem was not only placed on compliance 
with requirements,  but a l s o  open and e f f e c t i v e  i n t e r a c t i o n  with o the r  
subsystems t o  insure t ha t  smooth and e f f i c i e n t  integrat ion of systems resulted.  
S p e c i f i c  subsystem o p e r a t i o n a l  parameters  w e r e  e s t a b l i s h e d  by 
i d e n t i f y i n g  s p e c i f i c  mission needs. D i f f e ren t  modes of opera t ion  were 
designated t o  de l inea te  varying subsystem operations throughout t h e  mission. 
Six modes of operation w e r e  i den t i f i ed :  1) launch mode; 2)  c r u i s e  mode; 3) 
planet capture mode; 4) aerobraking mode; 5) instrument bus o r b i t  mode; and 6) 
reen t ry  mode. I n  t he  launch mode, t h e  a t t i t u d e  and a r t i c u l a t i o n  cont ro l  
subsystem provides correct  spacecraf t  o r ien ta t ion  f o r  t h e  delta-V burn which 
would place t h e  spacecraft  i n  a proper planetary t r a n s f e r  o r b i t  t o  Mars. In  
c r u i s e  mode, t h e  subsystem would i n s u r e  spacecraf t  s t a b i l i t y  and proper 
a t t i t u d e  cont ro l  during the  t r ans fe r  o r b i t  by being able  t o  de tec t  and correct  
f l i g h t  deviation o r  respond t o  spacecraf t  operation requirements such a s  power 
o r  thermal cont ro l  needs through modification of spacecraf t  o r ien ta t ion .  I n  
planet capture mode, the  subsystem would sense spacecraft  pos i t ion  and provide 
t h e  c o r r e c t  o r i e n t a t i o n  and pos i t i on  information f o r  a delta-V burn t o  
terminate  t h e  planetary t r a n s f e r  o r b i t  and i n i t i a t e  aerobraking. I n  t h e  
aerobraking mode, t he  subsystem would provide vehicle s t a b i l i t y  and a t t i t u d e  
and pos i t ion  information during t h e  aerobraking period. The instrument bus 
o r b i t  mode involves t he  ac t iva t ion  and operation of a sepera te  a t t i t u d e  and 
a r t i c u l a t i o n  con t ro l  subsystem f o r  t h e  instrument bus, Jepera te  from t h e  
payload reen t ry  vehicle.  The instrument bus a t t i t u d e  cont ro l  system would 
provide the  s a t e l l i t e  with i n i t i a l  a t t i t u d e  information and control  f o r  o rb i t  
placement once it i s  released from t h e  payload reen t ry  vehicle ,  and then 
provide the  necessary control  f o r  o r b i t  stationkeeping and s a t e l l i t e  function. 
In  t h e  r een t ry  mode, t he  a t t i t u d e  con t ro l  subsystem on-board t h e  payload 
r een t ry  vehic le  would provide t h e  necessary a t t t i u d e  reference,  guidance 
control ,  and s t a b i l i t y  f o r  accurate reentry i n t o  t he  Martian atmosphere. 
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In the design process, it is imperative that open and complete 
communication exists between those subsystems involved in the design. This 
helps to insure that a design is well-integrated and subsystem components 
well-matched in providing complementary capability to assist or provide in 
fulfilling mission requirements. Below is a listing of MAVRIC design subsystem 
requirements and their interaction with the attitude and articulation control 
subsystem: 
Hission -- Requires that this subsystem 
provide accurate spacecraft position and orientation through all stages of the 
mission, providing information for activation of rocket motors and other 
systems. Also, requires that AACS provide stability control of spacecraft 
throughout the mission. AACS requires, in turn, specific mission profile 
information to provide effective capability. 
-- Requires that AACS provide specifications of components to 
be used, namely mass and dimension information, for placement purposes. M C S  
requires that balance, mass property, ,and layout information on spacecraft(s1 
be provided for component placement and sizing. 
-- Requires that AACS provide power requirements 
for components used. AACS requires that power availibility and fuel and 
thruster information be provided for component determination and sizing. 
e and_Radia__Relav -- Requires that AACS provide 
attitude control capability information for proper placement and choice of 
science instrumentation. AACS requires that pointing and scanning information 
be provided to properly designate components. 
a C- -- Requires that AACS provide information on 
data processing and storage requirements, plus telemetry requirements. AACS 
requires that pointing and ~3 interface information be given for integration 
purposes. 
aerobrakina -- Requires that AACS provide inertial guidance and 
stability and attitude control during aerobraking and reentry. AACS requires 
that aerobraking requirements be outlined as applicable to AACS. 
Note there is a good deal of overlap and a great need for continuous and 
multi-level interaction between all subsystems. 
Component determination is dependent upon mission factors that affect 
subsystem performance. These factors include environmental effects such as 
solar radiation torques and planet gravity gradients, and mission parameters 
such as spacecraft mass and size, coinponent mass and placement restrictions, 
and attitude and articulation control requirements of other design subsystems. 
with these considerations in mind, along with the necessary interaction with 
other design subsystems, components can be designated and sized. 
An attitude control system for the payload reentry vehicle and 
instrument bus was chosen. Several attitude control systems were considered 
for use for both spacecraft; dual-spin stabilization, active three-axis 
stabilization utilizing thrusters, and three-axis stabilization utiaizing 
internal reaction wheels and thrusters. For the instrument bus, there was 
further consideration given to the number of reaction wheels used. These 
stabilization and control systems were determined by availability of current 
and anticipated technologies and and information from earlier space missions. 
For the payload reentry vehicle, requirements for internal payload 
capability and aerobraking resulted in a three-axis active stabilization system 
for the designated attitude control system, it being deeaasd best suited for 
mission requirements. For the instrument bus, a three-axis reaction wheel 
stabilization system was designated, major arguments including a need for fine 
pointing and tracking of science instruments and the requirement for 
flexibility of maneuvering and orbit modification. Thrusters were also 
determined to be necessary for initial loading and periodic unloading of the 
reaction wheels, and possibly for those maneuvers requiring torques greater 
than that provided by the reaction wheels. For a more detailed trade analysis, 
please refer to Table 4-1. 
with the attitude control system determined, proper sensing components 
were chosen for inertial attitude information and guidance along with active 
sensors to be used as attitude reference and inertial guidance update. 
Inertial navgation and guidance requires the use of gyros, which sense angular 
rate and angular rate integration along three-axes. Thus, gyros would be 
necessary for both the main payload reentry vehicle and the instrument bus. 
axes. Much more accu 
rate when compared to 
Table 4-1 Results of Stabilization System Trade Study 
Table 4-2 AACS Components on Paybad Reentry Vehicie 
For a t t i t u d e  reference and i n e r t i a l  sensing update on t h e  payload reen t ry  
vehicle ,  t h e  use of s t a r  t racker- type sensors  provide a very accu ra t e  
i nd ica t ion  of spacecraf t  pos i t i on ,  and t h u s  two of t h e s e  s enso r s  w e r e  
designated. Information acquired with these  sensors would not only provide 
navigation da ta  and update, but a l s o  proper posi t ioning of t h e  s o l a r  a r rays  
which a r e  used t o  provide power t o  t h e  spacecrafts.  Specific d e t a i l s  of sensor 
and gyro mounting i n  and on t h e  payload reentry vehicle can be found i n  t h e  
Structures  subsystem layout. Also, refer t o  Table 4-2 f o r  a de t a i l ed  l i s t i n g  
of these components and specifications.  
For t h e  instrument bus, sensors a r e  needed t o  supplement t h e  gyro pack 
on board. These sensors  a r e  requi red  t o  determine t h e  necessary o r b i t  
o r ien ta t ion  and a t t i t u d e  f o r  use i n  maneuvering and stationkeeping. A p a i r  of 
horizon sensors  a r e  required t o  accura te ly  determine o r i en t a t ion  along t h e  
p i tch  and r o l l  axis ,  while the  use of sun sensors w i l l  be needed t o  determine 
or ien ta t ion  about t h e  yaw axis,  a s  w e l l  a s  t o  provide reference information f o r  
accurate  point ing of s o l a r  a r rays  (Note t h a t  a11 o r i en t a t ions  a r e  measured 
r e l a t i v e  t o  t h e  p l ane t ) .  Two sun sensors  were deemed necessary a s  t h e i r  
placement on t h e  s a t e l l i t e  restrict each sensor 's  a b i l i t y  to  detect t h e  sun a t  
ce r t a in  o r b i t  or ientat ions .  Again, a layout of these components can be found 
i n  t h e  S t r u c t u r e s  subsystem sec t ion ,  and a l i s t i n g  of components and 
specif icat ions  can be found i n  T a b l e  4-3. 
For both the  instrument bus and payload reentry vehicle, da ta  processing 
and storage capabi l i ty  is  provided by t h e  ~3 subsystem. For an explanation of 
t h e  handling of subsystem processing requirements, p lease  r e f e r  t o  t h e  c3  
subsystem sect ion.  
Sizing of t h e  t h rus t e r s  used by t h e  a t t i t u d e  control  system aboard t h e  
payload reentry vehicle is d ic ta ted  by the  mass and s i r e  of t he  spacecraf t  and 
the  requirements of thermal control  and power generation, a s  w e l l  s t a b i l i t y  and 
guidance c o n t r o l  dur ing p lane t  cap ture  and aerobraking i n  t h e  Martian 
atmosphere. C r i t e r i a  es tabl ished determined t h a t  a 360-degree ro t a t i on  each 
day of c ru i se  fo r  t h e  payload reentry vehicle would be a f a i r  estimation t o  use 
f o r  f u e l  and th rus t  requirements of the  th rus te rs .  Thus, t h e  s ixteen th rus t e r s  
Component 
0.107 x 0.066 x 0.114 
Fuel (and tank) Oxidiier: 5.85 x 10 -3 rn3 
Fuel: 6.1 x 10 -3 fi 
Pressurant: 0.54 m3 
Table 4-3 AACS Components on Orbiting Instrument Bus 
used, twelve required for attitude control about all axes and four for 
redundancy or maneuver capability, were sized and their fuel requiremsnts were 
determined by this estimation and the additional requirement of stability 
during mission cruise, planet capture and aerobraking. The thrusters 
designated produce 20 Newtons of thrust each. It is estimated that the fuel 
requirements of the spacecraft thrusters would be approximately 95 kg of 
bipbopellant for the entire mission. Refer to Table 4-2 for required masses, 
volumes, and tank sizes of fuel components and for the estimated size, mass, 
and power requirements for the other components. Also, please refer to 
Appendix 4A for equations and formulas used for the estiaration. For a more 
detailed explanation of the bipropellant and sizing equations, please refer to 
the Power and Propulsion Subsystem section. 
Sizing of attitude control components on the instrument bus is dictated 
by its mass and size, its mission requirements, and anticipated destabilizing 
and disturbing effects from environmental or other external sources. 
Specifically, the attitude control system is required to perform stationkeeping 
in its designated orbit, with its capability to stabilize the instrument bus 
from disturbing effects, to perform orbital modifications if and when needed, 
and to provide the necessary pointing information and guidance for the 
specified science instrumentation and other components, such as solar array 
gimbals and communication antennae orientation. 
It was decided to employ a reaction wheel system as opposed to a 
three-axis system using thrusters because of the need for accurate pointing and 
scanning requirements of the science instrumentation on-board the instrument 
bus. It was decided that for reliability and simplicity reasons the science 
instrumetation be mounted directly on one of the faces of the instrument bus 
structure. A three-axis system employing thrusters is not capable of providing 
accurate pointing and scanning to the degree required by the science 
instrumentation, unless one employs a gimballed scanning platform mounted on 
the instrument bus, an option discarded for reasons stated above. Also, it was 
decided to employ three reaction wheels instead of a single speed-biased pitch 
wheel (pitch momentum bias system) . Although a single pitch wheel could have 
fulfilled the necessary pointing and scanning requirements along the roll and 
yaw axes due to rate coupling, it was determined that fine and accurate 
posit ' ioning about &l,J. axes was necessary f o r  accura te  d a t a  ga the r ing ,  something 
t h a t  a s i n g l e  p i t c h  momentum wheel cou ld  not  provide.  Thus t h e  u s e  of a 
t h r e e - a x i s  system wi th  t h r e e  r e a c t i o n  wheels mounted a b o u t  e a c h  of  t h e  
p r i n c i p a l  axes (p i tch/ ro l l /yaw)  was determined t o  be necessary.  
Using t h e  equat ions  of motion ( l i n e a r i z e d )  along w i t h  t h o s e  equat ions  
r ep resen t ing  s o l a r  r a d i a t i o n  to rques  and g r a v i t y  g r a d i e n t s ,  an e s t i m a t i o n  of 
r e a c t i o n  wheel and t h r u s t e r  requirements a r e  obtained.  Requirements d i c t a t e  
t h a t  r eac t ion  wheels not only provide accura te  po in t ing  and scanning c a p a b i l i t y  
by r e o r i e n t i n g  t h e  instrument bus, b u t  a l s o  t h a t  t h e y  be a b l e  t o  provide  
adequate a t t i t u d e  and o r b i t  c o r r e c t i o n  c a p a b i l i t y  ( s t a t i o n k e e p i n g )  from t h e  
h ighes t  p red ic ted  d i s t u r b i n g  e f f e c t s  ( to rques ) ,  which a r e  assumed t o  be those  
c rea ted  by s o l a r  r a d i a t i o n  and g r a v i t y  g r a d i e n t s .  Also, t h e  t h r u s t e r s  must be 
a b l e  t o  provide t h e  c a p a b i l i t y  t o  l o a d  and unload angu la r  momentum from t h e  
r e a c t i o n  wheels, a s  w e l l  a s  provide a d d i t i o n a l  o r  redundant a t t i t u d e  c o n t r o l  
and maneuvering. 
The designated reac t ion  wheels a r e  designed t o  provide  0 .5  N-m of t h r u s t  
each with maximum angular  momentum of 20 N-m-sec f o r  each  wheel, wi th  ample 
c a p a b i l i t y  t o  counteract  and c o r r e c t  f o r  t h e  aforementioned d i s t u r b i n g  torques .  
The s i x t e e n  t h r u s t e r s  des ignated  provide  f u l l  r o t a t i o n  about  a l l  axes, with 
each t h r u s t e r  generat ing 1 Newton of t h r u s t .  Twelve t h r u s t e r s  a r e  requi red  f o r  
three-axis  capab i l i ty ,  with four  needed f o r  redundancy o r  p o s s i b l e  maneuvering 
requirements. Refer t o  Appendix 4B f o r  a l i s t i n g  and method of equat ions  used, 
and t o  t h e  S t r u c t u r e s  subsystem s e c t i o n  f o r  component l a y o u t  and placement. 
Also, r e f e r  t o  Table 4-3 f o r  component l i s t i n g  and s p e c i f i c a t i o n s .  
v 
A s  is  expected with a l l  d e s i g n  processes ,  t h e r e  w e r e  a number of 
problems t h a t  a rose .  The most major of t h e s e  was optimal placement of a t t i t u d e  
and a r t i c u l a t i o n  c o n t r o l  components on t h e  s p a c e c r a f t  components, i .e. t h e  
payload reen t ry  vehic le  and t h e  instrument bus. Because of  t h e  need f o r  proper 
ba lancing and o t h e r  subsystem component requirements, t h e r e  were compromises 
made i n  t h e  placement of some components of t h i s  subsystem, a s  t h e r e  were with 
components with o t h e r  subsystems. For example, a t t i t u d e  r e f e r e n c e  sensors  
r e q u i r e  an  u n o b s t r u c t e d  f i e l d  of  view ( w i t h i n  e a c h  s e n s o r ' s  viewing 
parameters), which was not always completely possible, thus requiring 
compromise with other subsystems. Also, thruster placement had to be chosen 
carefully as to avoid possible distortion of science instrument viewers or 
actual physical damage to these instruments or other spacecraft components, yet 
without affecting the performance of the thruster system. A problem area yet 
to be resolved is the accurate estimation of attitude control thruster 
requirements during aerobraking, of which no applicable information or 
techniques could be provided. 
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I n e r t i a  Matrix of Spacecraf t :  4 I y y f ,  I 
-L Torque on s p a c e c r a f t :  Z = l%->'Cy = 
Tx = Izzbz 
Assume angular  r a t e s  a r e  zero  (6= 0) 
Desired angular  rate of  s/c when turning:  ax = 1 deg/sec  = 0.0157 
r ad / se  4 
~t = ACO,/P~ --> a X ( o )  = o 
Obtain A t  (z is known from given t h r u s t  and lever arm of  t h r u s t e r )  
Mass of f u e l  used = lfAt/lspgd where M = t h r u s t e r  moment 
Isp = specific impulse of 
f u e l  
go = g r a v i a t i o n  acce le ra t ion  
E a r t h  a t  s e a  level 
C = lever arm of  t h r u s t e r  
= ~ A t t / ~ , ~ g ~  F = t h r u s t  f o r c e  
A t  = burn  t i m e  
(MAt = angular  momentum = h)  
Resul t  i s  mass of  f u e l  used i n  each impulse t o  a c c e l e r a t e  t h e  
spacec ra f t  from rest t o  a cons tan t  angular r a t e  of 1 deg/sec, o r  t o  
d e c e l e r a t e  t h e  spacec ra f t  from t h i s  angular r a t e  t o  zero.  
Mult iply  t h i s  r e s u l t  by 2 t o  f i n d  fue l  needed f o r  a r o t a t i o n  manuever, 
and then  mul t ip ly  by 211 (days) t o  f i n d  t h e  t o t a l  mass of f u e l .  
Add es t ima t ion  f a c t o r  f o r  f u e l  consumed during aerobraking 
R e f e r  t o  Power and Propulsion Subsystem f o r  p rope l l an t  and tank  s i z i n g  @ K.:.:.9 <.?...a 
equat ions .  g2!g - 9 
Appendix 4B 
Equations of Motion of Instrument Bus i n  o r b i t :  
2 -  G+I& + [i x (I$+ PCP) 
where I n e r t i a  matr ix of t h e  instrument bus 
(122) 
I n e r t i a  matr ix of t h e  r e a c t i o n  wheels along 
each p r i n c i p a l  a x i s .  $8--> -1ar r a t e s  about r o l l .  p i t c h ,  and yaw 
A 
axes (Slr&,e3). 
ow --> Angular r a t e s  of r e a c t i o n  wheels about 
[m,~) t h e i r  respect ive  axes. 
So la r  r a d i a t i o n  preqsure: 
For p e r f e c t  absorber (blackbody) = 4 . 5  x 10-6/12 ~ / m 2  
For p e r f e c t  absorber - 9.0 x 10'6/12 ~ / m 2  
where 1 = d i s t ance  from Mars t o  t h e  sun i n  a .u.. (1.52 a.u. ) 
Estimate c e n t e r  of p ressu re  on instrument bus -- Assume average 6 c m  o f f  cen te r  of 
mass.Find s o l a r  r ad ia t ion  torque on instrument bus. 
ss$tSr = Ah -->where hmax '20 N-m-sec 
havg -10 N m se(: - - 
L\h -10 N-m-see 
A t S r  der ived from constant  angular a c c e l e r a t i o n  
rSr is  t h e  s o l a r  r ad ia t ion  torque 
Obtain A t  f o r  t h r u s t e r  burn with s i m i l a r  equation a s  above us ing  torque of t h e  
t h r u s t e r  and Ah obtained above. 
Compute f u e l  mass from equation: M t / ~ ~ ~ g $  
Gravity-gradient t o r e e s  ( l inea r i zed)  -- f o r  c i r c u l a r  o r b i t s  
Find f u e l  masses using equations of motion and f u e l  mass equat ion  given above. 
Assume no i n i t i a l  angular  r a t e s  of instrument bus. 
COMMAND and DATA CONTROL 
by Peter ~jellming 
INTRODUCTION 
As noted in the Mission Planning section, we have 
decided to emphasize the communication support aspect of the 
first mission. Although this choice decreases the importance 
of the data coming from the science instruments, the workload 
on the CDC is not decreased because of the increased 
communication requirements. The CDC sub-system was designed 
to fulfill theses varied objectives using a structure method 
of attack. I started by pulling the CDC requirements from 
the RFP. I also outlined what the satellite would have to do 
during different phases of the mission. I then compiled the 
design objectives as stated in the RFP and listed the 
assumptions I was making in formulating my design. With all 
this information I went about choosing my systems that would 
satisfy my requirements and justifying their choice. 
REQUIREMENTS 
The tasks that the CDC sub-system performs can be 
divided into internal concerns, and external concerns* 
Internally the CDC takes care of integrating and commanding 
the various parts of the spacecraft. Externally the CDC 
relays information from various sources to it intended 
destination. 
Internal ~equirements: 
Collect telemetry from all sub-systems. 
Generate commands based on telemetry. 
Send telemetry to Ground Control. 
Receive commands from Ground Control. 
Send commands to sub-systems. 
, 
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Get necessary power from PPS sub-system. 
External Requirements: 
Collect science instrument data. 
Decide if landing site is clear. 
Send scienqe instrument data to 
Ground Control. 
Receive communications from Mars 
Station and Aircraft. 
Relay communications to Mars Station 
and Aircraft. 
Mission Profile: 
Pre-Launch: 
Launch : 
Flight : 
Approach : 
Aerobrake : 
Touchdown: 
Instr. Bus: 
Interface and test all 
subsystems. 
AACS telemetry on progress 
of the burn. Commands to 
PPS throughout burn. 
AACS telemetry for in-flight 
corrections. Monitor sub-systems, 
relay telemetry to Ground Control. 
Prepare for aerobraking. 
AACS interactions to control 
aerobraking. 
Evaluate landing site. 
Control descent into atmosphere. 
Begin science mission. Relay 
station/plane communications. 
DESIGN 
There were many requirements in the RFP that restricted 
the design of the CDC sub-system. The one which we have 
emphasized specifically is simplicity. This is further 
encouraged by other requirements. All equipment used by the 
CDC had to be available on or before 1998 and where possible 
off-the-shelf technology was to be used. The lifetime of the 
sub-system had to be at least four years. The use of 
artificial intelligence in the design and operation of the 
CDC was highly encourage to minimize control from the ground. 
The spacecraft would be launched into low Earth orbit by the 
Space Shuttle. Finally, the design had to be capable of a 
variety of missions. 
With these design goals in mind and the requirements 
listed above, thought could be given to performing the 
mission. But some assumptions had to be made before the 
design could be completed. As mentioned earlier, we decided 
to emphasize the communication support aspect of this 
mission. As a means of decreasing the power, antenna 
pointing, and data storage requirements of the CDC it was 
decided to send the instrument bus telemetry to Ground 
Control through the Mars Station after the bus is in orbit 
around Mars. The Mars Station will have a more capable CDC 
sub-system than the bus and the station could analyze the 
data it needs immediately, such as weather information. 
INTERNAL SYSTEMS 
Internal systems are systems which are used to meet one 
of the internal requirements listed above. The three 
components of this system are the spacecraft interface unit, 
digital computer, data storage, and S-band radio. 
The spacecraft interface unit collects the telemetry 
from all the sub-systems, sends it to the computer, and 
distributes the commands that the computer comes up with, It 
also collects the power for the CDC components. 
The digital computer generates on-board commands for the 
instrument bus. It uses telemetry gathered by the spacecraft 
interface unit and algorithms stored in the data storage to 
generate commands and relieve Ground Control of as much work 
as possible. 
The S-Band radio and antenna will be used to send 
telemetry and receive commands from Ground Control. The 
radio will be transmitting at enough power to allow 4.0-Ex6 
watts of power to be received by the DSN, This amount of 
power allows for high data rate bursts and can be used for 
compensating for atmospheric conditions. The burst 
transmissions help decrease the amount of time that the DSN 
is occupied with our particular satellite. Figure 3-1 
shows the configuration of the antenna. It is rigidly 
mounted to the spacecraft. Pointing is performed by 
rotating the spacecraft and point the antenna to Earth 
during transmission and reception. Figure 5-1 is a graph of 
S-Band Antenna size vs. Tranmitting Power. Figure 5-2 shows 
that the received power will allow for roughly 250 kilo-bits 
per second of data to be transmitted. This is well within 
the amount of telemetry the spacecraft will be collecting 
about itself. As mentioned above, no direct communication 
with Earth will be necessary once at Mars. Therefore the 
S-Band antenna will be discarded on arrival. 
EXTERNAL SYSTEMS 
External systems satisfy external requirements. The 
components used are the mission interface unit, digital 
computer, data storage, and the X-Band radio. 
The mission interface unit collects the science 
instrument data and packages it into a transmittable form. 
It is very similar to the spacecraft interface unit except 
for being dedicated to the science instruments. 
The digital computer is used to analyze the data and 
evaluate the condition of the landing site of the payload. 
To do this it uses algorithms stored in data storage. In 
addition to holding algorithms, the data storage also stores 
telemetry that is waiting to be transmitted. This is 
particularly important if the Mars Station is obscured by 
dust storms. It also allows for burst transmissions over a 
short period of time. This would minimize the load on the 
Station due to the instrument bus. 
The X-Band radio will be used to communicate with the 
surface of Mars. To eliminate the need for pointing and 
simplify placement, an isotropic antenna will be used. AS 
Figure 5-3 shows the relationship between the power received 
by the Mars station and the power tranmitted by the satellite 
is a linear one. A 20 watt transmitter is easily attainable 
and would resulted in the highest data rate. Figure 5-4 
shows that with the Mars Station receiving 7.26-El2 watts 
almost half of a Giga-bit could be transmitted in a second. 
Such high data rates would provide for fast transmission of 
imaging pictures. 
CONCLUSION 
Although the CDC sub-system may have been able to save 
some weight by being designed for only this particular 
mission, the RFP specifically stated that a variety of 
missions might be required. This sub-system has the ability 
to meet the requirements of missions that have longer 
communication distances and greater data rates. A summary of 
the CDC components, their weight, and the power they require 
at various times in included in figure 5-5. 
Figure 5-3 
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Figure 5-4 
X-Band Data Rate 
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Figure 5-1 
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Figure 5-2 
S-Band Data Rate 
P r B = ------- log2 (SNR+l) 
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Figure 5-5 
CDC Component Information 
Component Mass (kg) Power (W) 
Spacecraft 
Interface Unit 
computer 8 lo 
Data Storage 9' - lo 
S-Band Radios 
S-Band Antenna 
Mission 
Interface Unit 
X-Band Radio (2) 5 .s!- 
Power Needed: Silent Transmitting 
In flight 
Aerobraking, 
30 Sa 
?L5 -  
In Orbit 3& 6a 
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SCIENCE INSTRUMENTATION 
MISSION SCIENCE OBJECTIVES FOR MAVRIC 
The scientific mission of the satellite is: 
1) To determine the origin, evolution, and present state 
of the solar system. 
2) To better understand the Earth through comparative 
planetary studies. 
3) To understand the relation ship between the chemical 
and physical evolution of the solar system and the 
appearance of life. 
The above goals are to be achieved by: 
1) Determining the elemental and mineralogical character 
of the Martian surface on a global basis. 
2) Determine the distribution, abundance, sources, and 
concentrations of volatile materials and dust. 
3) Define the global gravitational field. 
4) Measure the global topography. 
5) Explore the atmospheric structure and its circulation 
in detail. 
6) Establish the nature of the Martian magnetic field. 
Additional overall project requirements directly 
influencing the science instrumentation subtask include: 
1) The design will stress simplicity, reliability, and 
low cost. 
2) Performance, weight, and cost should be optimized in 
design tradeoffs. 
3) The spacecraft should use off-the-shelf hardware where 
available, but should not use materials or techniques 
expected to be available after 1998. 
4) The spacecraft will have a design lifetime of four 
years, but nothing in its design should preclude it 
from exceeding this lifetime. 
5) Nothing in the spacecraft's design should preclude it 
from performing several possible missions. 
The MAVRIC design team has chosen to implement these 
objectives and requirements so as to maximize aircraft 
support. Forecasting weather conditions that the aircraft 
might encounter and supplying navigational aid to the 
aircraft during its operation have been deemed vital for the 
success of the Manned Mars Aircraft. This choice of accent 
on the design philosophy has several direct effects on the 
science instrumentation subtask, the discussion of which 
follows . 
SELECTION OF INSTRUMENTS 
The method of attack for selecting scientific instruments 
was to perform library research to find information on 
missions with similar scientific objectives. Analysis 
included past missions such as Mariner, Viking and Pioneer, 
present missions such as Voyager, Galileo and Earth 
satellites, and future missions such as the Mars Geoscience 
Climatology Orbiter. Several questions were then asked. 
What hardware and techniques used on these missions can be 
applied to MAVRIC? What changes and modifications would need 
to be made to suit our needs? What technology can be 
incorporated that will be available by 19983 Is theze 
anything that we will need to design from scratch? 
Applicable instruments were then chosen based on performance, 
weight and cost trddeoffs. The following instruments were 
selected to be carried by the MAVRIC satellite. Listed with 
each instrument are the mission science objectives they 
fulfill. 
1) Ultraviolet-Visual-Infrared Spectrometer 
This instrument will determine elemental and 
mineralogical character of the Martian surface, map 
concentrations of water and carbon dioxide both in the 
atmosphere and on the surface, and determine the 
concentration of ozone in the Martian atmosphere. 
2) Gamma Ray Spectrometer 
Measures abundance of elements, volatile materials and 
dust on Mars1. surface. 
3 ) Magnetometer 
Will establish the nature of Marsq magnetic field. 
4) Radar Mapper 
Will be used to map Mars"%opqraphy. 
5) Ultraviolet Photometer 
Detects atomic hydrogen and will explore atmospheric 
structure. 
6) Radio Science 
The satellite radio relay and Mars base radio link 
will be used to define Mars8 gravitational field. 
7) Imaging 
The imaging system will analyze weather patterns 
including atmospheric circulation and will be used for 
forecasting weather conditions that the Manned Mars 
Aircraft may encounter. 
All of these instruments have a proven history of ground 
and flight test. For details concerning instrument power 
requirements, data rates, weights and sizes see figure 1. 
PLACEMENT OF INSTRUMENTS 
All instruments are placed on one face of the cubic 
satellite bus. This configuration was chosen since the 
satellite will be in a synchronous orbit over the Mars base 
longitude and one face will remain pointed at the planet 
throughout the orbit (for details concerning satellite orbit 
see the Mission Planning section). The instruments are 
placed smetrically about the satellite center of gravity in 
order to simplify the satellite inertia tensor (for details 
of instrument placement effect on the satellite inertia 
tensor as calculated using INERT see the STRUCTURE section). 
See figure 2 for details of instrument placement. 
SCANNING/POINTING REQUIREMENTS 
As stated above all instruments are placed on one face of 
the satellite bus and will remain pointing at the planet 
throughout the satellite orbit. From the satellite's 
synchronous orbit a field of view of 18.79 degrees is 
required to collect data from the entire planet. All 
instruments can collect data from this field range. In 
addition, the imaging system is capable of scanning the width 
of the planet for narrower, more detailed information. 
For details of instrument fields of view and scanning 
abilities see figure 1. The satellite will be kept pointing 
at the planet by the attitude control gyros. For details of 
the gyros and stability requirements see the Attitude Control 
section. The only exception to the above methodology will be 
after aerobraking when 'the satellite will temporarily scan 
the landing site from a low Mars orbit (to insure safe 
landing conditions for the aircraft payload) before boosting 
itself into a synchronous orbit over the Mars base longitude. 
For details of these events see the Mission Planning section. 
INTERACTIONS 
1) Mission Planning 
Mission objectives and science objectives were 
analyzed and found to be contradictory. Aircraft 
support was given first priority and thus a 
synchronous orbit over the Mars base longitude was 
chosen. 
2) Structure 
Instrument weight was minimized since this directly 
influenced material costs and fuel needs. Instruments 
were placed symmetrically about the satellite center 
of mass so as to simplify the satellite inertia 
tensor. 
3) Aerobrake 
Instrument C-load and temperature tolerances are not 
exceeded during the aerobraking maneuver. See 
Aerobrake section for details. 
4) Attitude Control 
Instrument pointing requirements are met by the 
attitude control gyros. Scanning is only necessary 
for the imaging system thus all instruments have been 
placed directly on the satellite bus rather than on a 
scan platform. See the attitude control section for 
details. 
5) Power and Propulsion 
Science Inst entation power needs are met by Power 
and Propulsion. See Power and Propulsion section and 
figure 1 for details. 
6) Command and Data Control 
Instrument control commands are received from the Mars 
base and relayed to the science instruments by CDC. 
Data collected by the science instruments is converted 
from analog to digital format and relayed to CW3 for 
recording or transmission to the Mars base. For 
details see the Command and Data Control section and 
figure 1. 
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Distillation of RFP ~equirements 
Examination of the RFP provides the following requirements 
which apply directly to the Power and Propulsion Subsystem (PPS) 
design : 
1. The PPS should use off-the-shelf hardware where available. 
2. The PPS should not use materials or techniques expected to be 
available after 1998. 
3. The PPS will have a design lifetime of four years, but 
nothing in its design should preclude it from exceeding this 
lifetime. 
4. Nothing in the PPS design should preclude it from performing 
several possible missions, including sample return or multiple 
body fly-bys. 
5 .  The spacecraft and instrument bus will both require separate 
PPS . 
6. The design will stress simplicity, reliability, and low cost. 
7. Performance, weight and cost should be optimized throughout 
the design. 
Additional general requirements for the PPS include: 
8. The PPS must be able to send telemetry to the C3 subsystem. 
9. The PPS must be able to accept commands from the C3 
subsystem. 
10. The PPS must be self-powered. 
11. The PPS must have some form of control outputs, such as power 
relays. 
12. The PPS must have some form of sensor input, such as 
temperature sensors. 
13. The PPS must provide an uninterrupted power supply. 
14. The PPS must be protected from load faults and outages. 
15. The PPS must allow for monitoring by the mission support 
team. 
POWER SYSTEM 
This mission requires two separate power systems, one for 
the spacecraft, and one for the instrument bus '(satellite) . The 
following tables illustrate the power requirements of the two 
vehicles at different times in the mission profile. 
Spacecraft Power Required (Watts) 
____  ......................................................... 
Cruise Aerobraking Parked Martian Orbit 
AACS 100 62.5 100 
Contingency 20 17.5 20 
----- ------ ----- 
TOTAL 170 100 170 
,,,,--,,,,,,-,---------------i-------------------------------------- 
Instrument Bus (Satellite) Power Required (Watts) 
................................................................. 
Cruise Aerobraking Deployment 
AACS -- -- 160 
Science -- -- 75 
Contingency -- -- 25 
----- ----- ----- 
TOTAL -- -- 310 
_,-_--.------------------------------------------------------------ 
Two power systems for this mission were considered: 1) solar 
arrays augmented with batteries or fuel cells to maintain power 
during eclipse periods of the mission, and 2) Radioisotope 
Thermoelectric Generators (RTGs). There were three major reasons 
why Solar Arrays have been selected over RTGs for this mission. 
The first reatson is shown in figure 7-1 (Reference 5). This 
diagram illustrates for distances from the sun of 3.5 AU (AU = 
distance from the sun to the earth) and closer, a solar array 
system augmented with a 20 kg fuel cell has a better power per kg 
mass ratio (Specific Power) than does the most advanced RTG to 
date. Another factor that lead to this decision is the fact that 
RTGs are nuclear power sources which could be environmentally 
hazardous, It is very difficult to obtain clearance to use RTG 
power systems on spacecraft today. A final major disadvantage is 
that shielding is needed to isolate the radioactive power source 
of RTGs from sensitive in~trUments. This leads to extra weight 
and restricts placement of other spacecraft components. 
For the solar arrays, two systems to augment the arrays 
during eclipse were studied, 1) batteries and 2) regenerative 
fuel cells. Two types of batteries were examined, Ni-Cd and 
Ni-H2 batteries. Because of long eclipse times associated with 
this mission (11.25 hrs for the instrument bus, and 3 days for 
the spacecraft (see mission planning section) weight of the 
system is going to be of upmost importance. Ni-Cd and Ni-HZ have 
similar performance capabilities, although Ni-H2 batteries have 
not been mission tested yet where as Ni-H2 batteries have over 20 
years flight history. The most significant difference between 
the two is Ni-Cd batteries are generally 3 times the mass of 
equivalent Ni-HZ batteries (Reference 3), so it would be to this 
missions advantage to utilize the Ni-H2 battery system. Ni-H2 
batteries are relatively new technology but they are planned to 
be used on the space station (Reference 3) so they will be 
available before this mission gets off the ground. 
The other power source considered is the LH2/LOX fuel cell. 
LHZ/LOX fuel cells have been used for spacecraft power systems 
since the 1960% ~emini program. There are three LHZ/LOX fuel 
cells used on the Space Shuttle. It is proven technology, The 
only real determining factor on which system (batteries or fuel 
cells) to use, is unit weight. As shown in figure 7-2, the 
length of eclipse time is the primary concern when looking at 
what type of system to use (weight is the primary factor'in 
system selection). For an eclipse time of more than 9 hours, at 
310 Watts power, it is optimal to use fuel cells- The instrument 
bus is going to experience an 11.25 hour eclipse every 24.72 
hours with a required load of 310 Watts. It is evident that fuel 
cells should be used in this case. To stress the point, the 
following are calculations of the battery weight required 
compared to the fuel cell weight required to maintain instrument 
bus power for 11.25 hours. 
Ni-HZ Battery (Reference 3) 
PL = Power Load = 310 W 
Te = Time of Eclipse = 11.25 hrs 
DOD = Depth of Discharge = 55% 
WHrs/Kg = 75 WHrs/Kg 
Stored Energy = PL*Te/DOD = (310 W)*(11.25 hrs)/,55 = 6341 WHrs 
Weight (Battery) = (Stored Energy) A(WHrs/Kg) * W D ~  
= (6341 WHrs)4(75 WHrs/kg) *(.55fl = 154 kg 
LH2/LOX Regenerative Fuel Cells 
The information used for sizing fuel cells comes from 
specifications on Apollo and Space Shuttle fuel cell systems, 
scaled down to meet this missions requirements (Reference 7). 
The Apollo fuel cells had a maximum output of 1420 watts at 70% 
efficiency. Studies by Rockwell International show fuel cells 
with 909 efficiency available in the near future if not present 
(the report was published in 1981 (Reference 8)). With this 
efficiency, the total output of the Apollo fuel cell could have 
been: 
(1420 W)*(.90)/(.70) = 1826 watts. 
Reactant consumption of the Apollo fuel cell was -55 Kg/hr, by 
14 dividing this by cell output, one gets: I 5 
(-55 Kg/hr)/(1826 W) = .301 Kg fuel mass/Kilowatt-Hour. 
This can be used to determine the fuel mass required at a given 
output for a given period of time. The Space Shuttles fuel cells 
supply an average of 7 Kw each. Each unit weights 91 Kg. 
Specific Power is thus (7000 W)/(91 Kg) = 77 W/Kg. For the 
instrument bus this would warrant a 4 Kg fuel cell: 
(310 W)/(77 W/Kg) = 4Kg. 
Weight of the fuel for the instrument bus is: 
(11.25 hrs)*(310 W)*(.301 Kg/Kw-hr) = 1.05 Kg. 
Together, this equals 5.05 Kg for the fuel cell. But this kind 
of estimate will not account for everything, so to be conserva- 
tive, the total mass of the fuel cell is estimated at 10 Kg. 
The fuel cell for the payload carrier is sized in a similar 
fashion. The fuel mass is: 
(3 days) (24 hr/day) (170 W) (. 301 Kg/Kw-hr) = 3.68. 
Together with the cell mass of 4 Kg, this is 7.68 Kg for the fuel 
cell. Again, to be conservative, the total mass of the fuel cell 
for the payload carrier is estimated at 13 Kg. 
As can be seen from the above comparison, batteries weighed 
quite a bit more than the fuel cells (154 kg - Ni-H2 batteries, 
10 Kg LH2/LOX fuel cell). Because regenerative fuel cells are 
more complex than Ni-HZ batteries, they are not as reliable as 
batteries on long term missions but research is underway and such 
systems will be available around 1998. (Reference 3). 
The solar array sizing for the instrument bus is as follows 
(Reference 1) : 
PT = Total Power Te = Eclipse Time = 11.25 hrs 
PL = Load Power = 310 W Ts = Sun exposure Time = 13.47 hrs 
Solar cell degradation = 30% over 5 years 
Cr = concentration ratio = .88 
S = solar constant = 600 W/m2 (at Mars) 
e = cell efficiency at 25C = .205 (reference 
A = active cell area 
= temperature degradation factor = ,005 
T = cell temperature = 50 C 
Array area density = 1.59 kg/m2 
PT(after 5 years) = (569 W)/(l-0.3) = 813 W 
Array mass = (8.6 m2)*(la59kg/m2) = 13.7 kg 
To be conservative, array mass equals 15 kq. 
For the spacecraft, the fuel cell will only need to be recharged 
enough to handle the small eclipse time it encounters while in 
its parked Martian orbit awaiting decent to the surface. The 
same equations apply. 
PL = 170 W Te = 1.28 hrs Ts = 23.44 hrs 
Solar cell degradation = .12 over 2 years 
All other variables are as above. 
PT = 170 W + [ (170 W) *(1.28 hrs) ]/(23.44 hrs) 
= 179.3 W 
=(after 2 years) = (179.3 W)/(l-0.12) = 203.8 W 
Array mass = (2.15 m2)*(1.59kg/m2) = 3.42 kg 
To be conservative, array mass equals 5 kg. 
The dimensions of the fuel cells are again scaled down figures 
from the Space Shuttle fuel cell system* The dimensions of the 
Space Shuttle's 7Kw, 91Kg fuel cell are .35m x .38m x 
1.01m (Reference 7) . This gives a specific volume of 
(.35*.38*1.01 m3)/91 Kg = .0015m3/kg. The two cells weigh 10kg 
and 13kg. The scaled down fuel cells for this mission are 
estimated as follows: 
Instrument Bus (10kg)*(.0015m3/kg) = .015m3 => .2m x .15m x .5m 
Spacecraft (13kg)*(.0015m3/kg) = .02m3 => .2m x .2m x.5m 
Finally, to integrate and control the power system a power 
subsystem electronics unit is responsible for: fuel cell 
charging, signal conditioning, power control and distribution, 
and power system fusing. It shouldn't weigh more than 30 kg and 
has estimated dimensions of .4m x .4m x .4m. 

PROPULSION SYSTEM 
There are seven different propulsion systems required for 
this mission: 1) the main propulsion system required to send the 
spacecraft from Earth orbit onto a Mars trajectory, 2) propulsion 
system required for Aerobraking, 3) instrument bus booster to put 
it in synchronous Martian orbit, 4) retro rockets to initiate 
decent to Mars surface, 5) landing rockets to slow the decent of 
the lander to the surface of Mars and 6) two M C  Thruster systems 
(one for the spacecraft and one for the instrument bus). This 
report will deal primarily with the main propulsion system and 
the instrument bus booster system. General requirements for the 
other systems will be looked at but most of those calculations 
will be covered in the other subsystem reports (propulsion system 
for Aerobraking, retro rockets and landing rockets are covered in 
the Aerobraking subsystem report and the AAC Thruster systems are 
covered by the M C S  subsystem report.) 
For the main engine, two propulsion systems were seriously 
considered, chemical propulsion and ion propulsion. Chemical 
propulsion has been NASA's work horse since the start of the 
space race. It is a highly reliable propulsion system and is 
relatively cheap (research costs have already been payed for and 
most of the components of a chemical rocket engine can be pulled 
off a shelf). Ion propulsion on the other hand is still in its 
research phase. Since it is new technology, costs will be high 
and its reliability can only be speculated. The nice advantage 
of ion propulsion is its high Isp, an MPD Ion propulsion system 
has an Isp equal to about 6000 s (compared to a chemical 
rocketqs Isp of around 460 s for liquid hydrogen/liquid oxygen 
(LH2/IX)X)) (Reference 1). This high Isp means a large decrease 
in system weight (when comparing to low Isp propulsion systems) 
as can be tested using the rocket equation (delta V = 
g*Isp*ln(Mi/Xf) , g = 9. 8m/s, Mi = initial mass, Uf = final 
mass) (Reference 10). But, the major problem area with ion 
propulsion is its low thrust which means a longer mission profile 
(to give the engine the time to attain delta V). In a lecture by 
John K. Soldner of SAIC called "Pathways To Marsa (Reference il), 
he illustrated the mission time difference between a ballistic 
trajectory (chemical propulsion) verses a low thrust trajectory 
(ion propulsion). For a mission to arrive at Mars in August 2008 
with chemical propulsion it took an Earth launch date of September 
2007 for a total of 11 months. For the ion propulsion system, it 
took a launch date of September 2006 to reach Mars by August 2008, 
a total of 23 months. It was felt by this design team that this 
extra year of! flight time would put a burden on all the other 
spacecraft subsystems in terms of increasing reliability 
requirements and the extra cost involved with ground monitoring 
and system management outweighed the higher spacecraft weight 
disadvantages of chemical propulsion. 
The main propulsion system will be a LH2/IDX pump feed 
chemical rocket. The same type used by the upper stages of the 
  pol lo missions and the type used for the main engines of the 
Space Shuttle. A LH2/LOX system was chosen because of its high 
~ s p ,  the latest designs are capable of delivering an Isp of 470 s 
(Reference 2). As mentioned before, the higher the Isp the 
lower the initial mass (fuel mass primarily) will be, A 
disadvantage of the LH2/LOX system is it requires refrigeration 
to keep the LH2 and LOX tank below their boiling point which in 
turn requires extra mass an power. (note: The power to maintain 
refrigeration will be delivered from a separate power system 
built into the main engine stage. Further studies are necessary 
to determine the power required.) A quick trade study between 
monomethylhydrazine/nitrogen tetroxide (MMH/NTO)(a fuel with one 
of the highest Isp's (340s) for a system that doesn't require 
refrigeration(Reference 1)) and LH2/LOX puts the advantage of 
the LH2/LOX system into perspective: 
. MMH/NTO 3569m/s= (9.8m/s) * (340s) *ln (Mi/9000) Rocket Eqn. 
LH2/LOX 3569m/s=(9.8m/s) * (470s) *ln(Mi/9000) Rocket Eqn. 
A difference of 6735 kg which is far more than any refrigerant 
system would cost in weight for this small a propulsion system, 
The actual fuel mass and engine and tank calculations for 
this spacecraft are as follows: 
delta V = 3569m/s 
Mt = total mass 
Msc = spacecraft mass = Mt-(Mf+Met) = 7550 kg 
Mf = total mass of the fuel 
Met = total mase of the engine C tanks = 15% of ~f 
g = 9.8m/s 
Isp = 470s (LH2/U)X) 
delta V = g * Isp * ln[Mt/(Msc+Met)] 
By manipulating this equation, 
Mf = 11000 kq (with a 300 kg fuel contingency mass) 
Met= 1650 kg 
LOX/LH2 ratio = 6 
LOX density = 1141 kg/m3 
LH2 density = 70,79 kg/m3 
LOX mass = (6/7)*(11000kg) = 9429 kg 
LH2 mass = (1/7) *(11000kg) = 1571 kg 
W X  volume = (9429kg)/(ll41kg/m3) = 8.26 m3 
LH2 volume = (1571kg)/(70.79kg/m3) = 22.19 m3 
There will be three tanks total on the main engine stage one LOX 
tank and two LH2 tanks. 
volume of a sphere = (4/3) * pi * r ** 3 
U X  tank 8.26 m3 = 4.189 * r **3 
LH2 tank (22.19 m3)/2 = 4.189 * r ** 3 
r = 1.384 m (2 tanks) 
The engine's estimated size is 2.5m x 1.0m x 1.5m. 
(Note: The engine and tank mass are taken to be 15% of the fuel 
mass. This a simple estimate mentioned in reference 4 to give 
good and quick ball park figures to be used in initial design.) 
The LH2/LOX stage (engine and tanks) will be jettisoned as 
soon as the delta V burn is over to alleviate the spacecraft of 
unnecessary mass. 
The LH2/LX)X system mentioned above was possible because it 
was used at the very start of the mission and the propellant did 
not have to be refrigerated for a long period of time. But, for 
the rest of this missions propulsion systems this is not true. 
All of the other systems will need propellants which are storable 
at least up to a year, for the instrument bus it will be 4 years. 
The primary concern for these remaining systems is that they be 
reliable and that they add a minimal amount of mass to the 
spacecraft. Two systems were looked at 1) monopropellant 
hydrazine and 2) bipropellant MMH/NTO. Monopropellant hydrazine 
is less complex, just one fuel tank and one set of fuel lines is 
required for this system. But the bipropellant has much better 
performance (Isp for MMH/NTO = 340, Isp for hydrazine = 220 
(Reference 1 ) )  with only a slight gain in complexity due to 
multiple fuel feed systems. Both have been tested extensively. In 
fact, bipropellant MMH/NTO was used on the Viking Program to Mars 
in 1975-76 (Reference 6). In terms of weight the same technique 
as shown above can be used to show that because of the higher Isp 
the MMH/NTO system will have less total mass than the hydrazine 
system would. For these reasons, MMH/NTO systems have been chosen 
as the propulsion system for all the remaining propulsion 
requirement; of this mission. 
The instrument bus will need an MMH/NTO propulsion system to 
park it in synchronous Martian orbit. The fuel mass and engine and 
tank calculations are as follows: 
delta V = 1563.1 m/s 
Ms = satellite mass = 330 kg 
g = 9.8m/s 
Isp = 340s 
Fuel mass = 700kg Engine & tank mass = 105kq 
To be conservative, the fuel mass is actually, a little more than 
necessary (delta V calculated at the above values = 1585m/s). 
NTO/MMH mass ratio = 1.6 
NTO density = 1431 kg/m3 
MMH density = 870,l kg/m3 
MMH mass = 700kg/2.6 = 269.2 kg 
NTQ mass = 700kg - 2'69.2 kg = 430-8 kg 
MMH volume = 269.2kg/(870.1kg/m3) = .309 m3 
NTO volume = 430,8kg/(1431kg/m3) = .301 m3 
A total of six tank will be used to house the above fuel ( 3 - m ,  
3-NTO) due to space limitations. The radius of the tanks are as 
follows: 
volume sf a sphere = (4/3) * pi * r ** 3 
MMH tanks (.309 m3)/3 = 4.189 * r ** 3 
r = .29 m (3 tanks) 
NTO tanks (.301 m3)/3 = 4.189 * r ** 3 
r = .29 m (3 tanks) 
The MMH/NTO systems used on this mission are small enough that 
they will be pressure feed rather than pump feed. This means 
pressure tanks must be sized as follows (Reference 10). 
Gas used: Helium 
Pp = estimated propellant tank pressure = 1696000 Pa 
Vp = propellant volume = .309 m3 + -301 m3 = -61 m3 
R = 230 J/kg K 
To = tank temperature = 290 K 
k = 1.667 (reference 9) 
~g = 1.696 Mpa 
Po = estimated helium tank pressure = 20 Mpa 
density of liquid helium = 141.6 Kg/m3 
Mass of helium = (Pp * Vp * k)/(R * To * (1-Pg/Po)) 
= 28.25 kg 
Volume of helium = (28.25kg)/(141.6 kg/m3) 
= .2 m3 
radius = .362 m 
The propulsion systems looked at in the Aerobraking and AACS 
subsystem sections were sized in the above manner. 
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John C. Mutka 
The project objective is to develop 8 conceptual design 
for the spacecraft system required to deliver a manned 
aircraft to the Martian surface. 
1 ) Launch/Delivery of Spacecraft/Aircraft shall occur during the 
time period of 2005-20 10. 
2) Spacecraft (S/C) will consist of two primary components: 
- Instrument Bus 
- Payload Re-entry System 
3 )  Instrument Bus will remain in orbit after seperation from 
Payload Re-entry System. 
4) The following subsystems will be identified for facilitating 
system integration: 
- Aerobrake 
- Attitude & Articulation Control 
- Command & Data Control 
- Mission Management, Planning dr Costing 
- Power & Propulsion 
- Science Q Radio Relay Instrumentation 
- Structure 
5) Stress simplicity, reliability, minimum mass dr low cost. 
6)  Achieve Mission Science Objectives as outlined in document 
"AAE 24 1 Mission Science Objectives." 
7) Four S/C will be built: three flight ready, and one for testing. 
8 )  S/C and Aircraft (A/C) will be delivered to a low Earth orbit 
in a Space Shuttle (STS), and assembled at a Space Station. 
9) S/C will be retrievable by a remote manipulation device 
on the STS or Space Station. 
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10) Off-the-shelf hardware should be used where possible. 
1 1)  Should not use materials or techniques expected to be available 
after 1998. 
12) Artificial Intelligence (AI )  will be used where applicable. 
13) Lifetime of S/C should be at least four years, with nothing 
designed to limit even longer lifetime. 
14) Nothing in S/C design will preclude it from performing several 
different types of missions. 
1 ) Define target locations necessary for the S/C to fulfill the 
System Requirements. 
2) Analyze pathways between locations, attempting to minimize 
AV. 
3) Design, by working with and integrating between the other six 
subsystems, a S/C to fulfill Requirements one and two above 
(Design should include testing, launch, and mission support 
necessary for the S/C). 
4) Estimate cost for S/C design, according with System Require- 
ments (Attempting to minimize such costs). 
(Launch, Trajectory and Orbit) 
LAUNCH 
Delivery of S/C and A/C to the Space Station 
- S/C and A/C will be modularized and packaged to be 
compatible with the STS cargo bay. (See Structures) 
- It will take three STS trips to completely transport 
the S/C and A/C to the Space Station. 
- The fuel for propulsion will be supplied at the Space 
Station. (See Propulsion) 
- An orbit of 250 miles (400 k m )  will be used for the 
Space Station. 
(This is an arbitrary choice.) 
[Note: AV orbit departure decreases 0.009 km/sec when 
moving from 250 mi. (400 km) to 500 mi. (805 km), which 
is considered negligible for this analysis.] 
- Time to complete this stage is dependent upon the 
STS system. 
S/C and A/C at the Space Station 
- Assembly and fueling of modularized S/C and A/C. 
(See Structures and Propulsion) 
- Ability to retrieve and/or move about by remote 
manipulation device aboard the STS or Space Station. 
(See Structures) 
- Pre-launch analysis and testing of S/C components. 
(See each subsystems) 
- Space Station is advanced, so there are no immediate 
dangers and/or problems with launching a high/low 
thrust S/C from the Station. 
- Time to complete this stage is approximately one 
week. 
TRA JBCTORY 
Method of Attack and Rewits 
- Two feasible pathways were determined: 
a) Earth - Mars (EM) 
b) Earth - Venus Flyby - Mars (EVM) 
- Five maneuvers during flight were also defined: 
a) Impulsive firing of engines (IMP) 
b) Jettison stage mass after firing (MASS) 
c) Aerobraking (AERO) 
d)  Gravity assist by flyby of Venus (GRAV) 
e)  Constant firing of engines (CONB) 
(i.e., ion propulsion) 
- Four factors of greatest importance to trajectory 
choice were defined and given a total pt. value: 
a) Total AV of pathway (45 pts.) 
b) Simplicity of pathway (35 pts.1 
c) Flight time of pathway (25 pts.) 
d )  Ability to solve for above (20 pts.) 
- The following Table I was produced, where total # of 
pts. possible = 1 25. ( 1 25 excellent, 0 unsatisfactory) 
- From Table I, five of the higher pt. total trajectories 
were then further studied: 
a) IMP - IMP (EM) 
b) IMP - MASS - AERO (EM) 
C) IMP - AERO (EM) 
d)  IMP - IMP - IMP (EVM) 
e) IMP - IMP - AERO (EVM) 
with a final Mars orbit = 250 mi. (400 km). (See Orbit) 
a) IMP - IMP (EM) 
Found AV, total mission for window of 
2005-20 10 in 100 day increments, flight times 
of 150-500 days in 50 day increments. 
Results shown on Graph I. 
This determined basic cycle of optimum AV's. 
Examined "valleys" of window in 3, 1 80 day blocks, 
20 day increments for flight times 150-500 days. 
Results shown on Graphs I I, 111, dr IV. 
b) IMP-MASS-AERO (EM) 
Refine data from part a), giving AV Earth orbit de- 
parture and V, for Mars arrival. Results shown on 
Graphs 11, 111, & IV. On Graph V, further exam- 
ination of the lowest "valley" is shown. (1 8 day 
window, in 2 day increments for flight times of 
3 10-345 days, in 5 day increments) 
Giving AV departure to Propulsion, jettisoned mass 
is determined. Mass, along w/ V, is given to Aero. 
Using an 1 1 day launch window, the AVmh depart. 
is specified to be 3.65 km/s, and V, is 2.5 km/s. 
AYmin = 4.4 1 k m/sec. & F l i a h t e  - 374 daYS 
C) IMP - AERO (EM) 
Follow procedure and results of b), except in Aero. 
where, because of no mass jettisoned, will have 
larger mass to place in orbit. This increases flight 
time and AV, of Aerobraking. 
d )  IMP - IMP - IMP (EVM) 
Found AV, for total mission, for launch window 
of 2005-20 f 0, in SO day increments, optimizing 
flight time. Then examined the only true "valley", 
in a 45 day block, 5 day steps for opt. flight time. 
Results are shown top of pg. on Graph VI. 
AY- - 11-74 W s e c .  F- t 
e) IMP - IMP - AERO (EVM) 
Using Graph VI, the procedure is the same as part 
b), except no mass loss. As shown, the AVmh is 
greater to arrive at Mars and V, increases as well. 
These lead to longer flight times k greater AVmh. 
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- Summary of Trajectories Studied: 
x I L u a D Y  
a) I M P  - I M P  (EM) 
~ m p ~ p -  
5.75 350 
b) I M P  - MASS - AERO (EM) 4.4 1 374 
c)' I M P  - AERO (EM) , 4.4 1 ,374 
d) I M P  - I M P  - IMP (EVM) 8.74 47 1 FR 
e) I M P  - IMP - AERO (EVM) , 4.4 1 > 471 
"1 
- TRAJECTORY TO BE USED ..... IMP - MASS - AERO (EM) 
-LAUNCH WINDOW ..... OCT. 8,2009 thruOCT. 19,2010 
Further analysis of trajectory 
- Location of Earth and Mars during mission sequence: 
See Chart I 
ED - position at departure 10/(8- 19)/09 
EA - position at Mars arrival (8-9 ) / (24-5 )/ 10 
E, - position after aerobraking (10-1 1 )/(20-1)/10 
kP - position at end of transfer orbit about Mars 
11/(17-28)/10 
Also have MD, MA, M, & MLp. 
F l i g h t  
T o t a l  AV Time 
l k m l s l - I d  WYa 
1 )  I M P - I M P  
2 )  IMP - MASS - I M P  
3 )  I M P  - AERO 
4 )  I M P  - MASS - AERO 
51  MULT. I M P  
6) MULT. I M P  - MULT. MASS 
7 )  MULT. I M P  - AERO 
8) MULT. I M P  - MULT. MASS 
- AERO 
9).CONB 1 see 44 5 5 -10 
10) CONB - AERO M a t t  Zell 4 5  2 1 -10 
1 1) I M P  - I M P  - I M P  1 9  3 1  2 2 1 9  
1 2 )  I M P  - GRAV - I M P  2 1 2 7  19 1 6  
1 3 )  I M P  - I M P  - AERO 3 2 2 8 2 0  17 
1 4 )  I M P  - GRAV - AERO 3 4 24 17 14 
1 s )  MULT. I M P  2 2 2 1 20 1 4  
1 6 ) MULT. IMP - AERO 35 1 8  18 1 2  
1 7 )  MULT. I M P  - GRAV 2 4 1 4  1 7  1 1  
1 8 )  MULT. I M P  - GRAV 
- AERO 37 1 1  15 9 
1 9 )  CONB see 4 2  3 3 - 1 2  
2 0 )  CONB - AERO ) M a t t  Zell 43 0 - 1 -12 
[Note: MASS could also be included in the possiblities of EVM. However. 
due to little increase in total pts., it has been omitted for space.] 
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Pamela War mack 
Many of the requirements that the Power and Propulsion Subsystem 
(PPS) tried to meet are included in the system requirements listed in the 
Mission Planning (MP) section. These include requirements such as stress 
on simplicity, reliability, low mass, low cost, and off-the-shelf hardware 
wherever possible. The PPS specific requirements are as follows: 
-- Provide thrust necessary for successful completion of 
mission. Required thrust includes delivery vehicle, 
instrument bus, payload retro-rockets, and all Attitude and 
Articulation Control System (AACS) thrusters. 
--Provide uninterrupted power to spacecraft loads during 
mission life. 
-- Protect power bus and units against damage due to load 
faults. 
--Protect user loads against outages and damage due to power 
unit failures. 
-- Control and process power source and energy storage device 
outputs into forms compatible with other subsystem and 
payload needs. 
-- Send telemetry to and accept 'commands from Command, 
Com munications and Control Syste m (CCC). 
-- PPS must be self-powered. 
The method of attack used in this design was fairly simple. The first 
step was distilling general and subsystem-specific requirements from the 
Request for Proposal (RFP). Next, a literature search was run to find power 
and propulsion system (PPS) options. These options were analyzed and 
compared by how well each option would meet the RFP requirements, 
stressing simplicity, low cost and mass, and reliable technology which 
would be available by 1998. An intensive literature search was run on the 
most feasible possibilities, so further analysis could be done to make final 
PPS selections. Information was gathered from other subsystems to allow 
calculation of PPS sizing. If components proved to be of reasonable 
dimensions, then the systems were integrated into the spacecraft. If the 
sizes were not feasible, more research was done in an attempt to modify 
the system. Otherwise, a new system would be chosen. 
LOW THRUST Y1S, HIGH THRUST 
The first decision to be made about the propulsion system was to 
choose between a low and a high thrust system. High thrust propulsion 
seemed to be the obvious selection based on a number of reasons. Several 
low thrust options are at a relatively low level of development. The most 
mature of the low thrust systems, the ion engine, has several major 
disadvantages associated with it. Currently, sufficient resources are not 
available to allow Mission Planning to explore various trajectories or to 
calculate these trajectories accurately. The cost of developing a low thrust 
trajectory software package comparable to MULIMP, used for high thrust 
trajectories, would be prohibitive at this point. 
While ion engines have a high specific impulse (Isp) of greater than 
2000 seconds, the resultant thrust is so small that the time required to 
complete a mission is greatly i n c r e a ~ e d . ~ ~ S ~  Some may argue that time is 
not critical, since the delivery spacecraft is not manned, however the 
overhead costs of ground support for the extended duration must be taken 
into account. Also, the assumption was made that the Mars base would 
need the exploratory aircraft as soon as possible so the necessary data 
could be gathered to plan future Mars missions. 
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Finally, while ion engines have been built and tested, there is some 
doubt that this technology would have mission-grade reliability by the 
1998 restriction date, especially for a mission of this importance. When 
all these factors are considered, a high thrust propulsion system is the 
most viable option at this date. 
CHEMICAL J& NUCLEAR PROPULSION 
Chemical and nuclear are the two most feasible kinds of high thrust 
propulsion systems for this mission. After careful evaluation of the two, it 
was determined that the originality and high Isp of a nuclear propulsion 
system did not outweigh the high mass penalties, high costs, questionable 
reliability, and considerable safety and political concerns associated with it. 
Most chemical systems are relatively simple and yerv reliable. The 
mass of the average chemical propulsion system is moderate, but much 
lower than that of a nuclear system. The safety of chemical fuel is of 
concern only to the point of following standard handling and storage 
proceedures for the particular type of propellant. Chemical propulsion 
systems were chosen for all propulsive functions: Earth orbit escape, 
aerobrake orbit insertion, instrument bus propulsion, payload retro-rocket 
firing, and all AACS maneuvering. 
CHOICE OF PROPELLANT 
Solid chemical propellants were discarded as being too inflexible in 
case of changing mission requirements or emergency situations. Several 
different liquid chemical fuels were considered. A liquid oxygen/liquid 
hydrogen (LOX/H) combination was discarded due to increased mass for 
high pressure tanks and an extensive cryogenic cooling system. Another 
problem with LOX/H would be the significant amount of fuel dissipation 
over the duration of the mission.15 
The final selection was the bi-propellant using monomethyl hydrazine 
(MMH) for the fuel and nitrogen tetroxide (NTO) for the oxidizer. The MMH 
and NTO are both very dense, stable and easily storable liquids. High 
density is considered desirable for liquid fuels, since it leads to lower mass 
through smaller tanks and less tank support structure for a given amount 
of potential thrust. MMH/NTO has an acceptable Isp of 340 seconds9, and 
is more stable than a pure hydrazine mono- or bi-propellant system." One. 
of the major advantages of an MMH/NTO system is its availability. Since 
this fuel combination is used extensively in the Space Shuttle, it is a logical 
assumption that the Space Station will have large MMH/NTO refueling 
tanks, which would eliminate having to waste Space Shuttle payload mass 
on fuel for the spacecraft. It may also be assumed that the pre-flight 
testing can be easily handled at the Space Station, since the Space Station 
crew will have experience in checking and testing the MMH/NTO Space 
Shuttle systems. 
FUEL FEED SYSTEM 
A pressure-fed fuel management system was chosen for the payload 
retro-rockets and the instrument bus. These two components use small 
systems that require minimal burn times. For these cases, the simplicity of 
pressure-feed is preferred. The Earth orbit escape and aerobraking fuel 
systems are considerably larger, so the thick tanks needed for pressure- 
feed would add considerable mass. A turbo-pump fuel feed system was 
chosen for its lighter mass and greater fuel flow capacity. The turbo-pump 
works by bleeding a small amount of gas exhaust and running it through a 
heat exchanger and turbine. The heat exchanger is wired to the fuel tanks 
so the required vapor pressure can be maintained as propellant is used. 
The turbine is used to power the actual fuel pump. The exhaust can then 
be sent back into the combustion chamber to boost performance with an 
afterburner effect, or can be expelled through a small gimballed nozzle to 
provide additional attitude control.'5 
REQUIRBD AV 
The change in velocity needed to move a spacecraft to the desired 
location is called the AV. It is a direct function of initial and final masses of 
the spacecraft, and the Isp of the specific propellant. It is given by 
Tsiolkofski's equation: 
A V - ~ , I ~ ~ ~ ~ ( M ~ / M ~ )  '*I5 
AV in mls (ft/s) 
go-9.8 m/s2 (32.2 ft/s2) 
ISP 4 4 0  s.. for MMH/NTO 
Mi-initial mass in kg (lbm) 
Mf=final mass (after burn) in kg (lb,). 
The propellant systems were broken down into four stages as listed: 
--Stage 1 (Earth orbit escape): AV=3650 m/s from MP. 
--Stage 2 (Aerobraking and vehicle AACS): AV- 1470 m/s. 
770 m/s for Aerobrake (ABRO) [includes a very generous 
safety margin; 670 m/s would probably be sufficient.] 
700 m/s for AACS [based on 20% of total propulsive 
AV; considerably more than calculated in A ACS 
section. Some extra fuel would be kept for contingency 
factor, however, the majority could be left out, which 
lessen overall spacecraft mass.] 
--Satellite: fuel requirements calculated in AACS section. 
--Retro-rockets (for payload): 75 m/s from AERO. 
AV CALCULATIONS 
In making these calculations, an average tankage factor of 15% of fuel 
mass was assumed. The tankage mass includes tanks, plumbing, pumps, 
etc. This figure may be high, considering recent advances in materials 
science. Structural masses are from Structures subsystem (STRU). Engine 
masses are approximations. The large engines are 6000 lbf orbital 
maneuvering 
PFW -5 
units.from the Space Shuttle (off-the-shelf).. The smaller engines are 900 
lbf thrusters, also from the Space Shuttle (off-the-shelf).15 
Retro-rockets: 75 m h 9 . 8  m/sZ x 340 s x ln(Mi/Mf) 
Mi-2300 kg payload re-entry vehicle Mf-26 17 kg initial mass 
296 kg battery pack m 
12 kg retro engines (3 Q 4 kg) 2677 kg total 
26 17 kg total 
Satellite: See AACS section for calculations. PPS was given 
a figure of 285 kg for fuel and tankage. 
Stage 2: 1470 m/s-9.8 m/s2 x 340 s x ln(Mi/Mf) 
Mi02677 kg total re-entry stage Mf-4263 kg initial mass 
500 kg aerobrake system m 
285 kg satellite propulsion 664 1 kg total 
400 kg empty satellite 
4 kg satellite engine 
40 kg stage 2 engine 
-
4263 kg total 
Stage 1: 3630 m/s-9.8m/sZ 340 s In(Mi/Mf) 
Mi-664 1 kg mass into aerobraking Mf= 9638 kg initial mass 
120 kg engines (3 Q 40 kg) -
28822 kg total 
9638 kg total 
TOTAL SPACECRAFT MASS - 28,822 KG. 
TANK SIZING 
The density of MMH-870.1 lcg/m3; NTO- 143 1 kg/m3. For the 
pressure-feed systems,. the mass ratio of MMH to NTO is 1:1.6. For the 
pump-feed stages, the mass ratio of MMH to NTO is l:Z9 Spherical tanks 
were chosen as being best for pressure control, as well as industry 
standard. A sample calculation and tank sizes follow: 
Retro-rockets: 60 kg total propellant 
60 kg / 2.6 parts - 23.1 kg/part 
MMH - 23.1 kg (23.1 kg/part x 1.0 part) 
NTO 36.9 kg (23.1 kg/part x 1.6. parts) 
23.1 kg MMH / 870.1 kg/m3 = ,0263 m3 
36.9 kg NTO / 143 1 kg/m3 = .0258 m3 
PFW -6 
Volume of a sphere = 4&/3 where r - radius. 
MMH r - (.0265 x .75 / 1111/3 = .I85 m 
NTOr - (.0258 x .75 / III1/3 - .I83 m 
Retro tanks 23.1 kg 36.9 kg 
(Pressure-fed) lcr rm.185 m lcr r-.I83 m 
Satellite tanks 99.6 kg 159.4 kg 
(Pressure-fed) lr, r0.30 m lcr r1.30 rn 
Stape 2 tanks 792.7 kg 1585.3 kg 
(Pump-fed) 2cr 1-0.48 m 2cr rm.5 1 m 
Stage 1 tanks ,6394.7 kg 12789.3 kg 
(Pump-fed) 2cr r0.96 m 2cr r-1.02 m 
Thruster sizing, selection and placement fell under the jurisdiction of 
A ACS for the ACME vehicle. PPS and AACS deter mined that three-axis 
stabilization was best able to meet the needs of the various subsystems. 
PPS required three-axis stabilization since liquid fuel can cause quick 
stability deterioration in a spinning configuration due to fuel slosh. Five 
and twenty-five Newton thrusters were chosen for their reliability and 
their off-the-shelf status. See AACS for more information. 
PFW -7 
SOLAR yS, NUCLEAR J& CHEMICAL 
Solar arrays combined with chemical batteries were determined to 
be the best option for spacecraft power for this mission. Radioisotope 
thermal generators (RTGs) were eliminated due to safety and political 
reasons, along with the problem of placement. RTGs would need to be 
mounted on a boom so they would not affect Science (SCI) and CCC 
instrumentation. However, this boom would need to be retracted 
during aerobraking, and the close proximity might interfere with 
computer commands needed during this stage. Solar dynamic collectors 
would be too large for so small a satellite, and would be of questionable 
maturity at the 1 998 technology deadline. Regenerative fuel cells 
(RFCs) carry too large of a mass penalty, and again, would be of 
questionable maturity. 
The chosen power system consists of 2 flexible blanket solar 
arrays,mounted on the instrument bus, and a battery of nickel- 
hydrogen (Ni-H) 100 Amp-hour (Ah) cells in the payload re-entry 
vehicle, with a few additional cells in the instrument bus. The solar 
arrays use state-of-the-art silicon cells with an efficiency of 1 4%. The 
Ni-H battery cells are U.S Air Force advanced design, with a mass of 
3.70 kg/cell and depth-of-discharge (DOD) of 80 X .  These Ni-H are 
cylindrical, with a length of 13.64" and a diameter of 4.5" (as opposed to 
the standard 3 . ~ " ) . ~  These cells are currently going through 
pre-certification testing, and are expected to become standard in flight 
by the early 1990's. 
To size the solar arrays and Ni-H batteries, the mission was divided 
into the following three modes: 
--Earth to Mars: Solar arrays will be deployed throughout this r 4 ) :  
mode. Eclipse times are negligible. ii 
--Aerobraking: Solar arrays will be retracted for duration of 
aerobraking stage. All power will be supplied by Ni-H battery 
located in payload re-entry vehicle. 
--Mars orbits: Solar arrays will be deployed. Power needed 
during eclipse times will be stored in small Ni-H battery in 
instrument bus. 
SOLAR ARRAY SIZING (Earth to Mars Mode) 
Solar arrays can be sized using the following for mula: 
E w S  x C r  A x  ( l  a(t 25.)' - - Z 
boL-Power at beginning of life (W) 
S-solar constant at a given distance from the Sun (W/rnz) 
[S-135 3 w/m2 at Earth, ~=582.8~/m2113*17 
Cr-concentration ratio of cells on arra f [Cr 1.85 to .92; used .88 as an average11 l7 
e-efficience of cells 
Ie-14% for cells used11 
A- area of array (m*) 
a-temperature degradation factor 
[average 0.00 I ([O c1-l)113*17 
t-operating temperature of solar cells P C )  
[t=600C at Earth, t=-S°C at ~ a r s I l 3 ~ 1 ~  
PBOL is found using the equation: 
=P x [ l  -time degradation factor(TDF)] 7 P~~~~~ BOL 
The TDF approximates performance drop over time, due primarily to 
radiation breakdown of solar cells. Assumed TDF of 6%/year. 
Power loads for Earth to Mars mode: 
250 W for CCC 
145 W for AACS 
15 W for migcellaneous P W  
410 W total 
P ~ 0 ~ = ( 4 1 0  W)/.70g586 w. 
A t  Earth: P ~ 0 ~ = 1 3 5 3  ~ / m 2  x .88 x -14 x A x (1-.00 1(60-25))->~=3.64m2 
At Mars: % ~ ~ ~ - 5 8 6  W X (1-.06)-551 W 
55 1 W-582.8 w/m2 x .88 x .14 x A x (1-.00 1(-5-25))=>~-7.9 1 mZ 
BATTERY SIZING (Aerobraking Mode) 
Batteries can be sized using the following equations: 
Stored Energy (SEI-P,,, x TE / DOD 
SE in Watt-hours (Wh) 
TE-time in eclipse (h) 
Recall aerobrake battery cells are 3.7kg/cell x 55'Wh/kg=>20 3.5 Wh/cell 
Power loads for aerobrake mode: 
12 5 W AACS (in atmosphere: see PFW - 1 1 ) 
30 W AACS (landing sensors-one day max.) 
10 W CCC (for 15 minutes/cycle x 77 cycles) 
SE-( 125 W x 96.6 h + 10 W I 19.25 h + 30 W + 24 hV.80 - 16235 Wh 
Add 65 Wh as a safety margin for a total of 16300 Wh. 
16300 w h  / 203.5 Wh/celll 80 cells in the aerobrake battery. 
80 cells x 3.7 kg/celll 296 kg 
COMBINED SIZING (Mars orbit mode; instrument bus only) 
Solar arrays combined with battery storage can be sized using all 
equations above, and in addition: 
PToTALmPLoAD * (C/N) v ' 
C/N-charging current of batteries 
C-battery capacity (Ah) 
NiTs/DOD (h) ' 
T,-time array* are in sunlcycle (h) 
Will be using two Mars orbits in this mission: 
Low Orb& 
Altitude (mi) 248.5 10,6075 
Te (h) .69 1 1.306 
T s 1.270 23.354 
Power load (W): AACS 250 115 
CCC 100 100 
SCI 95 35 
N (h) 1.5875 29.1925 
PBOL (W [PT=PT+ 10x1 3890 . 565 
SE (Wh)//# cells 397.3//3 408//3 
Final solar array size (total) - 52.6 m2 
(A=3890/(528.8 x .88 x .14 x 11-.001(-5-25)]) 
Power will be distributed to the various load components through 
an unregulated power bus, since no component has a set voltage 
requirement. The unregulated bus has lower mass and is more reliable. 
All standard fault protection will be used ( redundant fuses and wiring, 
etc.), since the added mass is relatively small. Some pre-flight testing 
will be done at the Space Station to assure that the distribution system 
and all safety measures are working properly. 

MISSION PLANNING: 
'--AV NEEDED FROM M.P. TO DETERMINE AMOUNT OF FUEL 
NEEDED 
COMMAND, CONTROL & COMMUNICATIONS: 
--MUST BE ABLE TO SUPPLY ADEQUATE POWER TO COMPUTER AND 
COMMUNICATIONS EQUIPMENT AT ALL TIMES, INCLUDING 
AEROBRAKING PHASE 
--MUST BE ABLE TO RECEIVE COMMANDS FROM COMPUTER ABOUT 
POWER DISTRIBUTION 
ARTICULATION AND ATTITUDE CONTROL: 
--MUST SUPPLY POWER TO ATTITUDE CONTROL DEVICES AND 
THRUSTER IGNITERS 
--MUST USE AACS TO POINT SOLAR ARRAYS 
--ATTITUDE CONTROL METHOD AND FUEL CHOICE HAVE STRONG LINK 
(LIQUID FUEL CAN QUICKLY DESTABILIZE SPIN-STABILIZED CRAFT) 
STRUCTURES: 
--MUST SUPPLY POWER FOR ANY ACTIVE THERMAL CONTROL SYSTEM 
--THERMAL CONTROL NEEDED AROUND PROPULSION COMPONENTS 
--STRUCTURE NEEDED TO SUPPORT PPS 
--OVERALL SPACECRAFT STRUCTURE MUST BE ABLE TO SUPPORT 
FORCES CAUSED BY PROPULSION SYSTEM CHOSEN 
--NUMBER OF PROPULSION STAGES AFFECTS OVERALL 
CONFIGURATION OF SPACECRAFT 
AEROBRAKE: 
--EFFICIENCY OF AEROBRAKE DIRECTLY AFFECTS AMOUNT OF FUEL 
NEEDED 
--LENGTH OF TIME AEROBRAKING AFFECTS CHOICE OF POWER SOURCE 
FOR AEROBRAKE MODE 
SCIENCE: 
--MUST PROVlDE POWER NEEDED BY SCIENCE INSTRUMENTS AT ALL 
TIMES 
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STRUCTURE AND THERMAL CONTROL SUBSYSTEM 
SUBMITTED BY THOMAS M. STYBR 
The purpose of the s t r u c ~  and thermal control subsystem is to 
provide integrity and support for payloads and equipment, support loads 
induced by launch, aerobraking, and other manuevers, and provide a 
proper thermal envelope for the spacecraft to ensure proper operating 
conditions. To accomplish these tasks, a series of steps were followed 
which led to an educated selection of approaches and procedures to 
produce a viable design. This section of the Final Design Report will show 
the direction and decisions followed in producing this subsystem and the 
integration with the rest of the spacecraft. 
The following will be discussed: 
-Structural Configuration Design 
-Materials Selection 
-Structural Component Sizing 
-Structural Components Summary 
-Heat Management and Thermal Control 
-Thermal Control Coatings 
-Spacecraft Layout 
-Data Bus Layout 
-Space Shuttle Compatability. 
STRUCTURAL CONHGURATION-LOAD BEARING 
TYPE 
plate structure 
-Beam supported 
plate 
-Tubular truss 
skeleton supporting 
ADVANTAGES 
-inexpensive 
-easily fabricated 
-excellent interior 
protection 
DISADVANTAGES 
-heavy 
-must be bulky 
to support loads 
4 
-fairly inexpensive -very heavy 
-good interior -restricts interior 
protection utilization 
-very light -fairly complex 
-high stifhess and -mockate to high 
various coverings dimensional stability expense 
-tubing provides near 
optimum geometrical 
structural properties 
cost expected to drop 
The tubular truss skeleton wil l  be used because of its superior light 
weight and dropping expense. The truss will also be very manageable in 
low Earth orbit for assemblage. 
STRUCTURAL TUBING MATERIALS 
Strength: 
Weight 
low 
mod to 
high 
high 
high 
easy high I low I proven (fabrics- 
-micro- 
crack 
resistanl 
-excep- 
tional 
dam pint! 
-high 
stiffness 
-low 
outgas- 
sing 
unstable I 
-poor impact 
-average 
impact I 
strength 
'Coefficient of Thermal Expansion CHOSEN: 
Tubes would be adhesive'ly bonded intn Ti-6Al-4V alloy 
fittings which are machined and etched for matdmum adhesive 
contact. The fittings would then accept sheet or covering 
mounts, appendages, and hardpoints such as trunions or 
manipulator arm grip-points. The alloy fittings will transmit 
loads from tube tn tube. They will also accept pyro technic 
devices for stage and module separation. 
STRUCTURAL MEMBER SIZING 
The load requirement for tubes under tension or compression is: 
P ~ ~ = E I & ~  
Pcr is the buckling load 
E is the tube longitudinal modulus 
I is the minimum moment of inertia of 
cross-section 
L is the length of the tube 
The required EI of the considered tube would then be equal to: 
2 2 EI=Pcr L / 
The longest load bearing member is 16.2 feet long. This member is 
entered into the equation along with a axial thrust load (from propulsion) 
of 18,000 pounds force. The equation yields a required EI of 
76,000,~und-inches . From Ref. 1, Fig. 3, a tube with an inner radius 
of one inch would quire a wall thickness of 400 mils. Weight per length 
is aquired from Ref.1, Fig. 4 and yields 1.6 lbfit. These tubes m primary 
load bearers and are few in number. The same procedure yields 
secondary load bearers with 80 mil wall thickness and 0.41 lb/ft weight 
per length. Every tube is clad inside and out with 5 mils of alumhum 
Tubing manufactured from the P75 Graphitef'poxy unidirectional 
composite material and clad with 6061 aluminum is inspected by the 
manufacturer for strength and consistency before aquisition. The 
processing has been proven and accepted as a reliable means of composite 
fabrication and further use of the process will result in lower costs and 
even greater reliability. 
STRUCTURAL COMPONENTS SUMMARY 
- REENTRYfPAYLOAD VEHICLE 
- total mass - 874.5 kg -- 1923.9 Ibm 
-TUBING- 80mil P75 Gr/Ep, 5 mil Al cladding, 0.60kg/m -- 0.41 Ib/ft 
-10 X 12 @ 1 . W  85.9kg 
3.94ft 188.91bm 
- 122 @ 1 .Okg (estimate) 122.00kg 
2.21bm 268.401bm 
-INSULATION- Fibrous Silica Felt (Advanced Flexible Reusable 
Surface insulation) 
-THERMAL BLANKET- Fused Silica Fabric - 0.3cm thick 
-DATA BUS 
- total mass - 257.66kg -- 566.91bm 
-TUBING - 80mil P75 GrlEp, 5mil Al cladding, 0.60kg/in -- 0.41 lb/ft 
-SHEET - loolnil Aluminum-Lithium Alloy 
- 24 @ 1 .Okg (estimate) 24.0kg 
52.81bm 
MISCELLANEOUS 
-STRUCTURAL SUPPORT OF AEROSHIELD, PROPULSION, AND LANDING 
PACKAGES 
-Sum of tubing @ 400mil wall thickness-->150.0m 110.0kg 
-estimated number of fittings -->lo0 150.0kg 
HEAT MANAGEMENT AND THERMAL CONTROL 
Heat management and thermal control is accomplished utilizing 
existing technology with few modifications. The system design stresses 
passive control but a small active system is incorporated. The components 
chosen to maintain an acceptable thermal envelope for the spacecraft 
instruments and other components are : 
-Heat Reservoir 
-Bubble Injected Variable Conductance Heat Pipes (WHP's) 
-Instrument Integrated Heat Sinks 
-Surface Mounted Solar Heat Collector 
-Tennostatically Controlled Variable Emmittance Radiator 
The temperature dependant instruments wil l  be indirectly coupled 
thermally by the VCHP network. When an instrument is operating, the 
heat it produces is managed by the integration of its heat sink and the 
VCHP. The circulation through the VCHP is managed by a low power active 
system consisting of a temperature sensor and a bubble pump. Excess heat 
is transmitted from the heat sink to the reservoir or heat is transmitted 
from the reservoir to the instrument as needed to maintain the programed 
temperature envelope. 
The reservoir acts as the system heat sink receiving heat from the 
instruments and solar collector and sending heat to the instruments and to 
the variable radiator. The VCWs connecting the reservoir to the radiator 
and the solar collector are actively controlled to maintain the reservoir's 
heat amount. The reservoir's heat capacity is provided by a phasechange 
material (PCM) composed of inorganic salts which change phase from solid 
to liquid according to the heat content. 
Heat is supplied to the reservoir by the solar collector. It is surface 
mounted on the data bus and uses its VCHP's working fluid as its working 
fluid. The fluid is then recycled back into the heat pipe. The collectors 
capacity is large enough to supply dl the craft's components with enough 
heat to maintain temperature envelopes. 
The variable radiator is controlled thermostatically with louvers. 
The reservoir's liquid portion of its PCM is circulated through the radiator 
at all times. When the heat becomes excessive, the thermostatic louvers 
open to allow heat radiation. At times of adequate heat content, the 
louvers remain closed. 
The most complex portion of the system is the bubble injected VCHP. 
In zero gravity, the working fluid of the heat pipes need to be circulated by 
a means other than gravity. In the circulation of the fluid, normally 
ammonia, heat is transmitted by the vapor phase. Liquid ammonia is 
driven by a bubble pump into the evaporator where the liquid gains heat 
and vaporizes. The vapor has a very high vapor pressure as a result of the 
bubble pump and is injected into the pipe. It is this vapor pressure which 
drives the system. 
THERMAL CONTROL SYSTEM SCHEMATIC 
Q to instrument 
-
I RESERVOIR I 
u 
Q from instrument 
BUBBLE INJECTED VARIABLE CONDUCTANCE 
HEAT PIPE 
\ evaporator 4 condensor 
bubble 
control P-P 
WORKING FLUID: AMMONIA 
T AL CONTROL COATINGS 
coating over large areas 
-Features low absorbtance, 
low emittance -Features tailorable properties 
with carbon yarn content 
-moderately easy application 
-Not for structural coatings 
-Very durable, little 
These coatings have been chosen because of their 
acceptance and versatility although the silica fabric is just 
now being used widely. The Wnc/Titaniurn oxide coatings 
will be used to maintain a consistent temperature in the 
propellant tanks. The silica blanket will shield the structure 
from solar incidence and provide particulate protection. 
', 
H I G H  G A I N  A N T E N N A  D A T A  BUS L A Y O U T  

SPACE SHUTTLE 
PAYLOAD BAY COMPATIBILITY 
REENTRY MODULE 
r 576.0 659.93 
KEEL 
& 
I LONGERON 
LONGERON KEEL LONGERON KEEL 
& 
LONGERON 
BUS/PRO'PULSION STAGES 
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Abstract: Method-of-attack, final parameters, and some problem 
areas are presented for the final design of the aerobrake subsystem for 
A.C.M.E. 
REQUIREMENTS 
In addition to the global requirements of the mission, the 
requirements for the aerobraking sub-system are: 
1. Protect the payload (aircraft) 
2. Dissipate orbit energy 
3. Re-enter payload to Mars atmosphere 
4. Safely land payload on Martian surface 
Since aerobraking was a requirement for this mission, no data are 
given here to justify its use. It can be shown, however, that the use of 
aerobraking significantly reduces the amount of propellant mass needed 
to circularize an elliptic orbit. 
SHAPE 
It was decided early in the design process to use a hemispherical 
frontal shield for the aerobraking device. The other possibility was the 
JFO- 1 
use of a small frontal flat plate shield and an aft-deployable brake. 
Rationale for choosing the hemispherical frontal shield are outlined in 
Fig. AERO-1. It should be noted that simplicity and reliability, both 
being requirements in the RFP, are both "excellent" for the. 
he mispherical shield. 
S 12E 
The size of the shield was determined mainly by the spacecraft 
length during aerobraking. The shield size also had to be optimized for 
an allocated aerobraking time of less than 2 months. A computer 
program called "Aerob" was utilized to optimize the aerobraking 
process. This program, developed by Stephen J. Hoffman, simplifies the 
aerobraking maneuver to optimize shield area, initial se mi-ma jor axis, 
and final mass in orbit for, a given time limit. The inputs to the program 
include data for the Mars atmosphere plus some orbit and spacecraft 
data (see List AERO- 1 1. 
The smallest shield determined from the D-2D safety standard 
(see Fig AERO-2) had a radius of 6.9 - 7.0 m; therefore the flat plate 
area used in AEROB was approximately 150.0 mZ. Since the shield is 
hemispherical, however, the actual surface area of the shield will be 
300.0 m2. From this shield size, a 54 day time limit, an injected mass of 
5000 kg, along with the other input parameters, the optimum initial 
semi-major axis was deter mined to be 95,000 km. (see Fig. AERO-3). 
With these parameters set, the final spacecraft mass in low-Mars-orbit 
is maximized at 4000 kg (see Fig. AERO-4); therefore, the propellant 
mass was minimized to circularize the orbit for these parameters. 
COMPONENTS 
The aerobrake components consist of a hemispherical frontal 
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Fig. AERO- I 
SHIELD CRITERIA AND RATING CHART * 
HEM1 SPHERICAL 
FRONTAL SHIELD 
TOTAL 2 5  18 
RESULT: 
HEM1 SPHERICAL FRONTAL SHIELD CHOSEN OVER AFT- 
DEPLOYABLE SHIELD 
* RATING SYSTEM: 1-BAD 
2-ACCEPIABLE: 
3-0000 
4-EXCEUMT 
LIST -1 
AEROB INBUTS 
SCMASS= 5000.0 = SPACECRAFT' MASS (KG) 
SCAREA= 150.0 = SHIELD FRONTAL AREA (m2) (FLAT PLATE) 
CD-2.0 -DRAG COEFFICIENT 
ABWF-3-33 =AEROBRAgEPPEIGHTFACTOR(kg/m2) 
ISP i=3uo.o =STAGE i ~ s p  (SS) 
TANKF 1 m 0 . 1 5  =STAGE 1 TANKAGE FACTOR (tank mass/unit mass propeltant) 
ENGM 110.0 =OTHER STAGE 1 INERT MASS (kg) 
SJET 1=0.0 =NO JETTI SON OF STAGE 1 
ISP2=340.0 =STAGE 2 ISP (SM) 
TANKF2 10.1 5 -STAGE 2 TANXAGE FACTOR (tank mass/unit mass propellant) 
ENGM2-0.0 .DOTHER STAGE 2 INERT MASS (kg) 
SJET2 =O.O =NO JETTISON OF STAGE 2 
ISP3-340.0 =STAGE 3 ISP (sM) 
TMI@Q=O. 15 =STAGE 3 TANKAGE FACTOR (tank mass/unit mass propellant) 
ENGM3-0.0 =OTHER STAGE 3 INERT MASS (kg) 
SJET~=O.O =NO JETTI SON OF STAGE 3 
TMAlb400.0 =MAX. SHIELD TEMPERATURE (' K) 
C = 450.0 =SPECIFIC HEAT OF SHIELD MATERIAL (J/kg/*K) 
ALP- 0.7 =SHIELD ABSORPTIVITY 
EPS- 0.7 =SHIELD EMMISIVITY 
A= 95,000 =SEMI -MAJOR AX1 S (-1 
TIMLIM 56.0 -MAXIIvIUM AEROBRAKING TIME (days) 
ORBWAT = 0.0 =WAIT TIME IN INITIAL ORBIT BEFORE AEROBRAKING (days) 
RPINT -3500.0 =INITIAL PERIAPSE RADIUS (km) 
RFINAL = 3743.0 = FINAL ORBIT RADIUS (-1 
PMIN = 0.08 mMINItvlUM ORBIT PERIOD (days) 
VINF 1 2.5 = \% 014 HYPERBOLIC APPROACH (km/sec) 
FIG. AERO-2 
D-2D PAYLOAD PROTECTION REQUIREMENT 
I FRONTAL SHIELD 
WAKE DURING 
PAYLOAD PROTECTED FROM WAKE 
PROTECTION REQUIREMENT MET 
SATELLITE 
AND 
AEROBRAKE 
PROPULSION 
STAGE 
FIG. 0-3 
AL MASS IN ORBIT vs. INITIAL SEMI- OR AXIS 
41 00 
SOURCE: AEROB (SEE LIST AERO- 1) FOR INPUTS 
INITIAL SEMI-MAJOR AXIS (x loo0 km). 
FIG. AERO-4 
FINAL MASS IN ORBIT vs. INJECTED MASS 
shield area = 150 rn2 
initial semimajor axis = 95,000 km 
SOURCE: AEROB (see Ust AERO-1 for inputs) 
shield, landing gear and pads, an on-board computer, mortar assembly, 
parachute, retro-rockets, and control thrusters. The aerobrake shield is 
connected to the payload through a circular truss structure. The 
landing-gear is folded up against the payload until its deployment 
during re-entry. The on-board computer equipped with sensors is 
included to monitor the shield temperature and control the 
re-entry/landing sequence. The mortar assembly is located in the aft 
portion of the payload to be used for parachute deployment. 
Retro-rockets are located in the truss structure to slow the payload to 
its soft landing speed. Control thrusters are placed on the payload for 
control during aerobraking. (See spacecraft component layout 
-Structures.) 
DYNAMICS AND CONTROL 
For stability during aerobraking, the center of mass of the vehicle 
must be ahead of the meta-center.l Finding the meta-center is a 
technical problem that requires extensive knowledge of the properties 
of hypersonic flow on Mars; therefore, further study must be done to 
determine the extent of stability control needed. For this design, a 
worst-case scenario was assumed and control thrusters sized 
accordingly. See Attitude and Articulation Control Subsy ste m for sizing 
of the thrusters. 
POWER REQUIREMENTS/SUPPLY 
Since the solar panels will be retracted during aerobraking, 
power requirements to power the entire spacecraft during the allotted 
aerobraking time.These batteries will then power the on-board 
computer that will control the re-entry/landing sequence. See the 
Power and Propulsion Subsystem for sizing infor mation. 
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COMMUNICATIONS 
An umbilical cord connects the aerobrake to the satellite for 
transmission of communications and power before the separation 
sequence is begun. This cord is severed at separation and the re-entry 
vehicle acts independently until landing. 
SEPARATION/RE-ENTRY /LANDING 
The re-entry/landing sequence takes about 10 minutes and 
utilizes parachute and retro-rocket deceleration (See Fig. AERO-5). First, 
at a time to be determined by landing site conditions and orbit 
parameters, a pyro-technic device is fired to separate the satellite from 
the re-entry vehicle (REV). The REV is then lowered in orbit by lkm 
with the control thrusters. Then, the retro-rockets are fired through 
holes in the shield initially plugged with beryllium plugs to de-orbit the 
REV. Control thrusters will then orient the ship vetrically for re-entry. 
Free-fall will occur until the computer senses a height of around 7 k m  
from the surface. A t  this point, the mortar assembly is fired to deploy 
the parachute, while the shield is released from the payload allowing it 
to fall away. This parachute, with an area of 1000 m2, will slow the 
payload to a terminal velocity of 60 mls (See Fig. AERO-6). Then, when 
the computer senses a height of around 1.5 k m  above the local terrain 
the retro-rockets are fired to slow the REV to a velocity of 2 m/s before 
landing. These retros are sized to slow the payload from 60 m/s to 2 
m/s within 500 m at full thrust (See PPS and Fig. AERO-7). This leaves 
about a 1 km safety margin in case problems are encountered. A t  
touchdown the retros are automatically shut off by switches in the 
landing pads. This sequence is similar to that used for the Viking 
lander2; therefore, it has been proven to work and utilizes 
Fig. AERO- 5 
RE-ENTRY /LANDING SEQUENCE 
SEPARATION 
AND DE-ORB IT SEQUENCE 
NOTE: 
TOTAL ELAPSED TIME 
LESS THAN 10 MINUTES 
PARACHUTE SIZED f OR 
TERMINAL VELOCITY OE 
60 m/s. (see Eig. AERO-6) 
BRAKERELEASED 3 
AND PALLS AWAY n 
AT SAME TIME A S  
PARACHUTE DEPLOYMENT 
w 
AT A HEIGHT OE 7 ltm 
ABOVE LOCAL T E V A I N  
RETRO-ROCKETS 
FIRED AT HEIGHT 
O E l J k m  +w 
ABOVE LOCAL TERRAIN 
AUTOMATIC SHUT-OFF 
OE RETROS AT LANDING 
VELOCITY OF 2 m/s 
TERMINAL VELOCITY vs. PARACHUTE SIZE 
* Parachute equation 
W-WEIGHT (N) a 8339.8 N 
P-DENSITY OF THE ATMOSPEHRE (kg/m3) 
(TAKEN HERE TO BE AT ALTITUDE OF 10 km) 
Cp= CO-EFFICIENT OF DRAG - .6 
(MEAN VALUE FOR VIKING LANDER PARACHUTE) 
AREA= CROSS-SECTIONAL AREA OF THE PARACHUTE (m2) 
* source: Brown, W D. ,parachutes, Pittman and Sons, 
New Yorlc, 1957. p.7 
DISTANCE FOR DV OF 60 ds vs. RETRO-ROCKET SIZE 
qm&q here (8010 N) 
EQUATION: AX = - M D V ~  
2F 
WHERE: A X= DISTANCE TO ATTAIN DV OF 60 m/s 
M=MASSOFTHEREV=2300kg 
DV= CHANGE IN VELCKTIY = 60 1x11s 
F= FORCE EXERTIED BY REI'RO-THRUSIERS 
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"off -the-shelf technology." The parachute could be a problem 
area, though, and needs to be tested in the Earth's upper atmosphere 
before it is implemented on Mars. 
SUBSYSTBM INTERACTIONS 
The aerobraking subsystem interacts directly with Mission 
Planning, Structures, AACS, and PPS subsystems. (See Fig. AERO-8.) I t  
should also be noted that there is indirect interaction with the 
Communications subsystem, because a low-gain antenna had to be used 
for communications during the aerobraking maneuver. (See 
Communications, Com mand, and Control subsystem.) 
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FIG. AERO-8 
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1 .O ACME AND ARTICULA'IION CONTROL SYSTEM 
By Eric Olsen 
-) 
1.1 Introduction 
The Acme attitude and articulation control system(aacs) will provide 
control to both the delivery vehicle and instrument bus, both of 
which are three-axis stabilized. The delivery vehicle uses only 
reaction control jets during the orbit to Mars and during aerobraking, 
and uses the retro rockets for attitude control during descent. The 
satellite will use three orthogonal reaction wheels aligned parallel to 
the principle axes. 
2.0 Methodology 
The general methodology utilized in the design of the aacs, for both 
the delivery vehicle and satellite, consisted of the use of trade studies 
to determine the mode of control. A matrix of the possible sensors 
was established, and based on the accuracy requirements, sensor 
weight and power, and mode of control, the equipment used on the 
vehicles was determined. The placement was chosen so that the 
sensors were able to operate. The sizing of the wheels, and 
thruster size/location was based on established performance criteria, 
\ 
\ which is discussed in the appropriate subsection. 
3.0 Summary of Requirements 
The general requirements of the aacs are listed under the global 
requirements section. 
The specific requirements of the aacs are: 
- to send telemetry to cA3 
- to accept commands from cA3 
- to receive power from pps 
- to maintain satellite attitude to an accuracy of 0.1 deg in roll and 
pitch, md 0.3 deg in yaw 
- to maintain the delivery vehicle accuracy to allow for communication 
to Earth(maximum total attitude error of 0.4 deg) 
- to control the s/c and satellite attitude, guidance and navigation 
- delta-v trims(station keeping) 
- solar array pointing 
- valve actuation 
- reception of sensor inputs 
- to allow for proper operation of the scientific instruments. 
4.0 Delivery Vehicle Control System 
Three-axis stabilization was chosen for the attitude control 
mode for the delivery vehicle. An initid trade study was conducted 
to determine the optimum method between CMG's and pure jet. 
CMG's were discarded because of the limited duration of the delivery 1 E 0 
vehicle mission( 374 days), and their large mass. 
4.1 Fuel Requirement for the Delivery Vehicle Control System, 
The fuel requirement for the delivery vehicle derived here includes 
only the fuel needed for the control thrusters. The fuel needed by 
the retro-rocket package is calculated in the propulsion section. The 
estimate is derived by assuming the fuel needed is approximately 
equal to the fuel needed to rotate the SIC 360 deg,once a day. 
2(!5N)(2.25m)=(24855.68kgm2)a, a=9.052~10-~rad/s~2. It is 
accelerated to 2 deg/s, so 2deg/s(llcll80)la=38.56sec. The rotation is 
assumed to be about the longitudinal axis. 
The Impulse needed from Earth to Mars(exc1uding aerobraking, flight 
time of 320 days) is, =3 8.65sec(2)( l0N)320=2.46~1$~~ 
The impulse needed by the delivery vehicle aacs during the 
aerobraking phase is calculated similiarly, except 1,=18 1 80kgm2 
The flight time is about 54 days, so 2(5N)(2.25m)=Ina, 
a= 1.24~ lo-%/ s, 1mpulse=28 -21 sec/day(l 0N)2(54days)=3 .047xlVhs 
Total aacs fuel requirement for the delive vehicle is r 3.047~1~+2.46xldNs/((340~)(9.8 1m/s )=82.9kg 
4.2 Delivery Vehicle AACS Equipment Location and 
Characterstics 
A trade study was conducted to determine the sensors used on both 
the satellite and delivery vehicle. The following matrix was established 
for use during the trade study. 
sensor mode accuracy 
spinning SIC 3-axis stab low med high 
IR static * * * 
IR scanning * * * 
High acc sun * * 
IR pencil type * * * 
star mapper * * * 
star tracker * * 
fan beam sun * * 
Based on the mission requirements, sensor weight and power, mode 
of operation ,and accuracy, the following instruments are used on 
delivery vehicle. 
It is assumed that the control system will be linked to the computer 
on the aircraft. 
no per SIC component mass power 
1 star tracker triad 18.18kg 20w 
1 hexad strapdown 20.72kg 125w 
unit 
1 radarla1 timeter l5kg 50w 2E0 
The location of the equipment is outlined in the structures section. 
Star Tracker Triad 
This unit provides inertial attitude reference during the orbit to Mars 
and during part of the aerobraking procedure( the unit is off when 
the vehicle is in the atmosphere;). Redundancy provided. 
mass=18.18kg power consumption=20W accuracy=.005 deg 
Hexad Strapdown Unit 
This unit consists of accelerometers and gyroscopes with appropriate 
redundancy. This provides attitude and rate information about all 
three axes. The unit operates when the vehicle is in the atmosphere 
(aerobraking) and during the landing phase. 
mass=20.72kg power consumption=125W 
Radar 
Used to provide altitude reference during the landing phase. 
mass= 15kg power consumption=50w 
4.30perational Modes 
Cruise Mode 
This consists of the orbit from Earth to Mars. Attitude reference is 
provided solely by the star tracker triad. The Hexad unit is off. 
The delivery vehicle is three-axis active stabilized. 
Aerobraking Male 
When the delivery vehicle enters the atmosphere, attitude reference is 
provided by the hexad unit, which is in operation whenever the vehicle 
is in atmosphere. Attitude control is provided by the control thrusters. 
Seperation Mode 
The initial orientation of the instrument bus is provided by the 
delivery vehicle. After seperation, the delivery vehicle will use the 
aacs jets to translate about 1 km. away from the satellite so that 
the retro rockets may be fired to initiate the landing phase. 
Landing Phase 
see aerobraking section. 
4.4Delivery Vehicle Thruster Location and Characteristics 
The thrusters are located to provide control about a l l  three axes. 
Additionally, it will be required to translate( 1 km) the delivery vehicle 
using the aacs thrusters. A feasibility study was done to see if the aacs 
control thrusters could provide a sizeable degree of control during 
landing. Due to the large mass of the delivery vehicle, attitude control 
will be maintained solely by the retro rockets during terminal descent. 
The sizing of the control thrusters was determined based on the 
desired 
response and an estimate of the degree of control the aacs will 
have to provide while the vehicle is aero 3E0 
The thrusters are designed to accelerate the vehicle to 2 deg/sec in 
approximately one minute. 
2deg/sec(l~180)(1/60sec)=5.8 17x 10qad/s2=u 
2(F)(2.25m)=Ina, In=24855.67kgmA2 , F=3.21N 
The NASA standard 5N thruster will meet this requirement, and will be 
able to provide a fine degree of control due to its minimum achievable 
impulse time. In addition to the 12 5N thrusters for attitude 
control there will be an additional 8 thrusters ( see Fig 1.) 
which will be used for the translation maneuver, and which 
can provide additional control authority which may be needed during 
aerobraking. These thrusters are designed to accelerate the vehicle 
to approximately 1 m/s in 1 min. a= 1 m/s/60 sec=.0 1 67rn/s2 
2(F)=%ca, where Msc=3000.16kg, F=25.0N 
A 25 N thruster was chosen. This will enable the vehicle to perform the 
maneuver in a short perion of time. Thruster location is shown on fig 1. 
It is assumed that the thrusters will provide stability during 
the aerobraking phase. An exact analysis of expected disturbance due 
to the Marsian atmosphere may result in a change of thruster strength. 
4.5Interaction of Delivery Vehicle AACS With Other Subsystems 
The delivery vehicle aacs interacts with: 
i)Aerobraking Subsystem- primary interaction is concerned with the 
delivery vehicle stability during aerobraking and descent. Further 
analysis should look at the feasibility of using flaps for control. An 
accurate estimation of the disturbing torques due to the atmosphere 
needs to be determined. Thrusters descibed above provide control 
during aerobraking. 
ii)CA3 -primary interaction concerned with the control of 
the antenna systems. The Acme antenna has the ability to 
point independent of vehicle attitude.(see cA3 subsection for description) 
The delivery vehicle aacs is linked to aircraft computer. 
iii)Science-see satellite aacs/science interaction. 
iv)Structure Subsystem-interaction concerned with the placement 
of aacs components to meet requirements. Additionally, sic 
configuration was made so that inertia characteristics were optimized 
for control. See structures subsection for component layout. 
v)PPS-all power requirements and fuel requirements described are 
provided by pps( see pps section for further details) 
4.6Scanning and Pointing Requirements Implementation 
see communications section. 
4.7Pre-launch Launch Tests 
Pre-launch tests will include test firing all control thrusters. An 
operations test will also be conducted on all Sensors.The satellite 
attitude electronics, and thrusters also tested. 4f0 
! 
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5.OSatellite Attitude and ArticuIation Control System 
Due to the operating requirements of the scientific instruments, and 
communication system, a three-axis stab'iation control mode was required 
for normal on-orbit operation. An initial trade study was conducted to 
determine the optimum control scheme between: 
(1) pure reaction jet, and 
(2) momentum exchange system 
The trade consisted of a comparison of mass(consisting of fuel and 
components),reliability,accuracy ,and power. 
fuel expended component mass reliability acc power 
pure jet 4okg .lSks/thruster jet failure high negligible 
catastrophic 
momentum &kg 7kg reaction wheels high >1 Ow 
exchange extremely reliable 
Based on the established scoring system, the momentum exchange system 
was chosen. This was due primarily to the smaller fuel expenditure and 
greater pointing ability of the momentum exchange system. 
The satellite will be using three orthoganal reaction wheels for control 
about the three principle axes Although this will require sensors for 
reference about the yaw axis, whereas a momentum bias system doesn't, 
three-axis stabilization using three momentum wheels was chosen because 
the satellite wil l  be operating for extended periods of time at both low and 
high orbit. This introduces greater complexity into the design of a 
momentum bias( single reaction wheel ) system, and also very large wheel 
momentum requirements. The designed system will allow for the required 
accuracy (0.1 deg in rowitch and 0.3 in yaw ,which was established as the 
maximum error under which all instruments are operational) ,and small 
momentum requirements. Under this system, the control torque about each 
axis is proportional to the rate and attitude error. 
5.1 Reaction Wheel Sizing 
The reaction wheels are sized so that the attitude enor remains in 
specified limits, and so that they do not become saturated when subjected 
to cyclic disturbing torques. 
The solar pressure torque is the primary disturbing torque. It is cyclic 
about the pitch axis, as the satellite rotates about the planet. The solar 
pressure at Mars is p=1 .9997x10e7 NW2. 
The line q of motion about the pitch axis, for a circular orbit, and 6 EO 
including the gravity , where h= 
angular momentum of the wheel about the pitch axis, Msy is the solar 
torque. 
The solar disturbing torque during the low altitude orbit is 
&Y=((56.2m2~.4067m)+(6.82m2)(.4067m))s~ 
Where a is the angle between the axis of rotation of Mars and the radius 
vector to the satellite, and k is dependent on the mode of reflection of the 
incident radiation.The torque is due primarily to the two solar panels, 
antenna, and satellite body. The solar torque is smaller at the high altitude 
because of the change in the center of mass. It is 
%y=3. 17x l~~sin(q-,t+Y)nm, MsX=&@ nm 
The wheels will be controlled with attitude and rate feedback.The 
eq of motion of a wheel is 1&6 
The change in the wheel angular momentum due to the cyclic disturbing 
torque may be obtained by the approximating eq M,~=~=I$, the solution 
4) 
of which is ~ - ~ ~ o s o ~ t , ~ w h e r e  4 is the nominal wheel speed, and 
G"J0 
o, is the angular rate of the orbit. The change in angular momentum of the 
pitch wheel is A H=.OORJ-M at low altittude and A H=.019 N-M at high 
altitude. It is assumed that the magnitude of the cyclic disturbing torques 
about the other axes are approximately equal to that about the pitch axis. 
The angular momentum of the wheels are nominally zero. The maximum 
wheel speed is designed so that the wheels do not become saturated 
when subjected to cyclic disturbing torques and also to minimize dumping. 
Since the cyclic torques about the s/c are very smallsthe wheels are 
designed such that their operating range is 2 n-m-sec. This will insure that 
the wheels ane not samted  by cyclic. disnua>mms due to all causes such 7 E 8 
as solat radiation, the revolving antenna,etc. Several assumptions have 
to be made in order to get an estimate of the fuel expended during normal 
operations. The fmt is 
i) Constant disturbance torques about all axes and due to all 
causes (gravity gradienktape recorders,etc) are approxiqately equal to the 
maximum solar torque at high altitude i.e. M ~ ~ = M ~ ~ = M ~ = ~ . ~ ~ Y K ~ O - % - M  
A simulation needs to be done to get a better estimate for the disturbances. 
ii) They are approximately constant over orbit life. 
5.2Satellite Tank Size 
The fuel expended by the satellite can be divided into three main 
categories i) fuel expended during normal on-orbit operation ii) fuel 
expended during the transfer orbit iii) fuel expended for station keeping 
5.2.1 Normal On-Orbit Operation 
The satellite wheels need to be dumped when the wheel momentum has 
reached 2 n-m-s Assuming a constant disturbance torque as estimated 
earlier, M ~ ~ = ~ . I ~ X I O ' ~ N - M ,  wheel dumping will be required every 
6. ~ ~ x ~ o - ~ N - M  (t)=2N-M-S , so t=325x16 sec=3.76days 
The impulse needed for dumping over a 4 yr period is 
(3)2NMS(4yr)(365days/yr)/3.76days=2324.2N-M-S 
The fuel used for wheel momentum dumping over 4 years is then 
fuel mass=(2324.2)nms/((340~)(9.8 1rn/s2)(l .75m)=.7kg 
5.2.2 Transfer Orbit 
The satellite will be spin stabilized during the transfer orbit at a nominal 
speed of %=45rpm The required fuel is (the thruster lever arm is 1.75m) 
2(1 .75m)(2!5N)=3655kg-m2a, -2.39~ rad/sec2 
Irnpulse=(45rpm)(21c)2(WN)/((60~ec)(a)=9858.6N-sec 
fuel=9858.6~-sec/((340sec)(9.8 1 m/s2))=2.96kg 
The same calculation is made to calculate the fuel required to despin the 
sateIlite,except 1,=3634kg-m2 .The required fuel is 2.93kg 8EO 
sfer orbit 1n~/1098k~=c-~ 370/((340x9*81))9 m~728.14kg 
Fuel mass for transfer orbit is 1098kg-428.14kg=369.86kg. 
There is an additional 124.2 kg of fuel for station keeping.It was assumed 
that the fuel required for station keeping was approximately 33.3% of the 
fuel required for the transfer orbit. More analysis needs to be done to get a 
better estimate of the fuel required for station keeping. 
mission phase fuel mass expended 
spin-up 2.95kg 
de-spin 2.93kg 
transfer orbit 369.86kg 
normal-on-orbit 0.7kg 
station keeping 124.2kg 
total fuel 500.64kg 
Tank size: 500.65kg/2.6=192.6kg Oxydizer mass= 192.6(1.6)kg=308.1 kg 
MMH mass=192.6kg, so 
mere are two tanks, each with a volume of 308.111431 m3=.22rn3 
53Satellite Equipment Characteristics and Location 
A trade study similiar to the one conducted for the delivery vehicle was 
done . Based on the accuracy requirements, sensor weight, and mode of 
operation, the following equipment was selected. 
no per dc component mass Power 
1 IR sensor-pencil type -6kg .65w 
3 sunsemo~i .%kg - 
1 sun sensor elcc S5kg .6w 
3 IR sensor-static l.%g/each 1.4w/each 
1 attitude rate assembly (ARA) 10.08kg 35w 
1 reaction wheel assembly 7.Rg 1 0 . 2 0 ~  
2 solar array drive Sks/each IOwleach 
The location of all sensors are outlined in the structures section. 
Static IR Sensor 
Two are designed for use at high altitude(one redundant), one for use at 
low altitude. These sensors will provide pitch and roll reference. 
mass=1.5kg power consumption=1.4~ accuracy=.03@igh altitude) 
=.05(low altitude) 
JR Sensor-"Pencil Type" 
Used, in addition to the solar aspect angle(measured by the sun sensors), 
to provide spin axis reference during the transfer orbit. 
mass=.6kg powerconsumption=.65w accuracy=. 1 deg 9EO 
Atittude Rate Assembly(ARA) 
Unit consists of four gyros (one redundant). It is used for attitude and rate 
measurements during a l l  phases of mission. 
mass=lO.O8kg power consumption=35w 
Sun Sensor Assembly 
The sun sensor assembly consists of three digital sun sensors(each 120 deg 
apart) with an individual field of view of 128x120. Dependent on the mode 
of operation, the sensors may deliver 
i) in spin phase 
-solar aspect angle,sun presence signal 
ii)in three-axis stabilization phase 
-yaw reference 
mass: 1 optical head =.08kg 
electronics =.55kg power consumption=bw 
Solar Array Drive 
Consists of two units which are responsible for rotating the panels to keep 
them oriented normal to incident radiation. Units designed to meet 
performance needs. Mass and power requirements based on s W a r  
system. 
mass =5 kg/drive powerconsumption= 1 OwJdrive 
5.4Control Modes 
5.4.1Seperation Mode 
The initial orientation of the satellite is performed by the delivery vehicle. 
The satellite is placed in a 400krn,circular,polar orbit.(see aerobrake 
section) 
5.4.2Mars Acquisition 
The satellite uses rate gyro measurements and IR-static sensor 
measurements for rowitch reference. Yaw reference obtained by sun 
sensm,and ARA. Control thrusters used to correct large attitude errors due 
to seperation. 
5.4.4NormaI On-Orbit Mode 
The satellite is three axis stabilized.The three reaction wheels provide 
attitude control to counteract disturbance torques. Control thrusters used 
for momentum dumping, station keeping. PitchjRoll reference is obtained 
from the IR-static sensor, and ARA. Yaw reference is obtained from the 
sun sensors and attitude rate assembly(ARA). Solar arrays are deployed. 
5.4.5Transfer Orbit 
After the scientific mission is completed at low orbit, the satellite will be 
required to transfer to a high altitude orbit(a1though it will still be in 
a polar orbit). The spacecraft will be spin s t a b ' i  about the roll axis at 
45rpm.The IR-"pencil type sensor",ARA, and sun sensors are used during 
this phase. Apogee burn and maneuver will be determined 
autonomously aboard the satellite using on-board computer. 10EO 
. 
5.4.6Mars Acquisitiod N On-Orbit Operstion at High 
Altitude 
These are similiar to those p e r f d  at low altitude.The satellite will now 
use the IR-sensor designed for use at high 
altitude for rolVpitch reference. 
5.4.7Stationkeeping 
It is assumed the Mars station can track the satellite and will be able to 
command the s/c to perform the needed maneuvers. 
5.5Satellite Thruster Location and Characteristics 
There will be 2 thrusters needed for spin-up and 2 needed for &spin. 
These need to be designed so that the rate of angular acceleration is not too 
low. The thrusters are designed to spin the satellite up to 45 rpm in 
There will be 4 25N thrusters for spintdespin and orbit keeping. 
The positive /negative yaw, pitch, and roll thrusters, are designed to allow 
for momentum wheel dumping, and attitude changes when necessary. The 
NASA STD 5N thruster was chosen due to their great reliability, and 
versatility. Additionally, the minimum achievable impulse time will allow 
accuracy requirements to be maintained. 
The satellite has 16 thrusters .4-25N thrusters, and 12 NASA STD 5N 
thrusters . See Fig 2. for thruster layout. 
6.0Satellite AACS Interaction with Other Subsystems 
Satellite aacs interaction with: 
i)CA3-primary interaction is concerned with antenna pointing, command. 
Antenna is able to point independent of the satellite.(see cA3 section).The 
aacs is linked up to the computer provided in the CA3 subsytem. Total 
attitude error must be less than .4 deg. 
ii)Structure-satellite aacs interaction similiar to that noted under 
structure-aacs interaction for the delivery vehicle.(see structure section) 
iii)PPS-all power for aacs is provided by this system as described. See 
component descriptions for totdl aacs power needs. 
iv)Science-internti- concaned with the operation9 and q 11EO 
Thrusters # I  -#I 2 are NASA STD 5 N 
Thrusters # I  3-#I 6 are 25 N 
# I  -#2 used for positive pitch 
#3-#4 used for negative pitch 
#5-#6 used for positive roll 
#7-#8 used for negative roll 
#9-#I 0 used for positive yaw 
# I  1 -#I 2 used for negative yaw 
#I 3-#I 4 used for spin-up 
# I  5-#I 6 used for despin 
ace of the science ins ts. Mode of stabmtion was &pendent 
on this interaction.See science section for instrument operational 
requirements 
7.0Scanning and Pointing Requirements Implementation 
see CA3 section 
8.0Critical Areas and Unsolved Problems 
-The feasibility of using flaps for control during aerobraking must be 
studied in more detail. 
-The relative stability of the delivery vehicle while it is in the 
atmosphere was hard to determine. The approximate magnitude of the 
disturbing torques due to the atmosphere are unknown. 
-The magnitude of the disturb'mg torques(due to causes other than solar) 
on the satellite are assumed to be approximately equal to the max solar 
radiation torque. A simulation needs to be done to bound this in a more 
systematic manner. 
-The v needed for station keeping was unknown. 
-The placement of the thrusters so that the expelled mass does not impinge 
on any part of the vehicle is critical. 
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COMMUNICATIONS, COMMAND, AND CONTROL 
b y  CURTIS ZIMMERMAN 
REQUIREMENTS 
The Communications, Command, and Control ( ~ 3 )  requirements with 
respect to the Martian mission fall into four general categories - 
1. Uplink - The spacecraft must be able to receive information from 
Earth or Mars. This information will be in the form of control commands 
for spacecraft maneuvers, or power switching to seperate subsystems. 
Also, the spacecraft will receive telemetry from the aircraft operating on 
the surface of Mars. 
2. Downlink - The spacecraft will send information to Earth consisting 
of data from the onboard science instruments , and overall spacecraft 
health. Any telemetry or science data received from the aircraft will be 
relayed to the Martian base. 
3. Onboard - The onboard requirements of ~3 include collecting 
telemetry and relaying commands to the individual subsystems, power 
switching to subsystems, and data storage. All power required must be 
obtained from the power and propulsion subsystem. 
4. Overall - The ~3 subsystem may have many feasible scenarios. The 
overall requirements dictate that the ~3 system which proves to be reliable 
and accurate while minimizing weight, power, size, and cost shall be chosen. 
METHOD OF ATTACK - OVERVIEW 
The method of attack for ~3 follows four basic steps. First, the entire 
mission is seperated into operational conditions called mission phases. 
Com m unication link objectives and constraints are decided upon for each of 
these mission phases. Second, a list of communication link options is 
introduced and a best fit is selected from these options using a trade study 
weighting scheme. Once the best communications link for each mission 
phase has been selected, interactions with the other subsystems establishes 
the input variables for the third step - component sizing. The fourth and 
final step takes the optimized components and places them on the 
spacecraft. The specific function of each component is evaluated, and 
problem areas are analysed. If a specific problem cannot be solved, 
operational objectives may need to be altered - the last resort being a 
change in the mission scenario. 
MISSION PHASES 
The major source of input to derive options for com munications link 
design comes from interaction with the mission planning subsystem. This 
input can be split up into seperate operational conditions, or mission 
phases, where each mission phase has its own operational objectives and 
constraints. Our particular mission has five distinct mission phases. 
1. Earth orbit - The ~3 subsystem should provide a link between the 
spacecraft and Earth for low rate telemetry and routine control commands. 
2. En route - The ~3 subsystem should provide a link between the 
spacecraft and Earth for low rate telemetry and routine control commands. 
3. Aerobraking - Although aerobraking will be designed to follow a 
pre-program med control sequence, the spacecraft will still need to 
communicate with Earth or Mars in case of emergency. This communication 
may occur at any time except during the actual braking in the atmosphere. 
4. Mars low polar orbit - ~3 should provide a link (directly, or via Mars 
base) to Earth for scientific data, as well as maintaining routine command 
control. Any data gathered while the spacecraft is eclipsed from its link 
will be stored with magnetic tape devices and relayed at an available time 
5 .  Mars polar synchronous orbit - During this final phase of the mission, 
communication between the aircraft and the martian base will be 
maintained with the satellite bus providing the link. Polar orbit will set 
constraints on the transmission time (which will be furthur evaluated once 
the antenna has been sized). Control commands will be maintained in the 
event of any orbit perturbations. 
Once the operational objectives and constraints have been determined, a 
trade study will deter mine the optimum com munication link design. The 
following study looks at the transmission link options for the more crucial 
mission phases. (5-good, 3=rreutral, Ombad) 
~3 TRANSMISSION LINK DESIGN / TRADE STUDY 
Aerobraking 
high gain/Mars 
high gain/Earth 
low gain/Mars 
Low polar /Mars 
high gain/Mars 
high gain/Earth 
low gain/Mars 
Polar sync/Mars 
high gain/Mars 
high g ain/Ear th 
low gain/Mars 
F l e w  . . .  
Trade study results show that a Mars low gain link should be used for 
the aerobraking and Mars polar synchronous orbits. A high gain antenna 
directed to Earth will be used for Mars low polar orbit. 
ANTENNA SIZING ROUTINE I d "  
Input to size components comes mostly from the science subsystem in 
the form of data rates. The initial data rate given was 1 SO0 bits per second 
minimum; however, to make ~3 adaptable to the possible inclusion of a 
video imaging system, a greatly increased data rate capability was 
assumed. A high gain antenna was sized using a data rate of 120,000 bits 
per second (standard magnitude for imaging), and a transmission distance 
of 2.5 A.U. (maximum distance from Earth to Mars). Other important 
parameters are given below. 
PARAMETERS 
B - bit rate Wt - transmitter weight 
W -  bandwidth Wa - antenna weight 
Pr - received power W~ - battery weight 
Pt - transmitted power R~ - power weight factor 
SNR - signal to noise ratio R, - .- antenna weight factor 
k - Boltzm ann's constant rr - redundancy factor 
dt - S/C antenna diam. z - efficiency 
dr - ground antenna diam. f - frequency 
D - transmission distance > - wavelength 
T - receiver noise temp. C - speed of light 
EQUATIONS 
Given the following : B- 120,000 Hz, SNR=20, km1.38 E-23 J/K, dt=64 m, 
D-2.5 A.U. (3..74 El 1 meters). Ra=2.45 kg/m2, Rp-.227 kg/watt, 
rr-4, C-3.0 E8 m/s, z--55 
B - W log2(SNR + 1) output W 
SNR = Pr/kTW output Pr 
pt(dt12 = Pr(4CD/fzdnr) output curve of Pt VS. dt 
3. 
SW=Wt + Wa + Wp 
Wt = rr(Rp)(Pr) output transmitter weight 
W, - ~ d t ~ / 4 ) ( ~ ~ )  output high gain antenna weight 
W p  = .082Pt output battery weight required 
THETA(3dB) = 75 /d t  output beamwidth vs. antenna diam. 
Using the previous equations, a graph (fig 1 .) is plotted for bulk power 
vs. antenna diameter, and bulk weight vs. antenna diameter. This plot 
clearly illustrates an optimum antenna diameter at 3. meters. This size fits 
well within the limit imposed by the structures subsystem. The power 
requirement of 50 watts for this size antenna was given to the power and 
propulsion subsystem and was considered acceptable. 
ANTENNA DIAMUER ("1 
Ithmlc, 2 x 2 Cycles 
ANTENNA POINTING 
Pointing accuracy is necessary in all mission phases involving high gain 
data transmission. The antenna will be configured such that it has two 
degrees of rotational freedom and will be able to orient itself using attitude 
and control sensors. The degree of accuracy of the sensors can be 
calculated using the beamwidth equation found in the antenna sizing 
section. For a 3 meter antenna using a wavelength of ,0357 meters, the 
beamwidth is calculated to be .9 degrees. The attitude and control sensors 
will need to be accurate to THETA/2 degrees, or .45 degrees. 
5 
TRANSMISSION SCHEDULE i 
I 
During the final mission phase, the spacecraft bus must provide a I 
communication link between Mars base and the aircraft. The desired 
1 
beamwidth for global coverage was calculated to be 19.4 degrees using the 
THETA equation and orbit geometry values. To project this beamwidth, a 
low gain horn antenna with a diameter of .14 meters will be used. The 
projected transmission "footprint" (shown in fig 2.) has a radius of 2075 
miles (compared to the Martian radius of 2 105 miles). Because the 
w, F : . 4  
w*:3 f ig footprint cannot cover horizon to horizon, there will be two circumscribed v;? 
areas where transmission cannot occur (shown in fig 3.). The radius of 
these areas is 354 miles. These non-transmission regions are further 
enlarged due to the footprint and the Mars base describing independent 
FIG 2. 'FOOTPRINT" OF A LOW GAIN ANTENNA ON THE 
MARTIAN SURFACE 
w 
FIG 3. TRANSMISSION CAPABILITY OF LOW G 
ANTENNA IN POLAR ORBIT. BLACKOUT REGION 
CENTRAL AREA. 
circular paths in two orthogonal planes: When the Mars base has moved 
past the edge of the small non-transmission zone, it still is not within the 
area covered by the footprint. Total transmission blackout time can be 
estimated using an average velocity for the Mars base, and an average 
rotation rate for the footprint. The applicable geometry is shown in fig 4. 
The total blackout time was calculated to be approximately 4 hours out of 
every twelve - the airplane duration of 8 hours was accommodated. 
Another idiosyncracy of the polar orbit besides transmission blackout is 
the variable transmission schedule throughout the Martian year (shown in 
fig 5.). Using a Martian year of 687 days, and the geometry shown in figure 
5 (which assumes sunrise at 6:00 AM, and sunset at 6:00 PM), the blackout 
time was calculated to occur .035 hours earlier each day. Assuming the 
aerobr aking insertion or bit to occur exactly orthogonal to the Mars-Sun 
line, an aerobraking period of 54 days, and a low orbit period of 2 1 days, 
the transmission blackout will begin at 8:22 and end at 12:22 on the first 
day of the final mission phase. The aircraft can communicate with the 
Martian base from 12:22 PM to 8:22 PM, and from 12:22 AM to 
8:22 AM. A t  any time during the year, the maximum flight time which 
could occur in the dark is 4 hours. 
PROBLEM AREAS 
The major problems to be dealt with concern the dynamics of the polar 
orbit and their effect on communications. First of all, the placement of the 
satellite bus from low polar orbit to polar sync orbit is crucial. The 
FIG 4, EXTENDED BLACKOUT TIME - PROJECTED VIEW 
- mars base in center of blackout region 
- mars base at edge of blackout region 
- mars base at edge of transmission footprint 
FIG 5 EFFECT OF MARTIAN HELIOCENTRIC POSITION 
ON TRANSMISSION TIME. l&3 HAVE BLACKOUT 
FROM 10:OO TO 2:OO. 2&4 HAVE BLACKOUT 
FROM 4:00 TO 8:00 
conjunction of the central point of the footprint and the Martian base must 
occur in the plane of the orbit for maximum coverage. Also, an assumption 
was made that the satellite bus maintainted a constant velocity during the 
final mission phase. The effects of orbit perturbations (possibly due to 
oblateness) and the effect on communications will have to be considered. 
If this presents too much of a problem, a less stringent communication 
requirement may have to be adopted. 
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Introduction 
This section of the ACME final design report contains the science 
subsystem requirements, method of attack, and final design. 
Method of Attack-Overview 
The first step in the method of attack is receiving and identifying the 
requirements for the subsystem after which, research is initiated to 
identify potential science instruments that would be of use to the mission. 
Through many hours of research in the libraries, a general list of 
instruments is organized. Instruments that perform the same experiments 
are compared to determine which instruments will best fulfill the 
requirements of the RFP. After the final set of instruments is decided upon, 
their vital parameters are given to each subsystem that interacts with the 
science subsystem. If these parameters are not suitable for the other 
subsystem plans, more research and/or trade studies will be done. 
MCS- 1 
Requirements 
Specific long and short term goals of the science mission were also 
v 
recieved from M. Lembeck. These are listed below. 1. 
Long term goals 
+ Determine the origin, evolution and present state of 
the solar syste m. 
+ To better understand the Earth through comparative 
planet studies. 
+ To understand the relationship between the chemical 
and physical evolution of the solar system and the 
appearance of life within it. 
Short term goals 
+ Determine the elemental and mineralogical 
characteristics of the Martian surface on a global basis. 
+ Determine the distribution, abundance, sources and 
concentrations of volatile materials and dust. 
+ Define the global gravitational field. 
+ Measure the global topography. 
+ Explore the atmospheric structure and circulation in 
detail. 
+ Establish the nature of the Martian magnetic field. 
Assumptions 
The following assumptions are used in analyzing the science 
r,... 
subsystem. They are invoked at different times during the analysis but are l@j 
* 
i...? g;2 
listed in entirety here. 
,:%:zd 
,. ...: E::$ 
+ science instruments will not be .used during Earth- ";.'.> I -  .< 
Mars transfer. 
MCS-2 
+ instruments may very on each of the four data buses 
+ approx.imately one month will be available for low orbit 
experiments 
+ mars base will be able to gather atmospheric data 
using weather balloons 
+ data from MGCO will be used to supplement data 
gathered by ACME SS 
+ instruments may be modified to work at  high altitude 
Research methods 
With the requirements properly identified, it is now necessary to 
deter mine ways to locate science instruments that may be used to fulfill 
the requirements. Two research options became apparent: research past 
missions or research the action required of the instrument. 
To research past missions it is necessary to identify missions that 
may be useful. The Viking craft, Mariner Mark 4 and the Mars Geoscience 
Climatology Observer (MGCO) are best suited for research since they are 
fairly recent missions and share science objectives similar to ACME SS. 
These craft are referenced througth the library's computer system, STAR, 
I A  abstracts and any other source that may appear helpful. The 
instruments used on these craft are then used as a basis for instruments 
used on ACME SS. 
Researching instrument actions or uses involves using library 
computer terminals in their subject search mode. Subjects such as 'gravity 
measurement' and 'doppler shift measurement' are used to identify sources 
of inf or m ation. 
Research results 
Researching past and future missions gives the most information 
although alot of further research was done on specific instruments 
themselves. Instrument use searches results in alot of information about 
Earth-borne experiments. A list of components can be compiled from these 
searches that will lead to a final science package. The components selected 
can be found in table SCI-1. These parameters contribute to the 
requirements of the other ACME subsystems. 
Subsystem interaction 
The structure subsystem depends directly on the mass, size and 
placement of the instruments. AACS, power and aerobrake subsystems also 
depend indirectly on these parameters. Thermal considerations affect the 
structures subsystem. Mission planning recieves the modes of operation 
and their times. Pointing and scanning motion requirements directly affect 
the AACS subsystem. The data rates for the science package are used by 
the ~3 subsystem to calculate transmission rate information. 
Selection considerations 
For comparisons of instruments used for similar experiments see 
table SCI-2a through 2c. 
I t  was decided that an imaging camera would be a luxury that would 
not be needed if the uv-vis-ir mapper was used. Allowances are made 
with C3 to accomodate a camera at a later date if needed. 
e>>:5 
. . . ., 
. . . 
....*  " 
I::: :i ;% ; 
I:>: ..: 
All instruments face Mars with underlined dimension 
For specific locations of instruments see structures subsystem 
* number assumed from similar instruments 
mass is measured in kg 
power is measured in watts 
data rates are measured in bits/sec unless otherwise noted 
all sizes are in cm 
BREIML PAGE IS 
OF BOOR Q U A t m  
Table SCI-2A 
Statement: Packbge B is c ce it meets the 
reairerneats of low mess, 
QRIIGIML PAGE IS 
or POOR quaeny 
ORIGINAL P4GE IS 
OF POOR QUALln  
Table SCI-2B 
Statement: The radar altimeter vill be used but since there vss no 
other instrument found fUrther research should be done. 
uv spectrometer 
ir spectral mapper 
+ uses dot of space 
+ excess msss and power 
Table SCI-2C 
+ experiment is self contained 
+ relatively large 
better characteristics of the HVM. 
ORlG!Nh+L PAGE 18 
OF POOR QUABm 
Modes of operation 
As consequence of data output rate , the science instruments will be 
operated in three (3) modes. While one mode is running, the others will be 
downloading data. A direct result of this will be the use of tape recorders 
to retain data. Information will be downloaded to the recorder which will 
in turn download the data to Earth at a convienent time. 
Mode 1 will consist of the PMIRR and uv-vis-ir mapper. This mode 
will operate only during the time that the landing site needs to be 
investigated before the payload is sent to the surface. Starting time (date) 
for this mode will be determined at a later date as will the total time of 
operation. 
Mode 2 will consist of the uv-vis-ir mapper, radar altimeter and 
magnetometer. These instruments were chosen so the visual mapper and 
radar altimeter maps will coincide. The magnetometer will run constantly 
since it has a low data rate. 
Mode 3 will consist of the magnetometer , PMIRR and the gamma ray 
spectroscope. The PMIRR and gamma ray spectrosope were chosen to 
operate together so that the volatile material map and the elemental 
/mineralogical map will coincide. For a list of mode requirements for 
power see table SCI-3. 
The radio science experiment will take place whenever a 
transmission is made to Earth. 
Testing and Calibration 
All instruments must be bench tested individually and then 
A MCS-9 
Table SCI-Q 
Modes of Operation 
?3me to record data= capacity of tape/data output rate 
Orbit to fill tape I: time to fill tape / 1.96hr/orbit 
Time to downlink full tape= data amount/transm. rate 
Tape recorder can store 1 . 7 ~  1 0 3  bits of data and 
can transmit at 2 9.4kbs 
integrated into one science package. This package is then integrated with 
~3 and AACS to determine if all modes, movements and commands are 
carried out properly. Instruments will be calibrated on Earth before 
departure and calibration checked when orbit is achieved. 
Problem areas 
Problem areas have arisen in most parts of this design. The areas 
that need further study are listed below with a brief explanation. 
1. Payload departure from craft.- Since an imaging 
camera will not be used, the uv-vis-it mapper will 
determine the suitability of the landing zone. This 
instrument has a 45x43 degree f.0.v. This will permit the 
instrument to see the mars base approximately 400 k m  
before it is directly above the base. If the payload is 
released at this precise moment it will over shoot the base 
by approximately 984 km. This was calculated assuming 
f tee fall and no control forces using the following 
equations. 
time to free fall- (altitude x 2/gravity)2 
distance payload travels- time to fall x 2.88km/s 
To correct this overshoot retro-rockets and directional 
parachutes can be used or the payload can be released on 
the next orbit. This however results in an under-shoot to 
the west of the base. 
2. Instruments- 
a. Data rates for instruments were very hard to locate 
and may not be accurate. Instrument sensitivities and 
accuracies were generally not available. Therefore more 
research is needed. 
MCS-11 
orbi.) 
b. Time at low Marshis minimal. Tests should be run to 
determine if science instruments will be accurate enough 
at high orbit to gather more information. 
c. The requirements of global coverage need more study 
to determine if in fact, the entire planet will be 
covered.(see fig SCI-4) The path of the footprint will be a 
type of helix. The total.area covered by this helical band is 
very important but  is considered in the next design phase. 
path 
Final Design 
ACME SS is composed of a pressure modulated infrared radiometer, 
a magnetometer, a gamma ray spectrometer, uv-vis-it mapping reflectance 
spectrometer, radar altimeter, and a radio science experiment. Two tape 
recorders are used to buffer data being sent to earth. Total system has a 
mass of approximately 77.2 kg and requires 91.4 watts of power. Three 
modes of operation will be used with data rates of 2630,2300, and 3275 
bits per second each. 
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The following i s  a l is t  sf the system requirements as presentsd In the 
document entitled 'Request for Proposal and Preliminary Design of e P l a n d  :&$*;> 
?lars AIrcref t Space Deli very Sys tem.' (RFP). 
- -  Y. cw~3g+zg",",g& .663:dg& 
%+%L % : 
>- - 
1) Develop A conceptual design for the spacecraft d e l i v e ~  system 
required to deliver a manned aircraft to the Martian surface in  the f i rst  
decade of the next century. 
2) The spacecraft w i l l  consist of two primary components: the payload 
delivery system and an orbiting Instrument bus. 
3) The following subsystems are identified for the purposes of system 
integration: 
a Aerobrake (AERO) 
b Structure (STRC) 
c Power and Propulsion (pps) 
d Attitudeand Articulation Control (AACS) 
e Command and Data Control (Ccc) 
f Science and Radi o 'Relay Instrument a t ion (SCIN) 
g Mission Management, Planning and Costing (MMPC) 
4) Nothing in the Spacecraft's design should preclude it from performing 5 
several possible missions, carrying vast1 y different payloads to  different 
destinations. 
5) The design should use off-the- shelf hardware where available. 
6) The design should not use materials or techniques expecxted to be 
available after 1998. 
7) The spacecraft should have a design lifetime of at least four years. 
8) The vehicle wi l l  use the latest advances in  artificial intelligence 
where applicable to  enhance mission reliability and reduce mission costs. 
9) The design wi l l  stress simplicity, reliability, minimum mass and low 
cost. 
In accordance with requirement 3, the subsystems present their 
requirements in  the following chapters. Final designs are presented in these 
sections. 
:,3,. - 
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The following requirements are specific to the W C  subsgstem- 
- I .  ' 
- Select target .- -," ..-x - . 
- Compute 6 V  requirements 
- Describe trajectorg 
- Design the spacecraft to c a w  wt the mission 
- Bui 1 d the components of the four del i v e q  systems 
- Integrate the spacecraft 
- Test the spacecraft 
- Launch the spacecraft 
- Provide mission support 
In order to fulf i l l  the sgstem and subsystem requirements, three main 
tasks are identified. Within these tasks, the derived requirements, options, 
design trades, and methods of attack ere presented. Completion of these 
tasks leads to a final design; this design i s  also presented. 
- 
Escape From Earth Orbit 
Wars Orbit Insertion 
Mission Implementation 
? t 
This task involves calculating 6V requirements and determining orbit 
trajectories. The tra jectoq that best sstirf 18s the requirements (most 
notably, the minimum bv requirement) i s  chosen for the fin81 design. 
METHOD OF ANALYSIS 
Four possibili ties were considered for the method of escape from Earth 
orbit. From PPS, two types of propulsion systems were considered feasible 
for this mission. For each propulsion system, two tgpes of orbit transfers 
were considered. The resulting four methods we: 
. . 
-. 
. Low Thmst Direct Transfer LTDT + .i =.< L ~ 7  .-*": 
Low Thrust Venus Flyby Haneuver LTVF - -L 
IDT "f',. *= Impulsive Direct Transfer 
Impulsive Venus Flyby Maneuver IVF 
A l l  four types of transfer were analyzed using the pataed conic method. 
This means that thrust arcs occured within the sphere of influence of Uie 
. + - 
-+ 
respective planets. The AV required from the thrust maneuvers is  detemined S '  
from the hyperbolic excess velocity (Vh,) needed to put the spacecraft m a 
free-fell heliocentric trajectory to the target planet. The characteristic AV ' 
and Vhe needed for the transfer i s  a function only of the heliocentric tmnsfar 
geometry. 
The MULlflP program was used t o  determine the local minimum AV and Vh, 
requirements for the two types of transfers. The AV data was used i n  the 
analysis of the impulsive systems while the Vhe data was used to determine 
characteristics of the low thrust propulsion systems. 
ANALYSIS - DIRECT TRANSFER (Dl) 
The HULlHP program wrts used with the parking orbit at Earth set at 250 
nautical miles (elements of the capture orbit are presented in  the section: 
Hars Orbit Injection). A step search was done to find the f i rs t  local minimum 
in  the launch window. A total time optimization (TMFIX = 0,O) was then 
performed for the time of the f irst minimum and also for the next two 
synodic periods. 
ANALYSIS - VENUS FLYBY MANEUVER (VF) 
Since the synodic period i s  larger for Venus with respect to Earth than it 
i s  for Mars with respect t o  Venus, The opportunities for a VF maneuver are 
limited by the Earth-Venus geometry. With this in mind, a HULIMP search was 
performed and the minimum energy transfer from Earth to Venus was found. 
The date of this launch was used in  a time optimizing UMFlX = 0,0,0) 
analysis of the VF maneuver (the perking and capture orbits were those 
specified i n  the DT). The radius of the gravity assist maneuver was also 
optimized. The analysis was also performed for the next two synodic periods. 
For both cases, the earliest launch date was the least costly i n  terms of 
aV requirements. The earliest launches were then compared to determine 
which of the two would become the final design choice. 
. . 
5 . .  .-.  
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Launch Total Escape Earth 
B b L  {krn~secr &fn/se~l lkrnI88d .: P -**- 1 .
DT June 8,2003 4.456 3.563 2.970 2.700 F% 
VF June 5,2004 7.3 10 4.1 22 4.653 6.190 
FINAL DESIGN 
The VF manewer requires a 15.7% increase in AVescspe and a 64% 
increase i n  6Vtotal as compared to the DT. Also, the geometry of the VF 
maneuver i s  such that the spacecraft would arrive at Hers just before 
perihelion passage of the planet. Since at this time Mars experiences a major 
global dust storm, the spacecraft would be required to wait i n  orbit f o re  few 
months until the aerobmke maneuver could be ini tiatede) ~ecause of the 
undesirable attributes of the W maneuver, the DT was chosen. 
PT CHARACTERISTICS-F INAL DESIGN 
Launch Date June 6,2003 
Arrival Date Dec 29,2003 
Transfer Time 204 days 
15V Escape 3.563 krntsec 
Vhe (Earth) 2.970 kmlsec 
Distance to Earth at Arrival 1.0865 8.u. 
Orbit Elements of Transfer Ellipse: 
Semima jw Axis 1.26 8.u. 
Eccentricity 0.1 946 
Inclination 0.00 deg 
Longitude of Ascending Node undefined . . 9' . 
Longitude of Periapse - 105.9 deg --  
. ..- 
Time After Periapse Passage :.- . . , 
2.14 days (at 1 aunch) . .- 
As shown above, the spacecraft encounters Mars well past per1 helion 
passage. The trajectory also exibits the advantage of having a short 
communication distance to Earth (16 min. round t r ip  signal time) at time of 
amval. 
ANALYSIS-LOW THRUST 
Before any analysis was done on the low thrust trajectory, an extensive 
literature search was conducted. The most notable findings are l isted as 
references 2 and 4. Reference 4 presents the state differential equations for 
optimal guidance on a low thrust tra jectoy. Solving these equations requires 
a numerical routine to solve a two point boundary value problem (TPBV). Due 
to time constraints, using such a routine to calculate a trajectory was not 
considered. Reference 2 outlines a method of solving for the non-optimal 
trajectory Charts are given that plot radius vs. time and time of bum vs. Vb 
(the quantities are non-dimensionelized to  make the charts universal). 
Interpolation of the charts for the exit velocity of the candidate engine and r 
for the Vhe of the transfer orbit and for e l l  the quantities 
non-dimensionalized with repect to the initial parking wbi t yielded the 
following resul tda) , -  . 
3 . .  
..;,.s*- ;e . 
.: - . 
- - .. 
- .  
a = eggg = Thrust / Mass = initial thrust acceleration 
soto n 1 
t = to * 896.255 sec = time of thrust 
go = 8.5166 = local gravity acceleration on paricing orbit 
These relationships were given to PPS to determine i f  a propulsion system 
could be designed such that the thrust provided and the init ial mass of the 
spacecraft would produce a mission of reasonable length. 
From PPS i t  was reported that power rgquirements make the low thrust 
option not feasible. 
FINAL DESIGN 
The choice for method of escape from Earth orbit i s  the IDT maneuver. The 
geocentric trajectory i s  shown below. 
Technical Problem Areas 
.Not able to solve for optimal law thrust trajectoq f w :  
comparison with impulsive transf em. 4'. 
Had difficulty finding cument research on low thrust: ' 
tra jectorf es. 
Analysis of VF trajectories was difficult since W L I W  failed t o  
converge for  most launch times other than the three not 
EFFECTS ON OTHER SUBSYSEHS 
Communication distance affects antenna sizing (CCC) : ?+=, - 
Transfer geometry affects antenna pointing (AACS) 
AV requirements affect fuel requirements (PPS) 
This task involves putting the spacecraft on a trajectory to allow 
initiation of the aerobrake maneuver. 
METHOD OF ANALYSIS 
Since no significant data was obtained from the AEROB program, an 
alternate method of determining fuel and AV requirements had to be found. 
The analysis invoves assuming characteristics of the aerobrake trajectories 
and computing AV at the three bum times. The characteristics of the 
aerobrake trajectories were chosen such that the AERO subsystem believes 
the aerobrake wi l l  be able to serve i t s  purpose ti-e. circularize the initial 
orbit). 
ANALYSIS-AV CALCULATIONS 
The assumptions about the aerobrake trajectories are as follows. 
Initial Semimajor Axis 2000000 km 
lni t ial Periapse Radius 3600 km 
Altitude of Periapse (for breaking) 60 km 
Final Orbit Radius 4722 km 
The choice of final orbit radius is  presented in the section: ANALYSIS-FINAL 
ORBIT. Three AVS were calculated. The f i rst  bV i s  at the init ial periapse 
radius and i s  done to achieve the high energy elliptic orbit. The second bum 
i s  at apoapse of the high energy ellipse (and i s  initiated when it has been 
determined that the global dust s tom has indeed died down) to bring UK 
periapse down sufficiently far into the atmosphere to allow aerobreaking. " -, 
This bum also allows for a 66 degree change in inclination of the orb1 t. Tbe - 2 -2 - 
f ircularizing bum occurs at apoapse of the last elliptical trajectory (when - 
epoapse radius i s  equal to the final orbit radius). The numbers above end the ' - 
vis-viva equation 
~2 = p(2/r - I /a) (3) ., . - 
= 4.305E+04 kg3/sec2 - .% - u ~ a r s  _ ..=" .- . 
I - 
- = % * '  
are used to  determine the velocity vectors before and after each bum. The . 1, change i n  velocity yields the AV for each bum. - 
AV CALCULATIONS FOR ORBIT INSERTION 
Avl 7 17.890 mlsec 
For comparison, the bV required for  orbit insertion to the final circular 
orbit from hyperbolic approach i s  2566.7 mlsec. i 
MARS ORBIT INSERTION AIMING RADIUS 
e29. 
The geometry of the orbit insertion i s  presented above. Note that the kg;< ,..:.x <....... g- j  
circular orbit shown for insertion represents the radius of the periapse and 
not the orbit trajectory of the high energy ellipse. 
ANALYSIS - FINAL ORBIT * 3. 
The orbiting bus must be placed i n  an orbit such that the s c i m  
- 
objectives are met and that the airplane support requirements are met. 1- 
i s  some conflict involved i n  trying to  fu l f i l l  the requirements of both w i th  
one orbit. From SCIN, the most desirable orbit for global science requirements 
e. i s  a low circular polar orbit. For support, a synchronous orbit over the ' 
Martian base would be desirable. Characteristics of both were combined. 
A circular orbit wi t  a period equal to some fraction of the period of b, 
rotation (24.623 hours) and inclined at some angle satisfies the requirements R'< 
of both groups to some degree. The orbit passes over the base with some 
frequency and i s  able to image a great portion of the surface of Hars. 
Kepler's third law and the vis-viva equation combine to produce two main 
categories of orbits: low-fast orbits and high-slow orbits. Because the 
slower orbits require less AV of circularization and allow for less 
complicated control of the scan platf o m  and allow greater communication 
times with the Martian base, it was decided that attaining the highest orbit 
possible would be advantageous. From SCIN, an altitude of less than 1500 km 
was desired for resolution purposes. The lowest integral number of orbits 
per day that produces an al t i  tuds less than 1500 km i s  9. 
MARS ORBIT 
(9 orbits per day) 
The angle alpha in the picture above i s  called the angle of incidence and it 
i s  a measure of the amount of are8 that an instrument can observe from one 
point i n  space. Representative numben for alpha could not be found by SIN + 
M succesive orbits, the ground track moves westward 360/9 or 40 degrees. Rp 
Given the orbit altitude, CCC designed 8 UHF antenna with a t ransmidm 
distance of about 1800 km. With simple geometry m d  noting that the 
velocity on the orbit i s  3.02 km/sec, communication time with the base is  
15.7 minutes each flyover. 
The inclination of the equator of Mars to  the ecliptic is  23.984 degrees, 
This means that coming in on the ecliptic plane w i l l  wtanat iml lg  put 
spacecraft on an orbit inclined to the Martian equator. The e l l owam far t&e 
66 degree inclination change stated earlier allows the instmment bus to Bs 
put In  a polar orbit. As shown the previous section, this large change #n 
inclination i s  done with a small increase i n  fuel requirements. The final orbit 
has the benifit of providing global coverage. 
The final orbit can be positioned to pass directly over the Martian base no 
matter where the base i s  located on the surface of the planet. If the base fs 
on the equator, the instrument bus wi l l  pass over the base two times per dag 
(once going northward and once southward); i f  at a pole, nine times per dey; 
and i f  otherwise, once per day. This orbit would be positioned so that the 
instrument bus would pass over the Martian base during daylight. The airplane 
science missions would be run to coincide with the overhead passes. 
TECHNICAL PROBLEM AREAS 
No numbers were found for critical angle of incidence of the 
instruments needed to de tenni ne ground coverage 
Interact ion with the aircraft group revealed poor1 y defined 
requirements 
Oblation effects cause a change i n  the radius required to achieve 
the desired orbital period. This difference i s  not 
significant at thislevel of design. 
EFFECTS ON OTHER SUBSYSTEMS 
AV calculations affect fuel requirements (PPS) 
Orbit geometry affects antenna sizing, instrument pointing, solw 
array pointing, data transmission time. (AACS) (CCC) 
Orbit frequency affects timing of aircraft science missons. 
nlssron IC(PLEHEW~ATIO@ *. * b  f s  *-. 
This task involves outlining the timeline of the mission and perfomin# 
cost estimu-tes of the mission. - , -. .3 . .
-27': 4 -9, 
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TIMELINE 
C C 
1 2 3 4 5  6 7  8 9 1 0  11 
-. . ..- - 
-6 
' * =  . 
Development phase (detailed analysis. design, testing of subsystems) 
Constuction and integration (subsystem testing. spacecrsft integration 
and testing) 
Launch to Space Station 
Assembly and test on orbit 
Launch of spacecraft from Earth 
Anival at Mars 
lni ti at ion of aerobrake maneuver 
O r b i t  Circularization 
Determination of landing sight viability 
Separation of payload 
Touchdown of payload on surface 
COSTING 
Masses were obtained from STRC and the percent iheritance classes were 
obtained from the individual subsystems. The equations &lined in Ref. 9 
were used to estimate the cost of the mission. 
Total hardware 
four delivery systems 265 million dollars 
Total development 430 million dollars 
Mission openations 79 million dollerg 
Total Cost 774 million dollam 
TECHNICAL PROBLEM AREAS 
Don't know how long eerobrdce menewer w i l l  lest 
Don't fully understand costing equations 
1 Reference * 7, p. 41 67 I ,  8 
2 Reference *2, p. 67 1 
3 Reference * 1, supplimentary handout, orbital elements and 
physical characteristics of the Sun and planets 1. 
4 Reference * 6, p. 4297 B 
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GROUP 4-ARES PROJECT 
Co'mCl 
CHAPTER 2:P 1 
At the beginning of the 1 988 Spring semester, a document for proposal 
was received entitled "Request For Proposal and Preliminary Design of a 
Manned Mars Aircraft Space Delivery System." This report listed the 
following requirements for the Structures Subsystem (STRU) of the 
delivery system: 
( I  the structures subsystem w i l l  include the materlals, the design , 
and thermal control 
(2) the spacecraft components and payload w i 11 be del iveried to  orb1 t 
In the cargo bay of the Space Shuttle and be assembled on-orb1 t 
a t  the space stat ion spacecraft assembl y-and-repaf r f acll i ty 
( 3 )  the spacecraft w l l l  be retrievable by a remote manipulatlon 
device on the space station or the Space Shuttle 
(4) Nothing in the spacecraft's design should preclude it from 
performing several possible missions, carrying vastly different 
payloads to different destlnations 
(5) i t  should not use materials or techniques expected to be available 
after 1 998 
(6) the spacecraft w i l l  have a design lifetime of four years, but 
nothing in the design should preclude It from exceeding this l imit.  
(7) the design w i l l  stress simplicity, reliability, minimum mass, and 
low cost.' 
Thus, the requirements are to conceptualize a spacecraft that i s  
capable of bringing an aircraft and a satellite to Mars. The spacecraft w l l l  
be brought to the assembly faci l i ty by the shuttle and w i l l  be constructed 
there. The delivery system w i l l  be able to carry different payloads, be 
retrievable, and w i l l  provide structural support for the instrument bus and 
payload entry system, 
METHOD OF ATTACK 
The structure of the spacecraft Is  affected by Inherited constraints 
lrom the RFP and by other constraints received from interactions wi th  the 
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other subsystems. A review of former structures courses provided a 
familiarization with with structural needs, and then research on space 
structures was done, with emphasis on accumulating information on . 
monocoque she1 ls, trusses, metals, compositites, thermal protection, and 
space environment's affects on a spacecraft. l nf ormat ion was also 
gathered through the lectures on structures. This information resulted in  
trade studies on thermal control and ~0mparlS0n~ of materials, and into 
the formulation of structural theories in the design of the spacecraft . 
There are three dimensional constraints on the payload system PIVOT 
(Payload l nternal Volume Optimized Transport): 
1 )since the shuttle is  to be used, the dimensions of PIVOT cannot exceed 
the 4.6 m radius by 18.3 m length Orbi ter payload envelope2, 
2)if the airplane were to be disassembled then the longest single item 
of the aircraft would be the shortest length of PIVOT (to be further 
discussed), and 
3)from information gathered by the AERO subsystem, the length and 
frontal area of a combination of PIVOTS is  also constrained (to be further 
discussed). 
PIVOT needs to be simple and light weight but also able t o  withstand 
shuttle launch loads of six times Earth's gravity (6Ges) which incorporates 
asafety factor? This load determines the thickness of the truss 
members which were used to design a skeleton for PIVOT. 
A triangular truss was designed to connect the three PI VOTs, 
satellite, and engines together to form the spacecraft. The truss was 
designed to be able to withstand the impulsive launch from Earth to Mars, 
and hold up to the aerobraking forces to be encountered durlng aerobraklng. 
The materials being used need to be protected from the space 
environment and the satellite and propellant tanks need to be maintained 
at certain thermal levels regardless of external heat fluctuations. 
The aircraft designed by the aircraft group imposes a dimensional 
constraint on the payload system PIVOT. The plane was initially broken 
into parts ( 4.6m x 13m x 4m 1 so that the plane could be transported to 
Mars, Three PIVOT canisters were required to hold the aircraft and so 
resulted in a triangular stacked configuration of canisters whose frontal 
area was approximately 24.5 m (Figure 1 1. After running simulat ions 
64-ares project 
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w l th  AEROB, the AERO subsystem informed me that the length of PIVOT had 
t o  be reduced because the wake behind the shield would impact on the 
canisters (see AERO report). According to AERO, the longest canister can 
only be 9.3m in length. Returning to  the aircraft section, the plane was 
broken up again and after graphically trying to store pieces into PIVOTS, 
the aircraft STRCs person and I agreed that the only feasible way to 
package the aircraft was to disassemble the wing, break the canard into 
two pieces and also the tail, and transport the fuselage as a whole piece. 
The longest length of the aircraft was now a 7.5 m rib, so PIVOT has a 
payload envelope of 7.5m by 4.5 m diameter. 
PROP determined the mass of fuel and fuel tanks needed so I designed 
tanks for the fuel volume and placements constraints. The truss members 
were designed as PI VOTs skeleton at 6Ges and so the same trusses were 
used for the triangular truss which has to support the thrust imparted upon 
it from the PROP engines . When a thrust figure was received by PROP, the 
maximum load capability of the truss was compared, so that PROP could 
adjust his thrust and burn time i f  the thrust loads were too hlgh. 
SCIN delivered science instruments with speclfic tasks to perform 
(see SClN report) so the masses, dimensions, and tasks of the instrments 
determined the satellite configuration. 
AACS required the use of accelerometers, gyros, thrusters, and 
thruster fuel on both the payload and satellite. Some of his other 
instruments required axial placement and unobstructed view tng. AACS 
received from STRC the lnertla matrix of the satellite In order to 
determine the principal axes of the satelllte. 
CCC designed a UHF antenna, UHF transmitter, and communlcatlons 
antenna to be placed and positioned of the satellite. Commputers and tape 
recorders were also designed to be placed inside the satellite and payload. 
The antenna placement required as much unobstructed viewing of Earth as 
feasible during the Earth-to-Mars leg of the mission. 
AERO designed the aerobrake wi th  the knowledge of PIVOT frontal area 
and in return constrained the length of PIVOT. AERO the required STRC to 
supply a payload lander mass in order to calculate parachute sizes and 
mass (see AERO). 
MMPS interacted with me when I was group leader and 
spacecraft-aircraft liason, but only required structural masses from me 
for cost evaluation. Indirectly, MMPS did constrain me due to his 
interactions with other subsystems by determining trajectories which 
affected propulsion needs which In turn affected tank masses and sizes 
needed to be placed on the spacecraft. 
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During the cruise phase of the mission, the thermal system of the 
satellite needs to keep the instruments above 689: (20°F l4 and the 
propellant thermal system needs to keep some of the propellant at 
approximately 3 10K. The thermal enviroment of the satellite can be 
maintained by the use of the RTG to power a heater in  the satellite and a 
temperature control device to regulate the internal temperature. the 
propellant thermal system would use insulaton such as foam, multilayers, 
fibrous, or superinsulators. Superinsulators are 1 lght and have a 
conductivity of 1.5 x 1 o - ~  BTU/hr-ft2 -F (at Martian surface pressures), 
and at a thickness of one Inch versus six inches of fiberglass fnsulat ion 
has an equivalent conductivIty4. Superinsulators are very expensive so 
combinations of the two can be used to keep cost and weight down. 
l nsuff icient research information on the conduct lvlty of insulators In 
space and insulation densities prohibited a trade study on combinations of 
insulators vs. coldest environment scenario and calculations of insulation 
mass. I was able to find a graphical relationship of insulation vs. lander 
area ( in this case PIVOT) which demonstrates how thick of tnsulation 
could be required to insulate the tanks and PIVOT, see Figure z4. Another 
graph demonstrates the use of multilayer insulation (MLI 1 vs. heat flux at 
low Earth orbit (LEO) to insulate hydrogen-oxygen propellant tanks, see 
Flgure 35. 
The number of micro-meteoroid penetraions was an early worry in  the 
design of PI VOT's aluminum skin thickness.. Research information 
revealed that there was a probability of no penetrations of ,529 during the 
Earth-to-Mars journey, of ,995 during the Mars braking stage, and of 1.0 i f  
an areobrake shield were used t o  brake. The chances of a micro-meteoroid 
impact are small, so an increase in the skin thickness due to meteorold 
impact was not taken into account i f  the thickness seemed thick enough 
(engineering intui tion). 
The design of the propellant tanks was f i rst  determined by thelr 
orientation in the spacecraft . The retrorocket fuel was placed in the 
triangular truss in order t o  optomize the use of empty space between the 
cylinders. With truss lengths of I. 1 m formlng the equilateral triangle 
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A cylinderical tank of radius .32m by 1.28m long was chosen to be 
placed within the truss toward the aerobrake. This tank was chosen 
because It f it and only one tank was needed to be constucted. The fuel for 
attltude and control during the Earth-to-Mars part of the mission was also 
placed In the opening by the cylinders in  order to use up empty space and to 
maintain the effective radius of 4.95~1. 
AACEiful(HYDRALIYE): MMs=25.EIKO M L W  .ck2m+ 
A spherical tank was chosen because a sphere w i l l  use less material in  i t s  
manufacturing. 
The fuel tank for the satellite was approximated to use 76kg of 
hydrazine, and has a radlus of .26m. 
The masses for the fuels used in  Mars orbit Insertion and the lnital 
impulsive thrust from Earth were too large to be placed in the truss ( the 
length of the cylinders caused the spacecraft t o  become very long ), so 
spherical tanks were chosen since they would use the smallest mass of 
material. 
mt#IY 
Mono. yjdrufrw! : 6622kg : rs=.Wm QR~QINAL PAGE ES 
Wdizw (nibpirtmctrwW) : 1- : rp.5t5m OF. POOR QUAL~TY 
The thickness of the spheres can be calculated by solving the stress 
equat Ian for a sphere or a cyl lnder 7. 
where rs and (r, can be set at the yield strength of some material, 
max 
the radius of the sphere(R, 1 or the cylinder (R,) found above, and the fuel 
operating at some Internal pressure. No information was known 
concerning operating pressures, so the drawing of the tanks assumed that 
the tank thickness was small compared the radius. 
As different parts of the mission were examined, loading due to  the 
shuttle launch, t o  the impulsive Earth-to Mars launch, and to the 
aerobraklng at Mars were considered to necessi tate further examinat ion. 
The launch at Earth imposed the highest acceleratlon on any part of the 
spacecraft, so the most masslve single piece of the spacecraft would 
endure i t s  highest loading here. The largest single piece of the spacecraft 
I s  PIVOT so I t s  structure was but1 t to  endure an acceleratlon of 6 Ges ( 
this has a safety factor of 1Ge 3. F-ma-6(9.8 mls2 )m 
The next two loads affect the truss "backbone" of the spacecraft, The 
impulsive Earth-to-Mars phase of the mlsson uses a slngle engine racket 
that produces a thrust of 100,000 N (see PROP) which was designed after 
the mass of the Mars Insertion vehicle was determined. Depending upon 
the acceleratlon of the rocket (see PROP), the loads being handled by 
the truss structure at 1 Ge i s  ... 
F+mp+%) 1 mparcs.hanlrl(m + * 
m&162 :load a 2162lgt93m18) = 21,188 
During aerobraklng, the load 1s due to  the drag on the aerobrake. 
D..V w
wherep the denslty of the Martian atmosphere I s  dependent upon the 
height of travel through the Martian atmosphere, V i s  the veloclty at 
perigee,C~ i s  the coefficient of drag on the shield, and S i s  the sphere's 
area.   he largest drag w i l l  occur during the perlapse radlus of the 
spacecraft's ell iptical orbit, so V needs to be found: 
Y.gl(2h) - 1 13d 
where rp=periapse radius, a i s  the semimajor axis of the spacecrafts, and 
u for Mars i s  4.305~ 1 0'%m3/s2. By solving for the velocity at perlapse, 
the drag can be found.The load Is  not as high as the impulsive launch, so the 
tmpulstve load w i l l  be the constralnt on the truss. 
PIVOT was designed to have a truss skeleton which would carry the 
major load of shuttle launch. The truss members or tubes were 
constratned to a 5cm dlstance (the difference between the shuttle payload 
radlus and the radius allotted to the alrcraft pack*) and a length of 7.6m 
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( a f lxed length of PIVOT). The tubes each have a length to  radius ratio, or 
slender ratio, which will result i n  failure due t o  buckling before failure 
due to "she1 1 buck1 lng or compressive/ tens! l e  ultimate strength fa1 l ~ r e s . ' ' ~  
The same failure i s  true for the truss members holding the containers 
together, "Using the Euler buckling formula which for pinned end columrls 
IS dellned as PC,=$ EI/L* where PW 1s the buckling load. L i s  the length. I 
i s  the minimum moment of inertia,,,.,and E i s  the longitudinal modulus of 
the tube,"the thickness of the truss members can be obtained.8 
A monocoque shell was used for the design of PI VOT's outer shell 
since the loads would be prirnartly carried by the truss skeleton. The 
equation for the axial stress In  an unpressurlzed thin wall cylinder i s  
given by 0~~~=9(t/~)~-~+,l6(t/~)~.~, where oc is  the buckling stress, E i s  
the modulus of elasticity, t is  the thickness, and L i s  the length. This was 
also used for the satellite wall thickness but was rejected in  favor of the 
tube wall thlckness estimate. 
9&- 
A1 2219 1 10.5 1 
Al-Li 1 11,3 1 
TI-6Al-4V 1 16.0 1 
Graph1 te Epoxy 1 21.0 1 
P75/ERLX 1 962 1 75 1 
P75/ERLX 1 962-A1 Clad1 40 1 
6061 Al 1 9,9 1 
Using tne unpressurrzea thin wall cyl lnder approxlmatlon at a load of 
6 Ges, the best material to use for the PIVOT wall was 6061 A1 which 
resulted in a thickness of 1.09x10-~m and mass of 4.27 kg. 
The thickness for the longest member on PIVOT determined the 
thickness of all the struss members since this member Is under a load of 6 
Ges and w i l l  buckle before any of the other truss members. PI  VOT's 
skeleton has short members (.3m) forming the ring about the cylinder and 
STRC 
1.906 m diagonal trusses went diagonally down the side to  carry the axial 
load. Using the Euler buckling formula and a loading of 6 Ges, El was 
determined t o  be 5.2 1 x 106 lbln2. Looking at f igure 421 , the thickness 
of 0.04in. ( 1.0 1 6x 1 0-3 m) was chosen for the materlal P75GrlEp. Now 
using the formula ~ass/~ength=p(r:-r?) (see also f igure 4b) , the mass 
per unit length was found t o  be ,297 kg/m. Adding up the 1 72 truss 
members resulted in a total mass of 120.3kg. Figure 5 shows PIVOT and 
the nodal locat ion o f  the trunlons which are connected at the nodes of the 
trusses t o  carry the loads axially to the truss skeleton The trunions are 
able to be retrived by a remote manipulation device duto their size. The 
aluminum skin on PIVOT i s  primarily to keep radiation from a l l  the 
graph1 te  truss members, to protect the alrcraf t from heat fluctuations, 
and provide some mlcro-meteoroid protection. 
The "backbone" of the spacecraft i s  the triangular truss which 
connects the aerobrake t o  the englnes wlth PIVOT and the Satellite also 
connected (see figure 6). The entire length of the truss is 14m wlth 24 
equilateral truss side members of 1.1 m in length, 2 1 longitudinal members 
of 2m lengthsand 42 diagonal truss members of length 2.06m. The diagonal 
trusses connect and carry the mass of the PI VOTs during the impulsive 
launch. Since the diagonals are the longest members and connect t o  
PIVOT, they w i l l  be assumed t o  buckle first. Thus, a w o n t  case scenario 
of only three dliagonal rnembers(on1y one member carryinga load at each 
mode of a sectlon) was assumed In order t o  strengthen the struss w lthout 
relying on a yfeld safety factor of 1.4. The axial loadln during the 
each member, and results in an El  of 2.00 
4 impulsiv~ launch results in 100,000 N ( 1.4)/3=4.67x 10 being carried by 
4 2 6 5 ~  1 0 Nm (6 .99~ 1 061 b in2). 
Referring back to figure 4 a thickness of 0.05in. to  0.1 7 in, could be used 
depending upon the Young's Modulous,E, of the materlal. A good material 
for the truss i s  P75 Gr/Ep- A1 clad which has a 4mil of aluminum coating 
on I t s  surface in order to  protect the carbon from space radiation, the 
thermal environment, and oxygen contamination while in LEO assembly. 
The total length is  154.92 m and the total mass is  48.03kg. 
The six lander legs for PIVOT were built using the same material as for 
the truss, and have a total mass of 2.8kg. The supportlng rods between 
the cylinders use the same materlal but have a length of 5m. Using the 
maximum load for the space station of 5337.6N ( 1  2001b1, the E l  for the 
supports is 1.35~ 10%m* (4,7x 1 061bin2) which figure 4a shows as being 
In the load range for the designed member. 
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Using the monocoque theory for the satellite resulted in  a thickness of 
t-4.5 1 18x t0-5m and a total mass of approximately 4.3 kg. This i s  a poor 
structural design eventhough the walls w i l l  hold up to the toads of 6Ges, 
and twisting of the wall w i l l  cause it to fa i l  immediately. The thickness 
of  the truss members was adopted t o  the wall thickness and resulted in a 
tota l  weight (outer wall+covers+inner wall) of approximately 100 kg. 
This i s  heavy but w i l l  easily handle launch conditions and w i l l  not crumble 
under a lateral load. 
The reason for the satellite i s  t o  make scientific observations of Mars 
and to  help the aircraft during a rescue mlssion. The placement of the 
science instruments t o  support thelr viewing requirements governed a 
major port ion of which instruments went where. The "backbone" truss 
runs right thru the middle of the satellite and elongates the width of the 
satellite (see figure 7). This turned out to  be a plus and not just an oddity. 
A majori ty of the science *instruments needed to be pointed at Mars (see 
SClN for specific instrument pointing needs) wi th the radar altimeter and 
pressure mirror pointing at the surface while the scan platform on a 
gimbaled arm allowed the infrared spectrometer, IR Mapper, and UlUC to 
point at specific locations. Two instruments needed their own personal 
booms which dictated the length fo the RTG boom. When the satellite is 
free of the rest of the spacecraft, the truss through the center w i l l  remain 
since it is  a strong sructural spot t o  attach the booms and provides a place 
for the AACS fuel tank. The antenna was initially boomed but was placed 
on a tripod support structure after an init ial  running of INERT showed that 
i t s  placement on the tripod would help raise Ixx and lower lyy of the 
satellite (see AACS), increase the viewing capablllty of the antenna 
capability during the Earth-to-Mars leg of  the mission (see CCC),and 
reduce the structural worry about antenna boom vlbratlons and 
strengthening of the boom, and lor tha possibility of the boom twls t lng  
off  due to the extra mass of the USA transmitter on the antenna focal 
point, 
AACS instruments were posittoned above the SClN instruments which 
resulted in  a good final center of mass and met the pointing requirements 
of the instruments (see figure 7 for the inertia matrix). 
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-The inertla matrlx vlues about the Ixx and Izz are very close and could 
result If the satellite fllpplng from one axes to another. 
-The backbone truss needs to be analyzed further in  order to determine 
structurally weak members and the principal load carrying members. 
-A problem appears concerning the attachment of the inital engine and 
fuel tanks to the main truss. 
FWAL DRAWING 
Figure 7 is  the drawing of the init ial  configuration of ARES. 
INSULATXON THICKNESS, in, 
HEAT FLUX (BTUIHR FTZ) 4 
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In suppport of the ARES mission, the power and propulsion 
subsystem was required to satisfy or operate within the constraints of the 
Global Mission Requirements outlined by MMPC (Mission Management, 
Planning, and Costing), as well as satisfying the following Power and 
Propulsion Subsystem require meats: 
1 ) Control Power Relays. 
2)  Control Valve Actuations. 
3) Support Aerobrake Subsystem. 
4)  Support Structure Subsystem. 
5)  Support AACS - Maneuvering Control and Power. 
6 )  Support Command and Data Control Subsystem - Power. 
7 )  Support Science and Radio Relay Subsystem - Power. 
The trade objective for this mission is to Minimize system Mass 
and Complexity to Minimize Cost and Maximize Reliability. To better 
facilitate the representation of the design, all information will be given as it 
was traded and designed. The mission was designed in reverse sequence 
from the lander back to initial Earth launch. 
u. Bavloab./']banb.tv 
A. Propulsion. 
The lander will use the Aerobrake for thermal protection, chemical 
thrusters for control and a chemical rocket for powered decent to the 
surface. Since an unpowered landing is not possible due to surface 
topography and payload sensitivity, the remaining option is a powered, 
"soft" landing on Mars. The parachutes detach at 1500 meters altitude with 
a lander velocity of 45 m/s (See Aerobrake). A soft landing assuming a 
constant mass and constant thrust resulted in a 67 second burn time, with a 
total thrust of 13,630 N (3098 lbf) -- See Enclosure (1) for detailed 
derivation. Four (4) engines, throttable from 12% to 100% power, permit 
significant attitude and control (See AACS) and are well within current 
technology and compatable with the Space Shuttle RCS thrusters1. A Fuel 
Mass safety factor of 3% was assumed as well as a tank and plumbing mass 
factor of 10%. Frictional drag and gravity was assumed to provide a 
positive feed of hydrazine to the decent engines, thus eliminating the need 
for a blowdown or pump feed system2. The following propulsion data does 
not include AACS. 
LANDER PROPULSION DATA 
Englne mass 1 1.5 kg 
Mass flow rate 1.155 kg/s 
Speclflc Impulse 301 s 
Fuel Type Hydrazlne (N2H4) 
Tank mass 31.4 kg 
Structure mass 15 kg 
Fuel mass 3 14.5 kg 
Total mass 406.9 kg 
B) AACS 
All attitude and control design was done by the AACS subsystem. 
Integration between AACS and PPS only covered fuel system compatability 
and feasabilty. I t  was determined that control of the 1ande.r would be 
accomplished using the decent engines as discussed above as well as twelve 
(12), ten (10) N thrusters for roll and lateral control. For specific design 
considerations and thruster placement , SEE AACS p. The final data is 
presented here for reference: 
LANDER AACS DATA 
Fuel Type Hydrazlne (NzH4) 
Fuel Mass 25.3 kg 
Tank Mass 5 kg 
Support Mass 10 kg 
Thruster Mass Total 18 kg 
Total System Mass 58.3 kg 
C) POWER 
The lander had power requirements totaling 32.8 We. This was 
derived from the Science Subsystem-- (See SCIN) and Command, Control, 
and Communication Subsystem-- (See CCC) requirements. Power for 
valve actuations was considered minimal, since no power data for such 
systems were mentioned in the literature examined. An additional 1 %  
power factor was assumed with an operational lifetime of 57 W-hours upon 
lander separation from the bus, allowing adequate data collection and 
location transponder transmission. Advanced Ag-Zn batteries were used 
based on a high power to mass ratio of 1 10 W-Hr/kg, versus a power to 
mass ratio of 22 to 26 W-Hr/kg for higher life cycle batteries ( ~ i - ~ d ) ~ .  
Cycle life is not relavent to this once discharge requirement, therefore this 
state of the art battery can be used. The total battery weight is 2 kg 
including structural support and wiring. Assuming the density of Zn as a 
rough battery density with extra room for error, the battery volume is 150 
cm3. No attempt was made to design an elaborate electrical support 
system for such a detailed design area, however, a listing is presented: (See 
SCIN and CCC for details). 
LANDER POWER DATA 
Retarding Potential Analyzer 
Mass Spectrometer 
Auto Altitude Eval 
Space Transport 
Tape Recorders 
Computer 
Antenna 
w 
Peak power 
111. 
A. Propulsion. 
After initial lander design, the next phase to consider is Mars Orbit 
Insertion (MOI), The following constraints have been placed on the method 
of MOI by various Subsystems and the RFP. The Subsystem will be listed 
following the constraint: 
1 ) Aerocapture rejected due to heating and control considerations 
(AB). 
2) Aerobrake required by RFP, therefor Ion Engine not reasonable 
option for MOI. (RFP) 
3) Three Axis Control has been chosen at Mars (AACS). 
4) Thruster controls for manuevers are required. (AACS). 
5 )  Burn duration should be minimised for circularization burn (AB). 
These constraints lead to the necessary selection of either a solid or 
liquid chemical propulsive burn. The advantages and disadvantages were 
traded to determine type of system4 
SYSTEM ADVANTAGES 
SOLID 
PROPELLENT 
l mpulslve Maneuver 
Well Tested 
Easy to store and handle 
BI -PROPELLENT **** High Isp (31 0 s) 
cost effective 3 axis 
(Nl trogen tetroxlde- Restart Cagablllty 
monomethal hydratine) Dual use or fuel 
State of the art 
DISADVANTAGES 
Lower Isp (290) 
One shot lgnltlon 
Cost effective for spin stabilized 
 NO^ fully impbls~ve mlws large 
mglne size 
Fuel Slosh 
Propellent mlxlng 
MONO-PROPELLENT Dual use of fuel Lower Isp (220 s) 
Restart Cgablllty Fuel Slosh 
(Hydrazlne) No fuel mlxlng Not fully impulsive 
**** SLECTED DESIGN 
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The Bi-Propellent Design was chosen because of the inherent 
advantages of MOI flexibility, the optimization with 3 axis control, and high 
Isp. The problems of Fuel Slosh and propellent mixing have been delt with 
on previous missions5 and do not represent signxicant problem areas. The 
trade did not require detailed numerical analysis since the peculiar system 
characteristics were more valuable than any small mass differences. This 
satisfies the RFP requirements stressing reliability and also reduces the bus 
mass, over other methods, through the higher Isp. 
3-4 The information for the tankage factors, Isp, engine mass, etc. was 
given to AB to perform the aerobraking manuever, which was to produce 
the desired result and provide fuel and mass numbers for subsequent 
optimization. Problems were discovered with the AEROB program having 
rather strange data in the data files. Since the Aerobrake had a larger than 
optimal size needed to cover the payload, the weight of the shield was 
determined by AB independent of the program -- (See AB). MMPC 
computed the required delta V'S the resulting fuel mass and engine data 
was calculated --(See MMPC). For a detailed derivation of the engine, fuel, 
and structure data --- See Enclosure (2). Spacing and sizing of tank are 
shown in STRUC and the final results show: 
MOI VEHICLE DATA 
Final orbit mass w/o fuel and tanks 4494.0 kg (90 kg engine) 
Fuel mass for MOI (total) 1754.8 kg 
Tank mass and structure m& kg 
Initial MOI mass 6424.6 kg 
MOI ENGINE  DATA^ 
Thrust 26,700 N 
I SP 310 
Mixture Ratio 1.65 tm ox/m pro) 
Fuel MMH (monomythel Hydrazine CH3NHNH2 
NTO (Nitrogen Tetroxide N2O4 
Mass 90 kg 
MOI ENG-INE BURNS 
Apogee from Hyperbollc 1352.0 kg fuel 1 53.9 sec 
Ini tiation of A 0  sequence 6.6 kg fuel 0.7 sec 
Final ~ircularizatf'on 395.9 kg fuel 45.1 sec 
B) AACS 
The AACS subsystem was responsible for attaining the proper 
specifications on control thrusters and fuel requirements, however fuel 
selection was shared. The detailed description of the system is described in 
the AACS section, however pertinent data is presented here for reference. 
AACS m>l BUS DATA 
Number of thrusters 16 
Thrust 1 N 
I SP 220 sec 
Mass flow rate 0.464 g/sec 
Mass of Fuel and Tanks 91 kg 
Structural Mass 15 kg 
6 )  POWER 3-5 
Since the aerobraking maneuver was required, tho main constraint 
on our power selection as the aerobraking sequence. The two possibilities 
were solar and Radioisotope Thermoelectric Generator (RTG). It was also 
assumed that the bus power system would be used for the Mars Orbit 
Transfer (MOT) phase if chemical was used, but would only power the bus 
if ion or some other "high power" MOT system was used. It was 
determined (with help from MMPC, AACS, and STRUC, and AB) that the 
aerobraking sequence would require retractable solar arrays and retraction 
mechanisms of high reliability, battery storage, frequent pointing, etc. 
Since the power requirement from SCIN (p.XX) was only 125 W peak 
power, RTG's were researched7. In an effort to maximize reliability and 
reduce complexity (SEE RFP REQ), an RTG was chosen as the bus power 
source. This eliminates the problems associated with aerobraking, solar 
. array orientation during mission, and eclipse energy storage batteries. The 
AACS system also saves a large fuel load by not requiring frequent solar 
pointing maneuvers. For the bus power requirement of 125 Watts, a 
General Purpose Heat Source (GPHS) RTG fueled with 238~u02  will be 
used. The GPHS-RTG has a 28 kg mass and is shaped like a cylinder with a 
18 inch diameter and a length of 26 inches. For a detailed analysis of the 
Solar Array, RTG Trade--See Enclosure (3  la. 
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SYSTEM ADVANTAGES DISADVAMAGES 
CHEMI CAL H2-02 **** Previously use/ Reliable Low Isp compared to non chemical 
Isp 500 s Allows Ballstic Trajectory Explosive - Launch hazard 
Shortest Duratlon Mfssions Storctge dlfffcultles 
Inert Fuel (Xe) Lzrge Power Requirements 
Hf$ ISP Low thrust/ Mass flow 
Current Worklng Model Non Ballistic Trajectories 
RESIST0 JET Mid range Isp 
Isp - 290 to 380 s 
In Research Phase 
ARCJET Hi@ IsP In Research Phase 
Isp-400 to 1500s 
MAGNETO PLASMA High IsP 
DYNAMIC (MPD) 
Isp - 2000 to 8000 s 
In Research Phase 
SELECTED DESIGN **** 
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Since both options presented potential as as excellent propulsion 
source, an indepth trade was conducted to determine the best choice. The 
different possible .ion combinations were compared to the chemical option. 
Also, since Ion is strongly coupled to Power the trade includes the Power 
Trade as well. The following graphs result: 
Figure 1 shows the advantages 
of the high Isp associated with 
Ion engines. For our delta v of 
3.5 km/s the Mass Final/ Mass 
Initial i s  0.9 for Ion and 0.45 
for the Chemical case. 
Delta V kmls 
Although very encouraging, the above results do not show the 
hidden propulsion mass dur to electrical/solar power requirements. Since 
the engines require 5 kW to operate, most of the propulsion mass is in the 
solar arrays. For this design, solar arrays were chosen over other possible 
options due to low mass and non-nuclear components. I t  is the only logical 
choice until there is a nuclear device caparable in output (kWlkg)  with 
solar arrays. ( Note that this mission requires a Mass Final which is still too 
small to be considered for a space nuclear reactor even if one was available, 
which it is not.) Ion engine data and solar array data was collected and 
compared to data used to do similiar trade studies. The equations in Ref 
( 10) were modified to represent current technology possibilities-- See 
Enclosure (4)  -- to get the following results: 
Mass Propulsion (dry) (kg) = ( 3 4  + 0.34Mp + 250) N + 10 
where-- Mp- Mass of Propellent 
N = Number of Engtnes/2 
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A low thrust equation was developed by MMPC and used to 
calculate the time from Low Earth Orbit (LEO) to Earth Escape. 
TIme (days) 0.22 1 ( Mass In i t ia l /Nl  
The following graphs show comparisons of the different 
combinations considered and how they affect mission duration and 
planning: 
Y %  
Figure 2 shows a substantial lncrease i n  Mass Init ial due to  increased propulsion requlrements 
to lncrease thrust and decrease time. Note the dramatic lncrease in the number of engines as 
time decreases. 
0 1 2 3 4 5 
TlME YEARS 
A1 though propellent mass Increases somew hat and engine mass increases very l i t t le ,  the solar 
array mass does. This emphasizes the dependency of thrust on solar array weight and 
power. Figure 3. 
V 
0 1 2 3 4 5 
TlME YEARS 
The increase i n  power follows directly f rOm the increase i n  engines. Note that the large increase 
i n  array area w i l l  also impact greatly on the array Power to  mass rat  lo. The AACS support w i l l  
also increase the mass slgni f icantly due to the large moment of l nert l a  and increased mass and 
fuel due to polntlng. Figure 4. 
0 1 2 3 4 5 
TIME YEARS 
The above results i n  a f inal comparison of Mass Final and Mass Inl t lal .  It I s  re.adlly apparent 
that the requirement of a short duratlon mlSS10n slgnlflcantly reduces the advantages of Ion 
propulslon. Figure 5. 
TIME YEARS 
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When compared to the data obtalned from a Chem lcal LEO to Earth Escape, one st111 gets a lower 
fnittal mass using 40 engines (w/ 1 redundant) and a solar array greater than 2000 square 
meters (Figure 6). Figure 7 I s  shown as a COmPartSOn to the constant thrust case. Due to  solar 
array ecllpe and warm up conslderatlons for the engine the tlme of misslon was doubled. 
0 1 2 3 4 5  
TIME YEARS 0 2 4 6 8 l o - - - -  Time years * 
Even though the mass is less than the mass for the all chemical 
propulsive case, it was determined that the large number of engines and 
large solar array size would make the project very complex for AACS, and 
require high reliability, increased structural problems, low thrust orbit 
difficulties due to the non- continuous thrust. The small mass savings was 
not enough to warrent dealing with the complex problems this would 
present. Matching with the RFP requirements, a simple, well tested and 
used propulsion system was used, Liquid Hydrogen-Liquid Oxygen. I t  is 
important to mention, however, that if the time constraint of the mission 
was relaxed to the "greater than 4 year" mark, ion should be reconsidered. 
Chemical was chosen due to high reliability, short mission time set 
by the RFP to complete mission within 3 years, impulsive orbit calculation 
using MULIMP, and simplicity. The specifications for the booster are listed 
as follows: 
LEO TO EARTH ESCAPE BOOSTER DATA'O 
Mass of MOI Vehicle 6424.3 kg 
Mass of Propellent 8403.3 kg 
Mass of Structure 840.3 kg 
of FrlQtne 1- 
Mass of Total System 1582 1.4 kg 
I. - &tcljnical problems / QCo~si8tratioas 
A. Propulsion. 
The initial design study considered all aspects of the design in an 
overview fashion, but still did not really dig for details. Engine sizes were 
chosen using linear mass scaling, using one engine mass for the entire 
relation. The main booster was designed using very rough comparisons 
with other data from other engines. It could be said that the fuel data is 
very accurate, while the engine specs are "somewhere in the ballpark". 
Although this is not necessary for the initial design, it does leave something 
to be desired when calculating burn times, and interacting with STRUC to 
determine support loading requirements. Also, more details need to be 
decerned about using off the shelf hardware for the propulsion mission. 
Significant cost savings might result from using components from the 
Mariner and Viking missions rather than new designs. 
The design time constraint of this mission needs to be reevaluated, 
and is the major obstacle to a low mass mission design. I t  is recommended 
that future design analysis reconsiders the ion propulsion option. It is 
certain that this mission has the potential to be radically different if the 
RFP did not constrain the mission with an Aerobrake system or a short 
mission duration. 
B. AACS. 
This area was mostly handled by the AACS subsystem. Since many 
thrust requirements changed through mission design, it was felt that PPS 
should delegate the AACS components to the AACS subsystem and act i s  an 
advisor rather than the design specialist. More attention would be required 
later on in the detailed design process. 
C. POWER. 
The major technical problem is the choice between RTG and solar 
arrays. Some type of retractable solar arrays need to be investigated to be 
available if in the future RTG's are unavailable. Exact scaling for the RTG 
was not possible, and power integrations were not done due to the depth 
of the study conducted. Also the launch protection system for the RTG 
during SHUTTLE needs to be considered, as well as Radiation handling at 
the Space Station. This was assumed to be feasible. Themal requirements 
for handling the RTG were also sparse and it assumed that no other cooling 
is required other than radiative heat transfer. 
Valve actuation power was also considered minimal since no major 
sources covered it. This definitely needs to be determined in future 
analysis to determine impact on overall power system design and/or 
selection. 
1 . Ref. 8, p.44. 
2. Ref. 8, p.46 
3. Ref. 14, p.349 
4. Ref. 8,lO,1 1,13. 
5. Ref. 1 1 ,  p.6 1. 
6. Ref 13, p. 195-200., Ref. 8, p.44. 
7. Ref. 2,3,4 
8. Ref.3,pS 1 7. 
9. Ref. 1 - 14. 
1 0. Ref. 1 3. 
***NOTE--- All constants and fuel data were taken from Ref 13, except 
where otherwise noted. 
El!umBu 
Lander'mass without tanks, engines, support, etc. = 2231 kg 
delta v = 45 m/s (Initial velocity when parachutes detach). 
Altitude at detach point approximately = 1500 m. 
x(t) = 1500 - 45t + .5(a-g)t2 Set x(t) = 0 and solve tor t in terms of Tam, and g. 
= 1500 - 45t + .5(T/m - g)t2 (T/m - g) = 45/t g= 3.749 
v(t) = -45 + (T/m - g)t = 0 tor Vf at x-0 
Therefore, 0 = 1500 - 45t + .5(45)t t= 67 sec 
T = (0.675 + g)m T = 9870 N 
mass flow = T/(lsp g) Isp = 220 mass flow = 4.58 kg/s Mass fuel = (m flow*t)= 306.7kg. 
-------- 
From Reference 8, A RCT (SS) R-40A has a thrust of 872 lbs and weighs 13 kg. 
therefore total mass of engine = 9870/(3880.4N/ 13kg)= 33kg. 
now add mass of fuel to engine and recalculate. New payload = 2600 + .Sfuel = 2453 
T= (4.424)(2453) = 1 0827.5N 
mass flow = 5.02 kg/s * 67 sec= 336.5 kg fuel. 
Engine slze i s  . I  of size for a typical MOI engine from reference 13. = . l  m * .2m. 
Engine specs are: 4 engines; mass= (TY.25)( 13/3880.4N) = 9 kg. 
Thrust = 2706.8 N; Isp = 220s; fuel = hydrazine; mass flow = 1.3kg/s. 
osu- 
From MMPC we get delta v's of 71 7.89 m/s; 3.937 m/s ; 247.23 m/s 
Mf = mo EXP (-delta v/c) where Isp = 3 1 Os, c = 3038m/s 
After each manuever, the new mass and fuel mass 1s give In terms of mo. 
in i t ial  mass mo 
delta v 1 0.2 105mo fuel Now mo( 1-03] = Mae+Mpay+Meng 
0.7895mo 
delta v2 0.0 102mo fuel Maeroa 1349kg; Mengtne = 90kg 
0.7885 1 9mo 
delta v3 0.06 162mo fuel Mairplanes 2679kg Mbus = 376 kg 
0.7269 
theref or mf 4 4 9 4 ;  mo= 6424.6 
mass fuel = 0.273 1 4mo use above data to get delta v's 
mass tanks = 9- 
0.3005 mo 
------------------- 
Assume engine data from re f  13 for Shuttle OME T= 26,70ON, IsP = 3 1 Os, Mlxture rato = 1.65 
Use trust/kg rat io from referenc 1 = 298.5 N/kg therefor Mass of engine = 90kg and total fuel 
= 1754.8 kg  using a 10% tankage/plumblng factor, Mass of tanks = 175.5kg. T/glsp=mass 
f low= 8.785kg/s 
Now calculate burn times: Fuelper delta v / mass f low = burn time. 
Reference 2 glves a worklng GPHS RTG output 285 W = 48" long and 18 " i n  dlameter=56kg. 
For 125W mass=( 125/285)*56 = 24.6 kg + 10Wfactor = 28kg. assume power i s  
proportional to  volume maintaln same dlameter and calculate new length 21" +5" extra. 
delta v for a l l  casesS 3.57 from MMPC Data modified base on materlal from ref  1, 10, and 14. 
Solar Arrays 20 kg/kw (ref 14) 
PPU = 5 kg/kw (ref 10) 
25 kg/kw Therefore, mass of power unit = 25 P where p= 10 kw for  2 engines. 
Engines: 2 ion engines, power harneess, beam neutralizer, gimbals, and support structure = 
33.3 kg (ref 1 ), fuel tank factor 0.0335Mp1 add one redundant tank of 10 kg, Englne thrust 
rated at 0.2N/engine (Ref 10). Therefoere the Mass Dry equation results.: 
1 ) ASTON, G., FERRY TO THE MOON, Aerospace America, June 1987. 
2 )  BENNET, G.; LOMBARDO, J.; ROCK, B.; POWER PERFORMANCE OF THE 
GENERAL PURPOSE HEA T SOURCE RADIOISOTOPE THERMA LELECTRIC 
GENERA TOR, Third Symposium on Space Nuclear Power Systems, 
Albuquerque, New Mexico, 1 3- 16 Jan., 1986. 
3-13 
3 ) CAMPBELL R., SPACE NUCLEAR SAFETY FROM A USER'S VIEW POINT, 
Third Symposium on Space Nuclear Power Systems, Albuquerque, New 
Mexico, 13-16 Jan. 1986. 
4) CASSIDY,andothers,SPACEPOWERDEVELOPMEM"INPACTON 
TECHNOLOGY REQUIREMENTS, 4 OCT 1986, NASA Lewis Research 
Center. 
5 )  CORLISS W., THE VIKING MISSION TO MARS, Scientific and 
Technical Information Offic (NASA), Washington, D.C., 1974 (NASA 
SP - 408). 
6 FRISBEE, R., PROPULSION SYSTEMS: WHAT THEY ARE AND HOW THEY 
WORK, Space Education, Vol 1 , 9  May 1985. 
7) GARISON P., ADVANCED PROPULSION ACT1 VITIES IN THE USA, JPL, 
Pasedena, CA. 
8 ) LIQUID ROCKETS IN PERSPECTIVE: DEVELOPEMENTS IN THE 1 960's- 
PART 1 and PROPULSION FOR THE 1970's  AND 1980's  - PART 2, 
Astronautics and Aeronautics, March 1976, April 1976. 
9) NIER, and others, VIKING 1 BARLY RESULTS, Scientific and 
Tecnical Information Offic (NASA), Washington, DC., 1976 (NASA 
SP-408). 
1 0 ) PALASZEWSKI B. and Engelbrecht C., LIGHTWEIGHT SPACECRAFT 
PROPULSION SYSTEM SELECTION, AIAA/SAE/ASME/ASEE 23rd Joint 
Propulsion Conference, SanDiego,CA, 1987, AIAA-87-2022. 
11) POCHA J., MISSION ANDSYSTEM ANALYSIS FORSATELLITES WITH 
B I-PROPELLENT PROPULSION SYSTEMS. 
1 2 SACKHEI M, PERFORMANCE TRENDS IN SPACECRAFT A UXILL IARY 
PROPULSION SYSTEMS, Journal of Spacecraft, Vol 1 7, No. 5, Article 
NO. 79-1301R. 
13) SUTTON, G., ROCKW" PROPULSION ELRMBNTS, 5th Ed., John Wiley 
and Sons., New York,1986. 
14) SATTILITB DESIGN BOOK, No Information for reference. 
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hemispherical conical (212 degxee s?npe) 
- 
i i i 
l&::&e afis-ls &. ' 
mrfa.cr area 
i 
i j~~.""p+.~"liel ~re:a.i;l.i!i,.;es 4 poizts more &ag-krmdless c~ntrof 1 
.TI r a ~  - .- rta-ti -  .-.I? r .r~rnmed own the msss andproteaedthe spacecraft, meettrrgsuch a 
re.y~.i~cjyiexit, 
Thetfiirdtrade c ~ n c a r n i  the frontal ceramictile onthe heat shield, Cor i t~~ ings t anda rd  
tile ~ i t h  FFXI tile: 
f more b3.t iz@ high the !W.S 6 points I i 
A s  ycnx can see, FF-GI tile wins out, T%erefore, I desipedan effective cclmnpnertt fur ? 2 ~ e  
heat ihielllst~x~tarre andtherrna.1 prrlrtectioi-t ?,sterns, thus meetingmch rey~.irer;iei~ttz, 
-heat ~kiicldstr!x%~re /mass 
-ceramic wia.tcrials 
-1mke angle infcicirmatioa 
-re1i1pef:3.vj1re inft~ri>i:3.r&ti\ on c~mj2lic~ 
-Qits-'J ~ecificatit:tr~s 
-data j:lrr ~ I ~ & l ~ ~ p . $ ~ : ~ a d  171-i malti:.:xi wrface 
-"exploctinQ' RI'u.L?~:.~BS 
pv .,.-.li S;I'EC f g:~ tile sys?cecraft crors-sectional ares. 
and lei-@ to allour me to taln~!:ste the effective lieat 
shield are*. 
Frnn~ theye itricdpertiiirnt &.ts. into the AEFQB 
prqram,  ! change ail the I~;J.fili$e~f in jy~y :rip~t file 
for AEmE u~~ttil I hit a. masi~s~uaipa;~~o:%~~issa~% fur 
an initial semimajor asiz wk3.e gjven -. t c f  r~eb-:rMIi'IkC, 
After finkiigthe rn.a.ximu.m fayload va1v.e I p~iiit: ~ 3 . t  
?lie AEEQB r&~.lrr, F m  there 1 p.?~ i?eit@.-*J1%.l?Y.e~ 
.iadiinal spa.cecraft jjlass to I~~I;I$C anrlreyv.ired fi?.ei 
ssiasr t o  PPCS: I will talk a . k ~ ~ . t  the deterrrsinaticln of 
the size and~h:3ge itifthe he& ~Cield, 
' ..,, ! ,,.. ,. 
SIZE /SIi.riPE OF ffiROBRMIE ..I,. 
! flia! 
! i 
.T.b I:el . . e f ~ ~ e f h e  ~ i ~ f  ~f ~hielddepe.fi~& onthe gec(rnetxy of the syiacecraft . For e:ia;~~pfe, if 1 
7.,.- A .Iii,ed:o .- + - m.~.,ke !a. L3:i.r: shield fi:.~ ofi cii &71..m. lea@ r.. -;11::~- r...'irg 1 :5 iilders ar'i~uad.iv.i eq3..s.liiig 
0 :5 meterl 
-- ,...- - 
-- 
,. -"c2.' 11Ii de.~rees 
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For the heat shield: 
effect:ve rad113.5 :?f he:3.t shield = radr1.5 ~f &~.m + (length of&3.mf1>.9.n 110 ck@ws) 
TTie hez5.t shieldis s!tqedba.ck 2!3 ~&gpesto a:iiiw jgljt efii3j.g?, air to tiour ar!Si~j..ndthe rhield 
while keeping remltingbow sCocks awqfiorn the Tatecra f t.. a near ;::axii:'i%n.i amcjur~t of 
dxaghr braking.. and& near ~~i-r : imu>ji  a-ammrrt of mass for the corresponding effective area. 
- 
-- i 
,i -\I&&, 
-- 
-- 
bow zlLx(
T 
effective radius 
i 
'Tl~rmgh trading: I chose F E I  ceramictile., 0.4 centimeter thick., for the frantal snrfsce of 
the shidd, It can take tem~eraP~res 0il1p+o 74D &gees cefsius  gees celsius for 0.5 
cm, thick FXI)., enough to cover any orbit inse~tion, 56) 
Behindthe FRLlI isthe cerai-r~ic "cloth," much like vrire mesh, holdingthe FRCItiIestqether 
that are "molded" into the cloth. 
Behindthe shieldare 10 "pa&'' of ceramic innl.la.ticm, in circles 1'7 cefitirneters in radius 
aad 1 cesi:imeXer thick, 
On es...chpdof i n ~ l a t i u n  gcies 3. iq.-li.n:cIrica.l I-beam., abmt 2 t~z~tinietrri  in rw3iv.5 :a.r~dG 
!:efiti:i-&ers ia lea@, n:e I-be3.j~~ &re gf ~ o ~ ~ < ; ~ ~ ~ ~ ~ - ~ ~ - : ~ ~ i . : i t ~ . ,  a sr.c,-.z, m&&i::- 
like ma.teriii.1 that conducts very little, 
Since 9>.1::h :3. he*.? shie!d&sign can be 8.p~liedtu larger ihiekk, this shield %fill easily h:!d 
its a m ,  (E;f 
I tterminebrhe shield mass, 1ookinga.t larger shields ai~dpr~s~rti.:iniiig&wn.. is 980 
kilograms, J fmnda conical shield, 18,4 meters in effective radi13.5, ma:.rimum tempera.e~.re 
b e i ~ , ~ ~ . 4 ~ 0  &.- & @ r e ~  celsir,s, l*?ith :j. mass of 2800 kiic~gzams, Since ~ ~ 6 s ~  1% prt:poltiorLaf t~ 
:3.33, yhi!:h irpr~.czic(fisl %I: the scr..:e", 1 shmr:k 4cy?.:hc s,?i&i:~ :!an ares cf 1 ..' 
120 ri~~:.are mereus, a ~-4.&i~.s of 6,18 jjiaQr5, to h:?.ve 3. 11.ias5 11.f 1403.8 kiio@2.%s Labed. I 
Io~~eredthe irufital tile thicknessto C,4 centimeter, shrinkinfthe s>iiddn~assto 1304 
ki lopans,  Since smaller s h i ~ l k  do not need 3.r much of a ~1p:lurt  SrnlTnre, I lowered 
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tc  n-~.r?lber cfbeams, I-beams, ~ndinz?,lationpa& frcrn 18'to !0! foweri 
to thepreserrt 389 80logYams. 
SCIB will piace senzorr inside :he k 3 . t  
shield tile that willbeuncoveredior 
scnsiaglipon reelitry ir~tllt the mar,ian 
atmtxphere to sendthe payloadto the 
nnriace, 'i2~erefare Iprotect the spacecraft. 
DkXMaICS AND CONTROL 
OF THE HEAT SHIELD 
Le- As I statedbefore the shield has 3. wake angle of 10 &g.ees and 
a bow shock out in front ofthe shield. In order to acklattitu.de control to the spacecraft we 
movedthe center of gravity of the spacecrs.ft as close tothe shieldas we ctnxld. Yet the 
spacecraft can still tumble, therefore neediag an attitude a~~darticulation system, AACS 
talks about this,usings.n omboa.rdcomputer to sensetrajectory, attitude., andaltitude, and 
side thrusters that thrust coldgas in one or more of 4 directions when nrrt?dedto correct 
spacecraft attitude angle at 13 degrees (straight ahead.). The aerobrake attim.de requirement 
hasbeen met sufficiently. (4) 
POWER REQUIREh4ENTS FQR AEROBRMING AND 
LANDING PAMXIAD ON SURFME 
Consider~hlepower is nmdedfor aerobraking. Here 8 sets ofburns are used:the delta-%' 
requiredtci achieve elliptical orbit armrtd Mars, the numerlms raisetopriafzehrns, and 
the final burnto circularizethe orbit. The m a n  of he1 needed toperform each ofthese 8 
types ofburns is statedin an AEF'Bprintmt, 3ut since we couldnot get an AEI#3prcgram 
with martian d$.ta to work for anything (sample printout rqresentingall trials included) 
IUZBIPC calculs.tedthe 3 fuel mass fipres using eqn.ations from a paper by Dr Stephen J, 
Hoifmar,. tl j 
For lanctingthepaylloadon the surface, such parameters for fuel mass ale needed: 
~elc~city at beginning ofburn = 45 meters per second 
a.cceler,stion ctue to gaviyon Mars = 3,75 meters per secandsqxared 
aftituh = 2 kilometers 
mass ofthe payload = 8339 kilograms 
MPBPC hnd PPCS calculated all the fuel masses. 
t=(3MhllUNICATION WITH THE AIRCRAFT 
The payload vill hare an onboard computer, used for detectingpayload altitude, attitude, 
and ~e10city~ and contxdlingattitude and articulation contro1,parachute emplgrmerrt, 
heat .thieldr,eparation., the onboardthrusters, andthe "landing gear", With the aircraft 
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~::n tire s~.riace it ea i~  comjn~~nicate with the k1~1s. Aiso the aircraft can comrriui~ica.tte -~ r i t . t i i  
t-p ::rk5i::nz k:~j.g; ~ybipip.$a.~!::~~.'il.d IyIarrj 9 f.imes 24 h.311.r~~ CCC t-,$:es ,-are 2f ?!-:..-.-. -- ;. i - - ~J*J~L~-:.--&*- 
2.3.7i~a5 Sayc.-e;.i t::+ aircraft afiiit:ie b1.5, 
.??:e sep:s.r:3,ticfi control requirement- hasbeen met, Here I wiil &io:.ss ie~".rationbet:gecx~ 
piis p:34.- f i.-iac, - 4ai,dthe  h s ,  thepa$i~;sb andtfia he82 sshiel~l, andtiie ya;:ia:3daiidtheparacime 
yrjtrm, 
'Pith the charge f..~i?.bf.edtfieprez~l;re~1v.g5 173.p3.re 3.ndthrr hig:k~prezs>..il.re ~litzthekbexrr. 
at the fs:s.131..r.e plasie, 'f%e locations of syaratioii on csch oftlie 3 are3.5 mefiti~i-&s.re as 
f*:,ll'y#=: 
'The I sa??l.!tadtfien .. .&!;es ~;.ltztfie :~trnosp>iere $.t a. speed of 4 ki!om&erzper second M an 
:s.rl:*ie G aifSG :&grees y ~ r i t : t h  r e p a t o  the j~ i :> . f~aa  z>.sf:3.~e, Attit:.:& ~0ntr12l keep; ls t l ,ep%y~~~:~ 
c~rientedwith the lzelociq. 
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At an nltitude of E: kilonlaers and a mnch number of 1 3, speeGl10 meterzpr secondthe 
yrz..rachute y;mc~n opens. At an altitude of 2 kilomeers, a speed of 45 met= per secund, the 
hear sfiieldis es,~ludedoffandthe thzuners, Iocatcdbeneath the heat shieI&turn aa, 
TILE t h r x ~ e r ~  take the payloadto just meters abovethe surface, wherethe lanctinggearl* 
is activated. 'The thmaors, holdingthepfyLoad with a speedof f)+ meters per second. gex~tiy 
placethe payload OB it's "le@" on the surface, 
'Tla onboard compsttsr insic* the payload kcqstrack of the velocity, altitnde, and *.ttiv3.de 
of the incomingpayload. It also activates the attitude and articulation control, andprforms 
tasks for SCiW &~CCC, Myprachutingandlandingreqireme arebeingmet, 
altitude = 6 km. \. 
- - 
openparachutes J pel]& 
trajectory 
surkc /* al t i tude=2h, \  r 
shield 
thwsers on 
PARACHUTE 312 IP3G 
TCI size the parachutes, Itook an exampie of an actual craft emplopdpreviaasiy with 
pauachutes for reentryti,e, Apollo missions). Typical numbers for Apollo are as follolvs 
icr Earth's s.tmusphere (101: 
Apollcl x: mass -WDO kg. 
dameter ofparachutes-18 ma 
numbex of parachutes =8 
mass of parachute-13.2 kg. apiece 
Siate (diameter ofparacht~te) isproportional to $ressure\ ispr~ortions.1 to (mass ofpayloadd) 
I conveztedfrorn Earth attmosphericpresmrez to ma.rtlanprersr>.rez, from a.~paylmdmass 
of 3'7 00 kg,to one of 5000 kg., keeping3parachutaz;, I canieuF with for Mars: 
payload: mass = 4500 kg. 
number of parachutes = 3 
r8.diu.s of parachutes = 49,s m. 
mass ofparachutes = 350 kg, 
In PAEE only3terminals of all the IBM PC's give r esults at ~11,but in terms of Venus, Lmbcek's 
progYa.ms do nut work, whether one user a drag coefficient of 0,1, a shieldarea of l iquare 
meter, or rice. Therefore, wemrnedtouzingmaterial from Dr. Stephen 3. IIofbnan that 
mentions eqnations behindthe AEFXlBprogram, Usingthis, with correct atmospheric and 
~kavitational data for Mars, areproceededto cala~late the delta-Vs andthe requiredfuel masses 
&rselv~-s. From Eloffman we have: (1) 
i-LP - ,K .:-.-.  .- - - = ;:::,2 m:%.ss ez.7 
[specific implnlse](gl 
Far the aercihrak? ~~.k1q~-em,:het~t8, l  mars, inclndingthe he32 shield, heat shielrikz~.i3:.r~ 
par:s.ch:~te:; al- ,!~~:3.~~"~ute ccofer:, eqt>.ais 980 kg, yi11i 4 f 8 kg,, urhich eqs.als 1:3:38 k.! e t *  
1 ,..- ?.lit t h e  $;e!%.~ skieIdtiabe new, nierefcire, the total fiun~k~er of l:3.b1111 hcfl~r: p3.Z intci the 2.ield 
are 3: ft~ll~iw:: @j 
0.8418 
# i::'h~:::.r.r~ = 3481 ,O h132rs (jjiar;c, of aer~&tr:&e] 
= i 1 4582512 hi~j . f r  
.T'f.ie ..~verngthickness of a~ratkt13.te skifi is 0.5 cm, (7) '?liere?txe,, the ?.ohi;i? aftti$ 
;:-&.3.:?::5.; ~ f . : z : i ep :? .~~h:~*~ .~~  1s: 
. - . ? - .; - - - - 8  - -  . . .  . 
.,.-.: ,.., ;r = r , i  ,::A! [ ~ : : ~ S ~ : V E  4rea:: <t:,:cl.:.fie:s ci l:ii.:sri3.1f 
= ; ; .5't;pi5 (4q .. F i Til,j""' :t5"2""-3 
' . 
= 57;99E: rf.&eys mbed 
.T.r ;itet~,lc'.--fie~~ . . ,>f 2 p:~y$+:hi>.t- t~at : ;~  12f1 ~f 3p:~ .y~1: :%.d1yl in1~~~~ . 15: . 

5,  Clxz, ~&.~Li~ . e f  I. *:ndJmes R, French, "AertYoxakingand Aerota.pm.ye f~ir F ' i :3 . .nb .~ . l t~  
> : ~ i ~ ~ i : ~ s : "  AIP,A,!9SC: Pgz.. 48-55, 
w ,. , r.; ..,-al~eer .  .. Paracl~i~.tes &Ifg: '~eci51:a.tions f!:~rpar$.cl~?ite~. 
8 Park, i2, "P_ero~$!n~.smit:~ andH*o.ti-rry'in the Xr+.ke of e. Shield," 
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Fnvimnmontal Ef f~otcr  an Satollito Matfan 
The only d:! obtainable about external fwces around mars was the 
atmospheric data in the table shown. The results have been extrapolated 
to approximate the atmosphere at orbital a1 tltude.( 1400km.) The 
estlmated density a t  this a1 ti tude is, d - 1 0-" kg/m2. 
area = 5 m2 (approximately) 
..\ orbital perlod = 9600 seconds, 
orbital circumference = 29,670,000 rn =C, 
mass encountered/ time = d"A*c/ t = 3.09063 x I 0-41 seconds 
a 9.75 x 10-33kg/ 10 years 
This Is less than one molecule of uranium In one million years. Therefore 
the aerodynamic forces wi l l  be neglected. 
\ 
lo4 0-7 0 lo* l o  0 lo* 
Fig 10. Density profiIa of  Man atmosphere to I20 km. Datd f 
. shown by ctyved l ina  abow 28 km arc derived from accekrationa y 
s Points arc from stagnation pressurn (circles, Vikina I; squares, Vikiq  
i 2). Densities from measured pressure and temperature during para- 
chute descent are shown in the lowest 3 km. 
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Effect8 of tape recordm on angulw veloclty of sstelllte 
if a tape recorder i s  turned wr, the angular momentum of the s/c wi l l  
be conserved. 
w - angular velocity of tape recorder reels. . 
w2 = angular velocity of slc. 
I I  = moment of inertia of tape reels. 
I? = moment of Inertia of s/c about axis of rotation of tape reel, less the 
moment of inertia of the tape reel. 
1, = .002 m2kg 
12 = 850.5 m2kg 
Before spinning: 
w 1 i ' 0.0 
W21 = 0.0 
After spinning: 
w 1 f = 3.14 rad/sec 
w2f= 7.3876 x 10-6 rads/sec 
wr angular velocl ty of l imi t  cycle = 6.5 x 10-6 radslsec 
\ 
Since this i s  less than twice the angular velocity of the Hmit cycle, a 
maximum of two pulses would be required to bring the angulw velocity of 
the s/c within desired lfmits. If two pulses turn out to be excessive in 
fuel consumpt Ion, or the angular momentum of the mass storage device 
turns out to be higher than calculated here, then the logic of the s/c may 
control when the tape may be turned on. It could then turn the tape 
recorder on when w 1 f i s  of the same sign as wr of the s lc  about the axis 
parallel to the tape. Since this would impart an angular acceleration to 
the s/c opposite to the direction in  which it is  turning, this would tend to 
cancel the l imi t  cycle angular velocity instead of making It farther 
outside the desired limits. 
Control system needs had a large Impact on overall satellite 
conf igurat ion. The origlnal proposed conf igurat ion had an axls other than 
the maximum moment of lnertia about the pltch axis of the s/c, w t th the 
s/c rotating about the pitch axls once per orbit as shown In the diagram. 
This is somewhat unstable due to energy dissipation, so some of the 
appendages were moved An a1 ternative would have been to have a 
momentum wheel spinning in  the opposite dlrectlon with an equal angular 
momentum in the opposite direction. thus cancelling f t out. 
The antenna and platform wlntlng are accomplished with the use of 
precision gimbals which track at below l lm lt cycle angular velocl ties, so 
that they may compensate for any small movements durlng the l iml t  cycle. 
The antenna Is on the slde of the spacecraft away from the planet, the 
reason being that the earth is  in the general dlrect Ion of the sun from 
Mars, so the 'back' of the spacecraft faces in the general direction of 
earth durlng the day, while imaging. The glmbals can keep the antenna 
pointed toward earth most of the day while imaglng, and the tape 
recorders can tape the informatf on If the earth 1s obstructed. 
The actuatlon method chosen was thrusters, since 
1 Thrusters would be needed anyway 
2) The mass of the propellant plus thrusters was not excessive 
3) The thrusters would provlde excellent accuracy 
The pointing of the imaging equlpment was chosen to be done with 
preclslon gimbals because: 
1 accuracy requ t rements 
2) The need to have the thrusters off during imaging to prevent fouling the 
lenses 
The gimballing system used was chosen over an lnertlal platform which 
rotated wi th respect to the rest of the satellite because of: 
2) reliability ORIGINAL PAGE BS 
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The thruster placement on the satellite is shown in the dl 
thruster placement used on the satellite gives both large 
manewering torques, and small enough impulses to give fine control. The 
placement shown gives as large a torque a m  as possible without bullding 
addl t lonal structure, which would either be excessively large,heavy. or 
would be excessively flexible i f  made light, and small. The thruster layout 
shown gives rotation about al l  axes, and translation in one direction. If 
small stationkeeping adjustments are required the spacecraft may be 
reoriented temporarily for the thruster Hre. It does the control with 
sixteen thrusters, eight of them redundant, so there is no single point 
failure. None of the thrusters face in the direction of the Imaging 
equl~ment. 
The following constraints were placed on th~ste f '  placement 
I )  To save weight the thrusters must be placed so that no addltlonal 
structure need be created specifically for them. 
2) The thrusters must not polnt away from the aerobrake, because that 
would blast toward the earth-mars booster and satellite durlng transit, 
which would not only foul the spacecraft wlth residue, but would negate 
some of the momentum transfer. 
3) The thrusters must not pofnt toward the aerobrake for the same 
reasons stated in (2) above. 
4) The thrusters must provide rotation about all axes, but need not provlde 
translation, the translatton being provided by the main engines. 
5 )  The thrusters must provlde rotation about the vertlcal axis durlng the 
retrofire and landlng, due to the fact that the engines are thrust varylng 
and not glmballed. 
6) The thrusters should be placed wlth as long a moment arm as possible 
to mfnimize fuel consumption. 
7) The thrusters must provide control durlng aerobraklng and landing as 
well as during the earth-mars leg of the mission 
8) The thrusters should be close to to the fuel tank, to save the mass of 
longer fuel Ifnes. 
The configuration shown on the next page satisfies these requirements 
best, 
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Payload Lznding Vehicle Thruster Placement 
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Thruster siting 
I These calculations are used to flnd the thruster sizes to perform a 
manewer given by the Instructor to be performed once per day. The 
assigned maneuver is to rotate the spacecraft at a rate of one complete 
rotation In 360 seconds. The acceleration speclf fed Is taken from 
reference two. 
a = angular acceleratlon 
r = torque arm of thrusterts) 
F = total force exerted by thruster(s1 
T = torque 
I = moment of Inertia about axis in  question 
t = tlme in seconds to accelerate to desired angular velocity 
w = angular velocity required for manuever - .O 1745 radslsec 
t = w/a 
a = T/I = 1 o ' ~  rad/sec (ref51 
T = r d  
giving F= l%/r 
lor satellite: I = 850.5 kgm2, r = 4.4 m, t a 17.5 s, F = ,190 N 
Using these results, two .5 N thrusters were chosen for each thruster pod. 
Uslng two thrusters in unlson glves more than the chosen angular v e l o ~ l  ty. 
If possible, thrusters as small as . l  N or .2 N would be used to lower l lml t  
cycle angular velocity, and increase l imit cycle time. However no data 
was avallable on whether or not thrusters of such SlZe are aval lable or 
satlsfy durability requirements. Also, two thrusters would have to fa i l  
before s/c becomes uncontrollable. 
for payload: I = t I 0,000 kgm2, r = 5 m, t = 1 7.5 s, F = 2 1.98 N 
Uslng these results, two twenty N thrusters were chosen for the payload. 
These thrusters are also surf ~clent to use for the comblned confugurat ion 
as the thrust required i s  met. Thls also prevents catastrophic control loss 
in  the event of one thruster failing. 
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Deadband oalculatirule (Limit cyolal 
Using smaller thrusters glves smaller residual angular velocity, thereby 
increasing the pointlng accuracy possfble. Smaller resldual ~ e l ~ ~ l t y  
decreases l lmi t  cycle propellant usage, and allows a greater tlme for the 
l lmlt  cycle. Increasing l imit cycle time gives more time for vibrations 
from thrusting to dampen out, and more t lme for the Unste r  gas to 
disperse. For imaging equipment and other sensitive instruments, thruster 
gas can cause the optics or other sensors to be coated w lth resldue, 
reducing performance of, or ending the useful l i fe  of the lnstrvnents.(tvf 
3) 
Llml t cycle analysis 
Smallest deadband obtainable Is llmlted by the smallest impulse whlch 
can be generated by the thrwster. The impulse varies wlth the time of the 
pulse.  his t lme is  ilm 1 ted by the speed of the rn lcroprocessor, and 1s -005 
seconds.(ref4) lmpulse Is also limited by the smallest torque which can 
be generated. This smallest lmpulse gives a resldual angular velocity I 
wi l l  call w, 
t = ,005 sec 
For Satellite: 
F = . 5 N  
1 TABLE L EPS CONTROL SYSTEM REQUIREMENTS \ 
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Change in angle in 15 minutes (dw 15) with no thrust applied Is  less than 
the error of skylab (shown in the table on previous page), Slnce skylab 
used it's EPS (experiment polntlng system) for it's Hne polntlng, it seems 
a very loglcal type of system to use. Analysls of the design supports the 
abllity of the deslgn to satisfy pointing requirements. Since the change in 
attitude Is  very small in 15 minutes, a1 though It Is three times greater 
than than the polntlng uncertalnty of skylabs CMG systems. But since the 
angle whlch can be adjusted for by the glmbals Is much larger than dw 15, 
the thrusters could be let t off for qul te some time, If necessary. The speed 
of glmbals is  typically much higher than thls.(ten to one hundred times 
greater). This time could be used to dampen vibrations, and/or let the 
propellant gases disslpate before opening lens caps, for instance. 
Another alternative for the satellite would be to have very fine vernier 
cold gas thrusters to reduce the l imi t  cycle angular velocity. CMG's could 
not be used on the satellite because the spacecraft is  rotating constantly. 
Even i f  this were not the case, cmg's would not be advisable because of 
their complex control laws, cost, and the fact that they are not needed. 
for payload landing vehicle 
F =  I O N  
I - 1 i 0,000 m2kg 
r = 5 m  
Wrp = 2,3 x 1 o - ~  rads/sec 
dwp 15 7.2.0 x 1 o - ~  rads/sec 
Slnce the payload has less stringent pointing requirements, this is  a 
satisfactory l imit cycle. The 15 minute dr l f t  angle ls comparable to that 
of sky lab, even though the polntlng accuracy of the payload landlng vehlcle 
need not be as great. If it ls  found that more torque is  needed for landing 
rol l  correction, then the thruster size could easily be increased. (Note: al l  
l imit  cycles calculated with smallest thrust avaf lable about a given axfs. 
For instance, the l imit  cycles for the payload landing vehicle are 
calculated using one ten newton thruster for control about one axis.) 
Prerpw\!arrt CquUtiwrc 
Since the moment of Inertia of the spacecraft ts not changfng 
significantly, the equation, m - n(lrdw)l(r"br) Is used. 
where: 
dw - change In angular'velocl ty  required tor manewer.(.O 1745 
rad/sec) 
dv = exlt velocity of propellant = 2156 mls  
m = mass of propellant ejected 
r = moment am 
n - number of times angular velocity is changed 
n = (2 pulses/maneverF365 manewers/year = 730 pulseslyear 
for satellite: 
r = 2.2 m 
I - 850.5 rn2kg, giving mass of propellant - 2.3 kg/yeat 
for payload landing vehicle 
r - 7 m  
I = 1 10,000 m*kg, glvlng mass of propellant = 6 1.90 kg/year ' 
Thruster durability 
If a 15 minute l imi t  cycle can give the required accuracv, then the 
number of pulses due to l im i t  cycle thrusting w i l l  be 68,000 pulses per 
year. This stretches the limfts of some thrusters but others are rated at 
up to 500,00@pulses. There is also a spare thruster tor each. The long 
time In space Is  also an important factor. 
Placement and use of senson 
The star trackers'are used to flnd the inertial orientation of the 
spacecraft. During orb1 t around mars, the forward f aclng horizon sensor 
determlnes the attltude w i th  respect to the m a n  local vertlcal. The star 
tracker aligned with the pitch axls, focuses on a star near the orbltal axis, 
which i s  also the axis of rotation of the spacecraft. 
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Decoupling of accelerometers from the rotation of the spacecraft. 
[?Z$ 
The accelerometers are not placed at the center of mass of the SIC g::< .... > hgy $$j 
because of structural design. The accelerometers experience 
accelerations due to rotation which may be subtracted from the c?;.3 ".., gz$;$ 
accelerations measured by the accelerometer. p::::::: . . ., v , ,  
Acceleration due to rotation about the center of mass, of a point 
(X,Y,Z), due to rotation. 
ORiGlNWL P&GE Limit Cycle Thruster Control Unit 
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r. ..,-: ,.,*. ,? :if..- - ,,-:.. F y  . b ,  1 : . . , . - ' . * \ b  
Accolcmticn Octe iorstion Unit 
Accelerometer data 
1 1  Actualaccelerationwith - 4, Decoupling logic 
Gyro data 
Precision Attitude Determination Unit 
(PADU) 
Determination Unit 
frame 
Horizon sensor Mars attitude determination 
unit with tlme averaging logic 
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flaneuver Control System 
Deslred posl t Ion from DAD Actual gosl tlon from padu 
Maneuver Control Sys tem 
Commands to thrusters 
Desired Attitude Determination 
t DAD) 
Pointing commands from c3 Actual posttion from PADU 
Mars t lme-vary f ng map 
Earth time-varylng map 
Transformat ion Equations 
4' 
Desired posit ion in body coordinates 
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Slgnal Strength Analyzer 
Signal s t r e n g t h  
(dig1 t a l l  
Signal s t r eng th  
r a t e  of change 
ANTENNA CONTROL UNIT 
Actuation commands r 
f rom c3 
-4 
S/C position 
f rom PADU 
Gimbal position 
.-.-.-- f rom feedback or Euler angle transformation 
open loop control ler  
Theoret leal gimbal posit ion 
Slgnal s t rength  from 
slgnal  s t r eng th  analyzer 
Signal s t r eng th  r a t e  
change from signal 
s t r eng th  analyzer 
Gimbal commands 
I 
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The requirements of  the communications subsytem are as follows: 
( 1 )  collect telemetry from the subsystems snd Insure that 
engineering and scientific data is  trensml tted to Earth 
(2) receive commands from the Earth ( or  Mars Station ) and send 
commands to subsystems 
(3) control power switching 
(4) receive power from the Power and Propulsion Subsystem 
WGINAL PAGE IS 
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One of the f irst decisions which must be made In the CCC 
rubsystem i s  to determine the method of comunlcation. The frequency 
range to be used and the mode of o~eratlon ( d i k t  link to Earth or a 
series of releg sstelli tes) must be determined. Selrt ing the mode of 
operation i s  the easier of the two tasks. A satellite relay system would 
involve the construction of additional satellites (aesumlng thd q 
existing satelli tee cannot be employed for the mission), but would reduce 
comrnunlcation blockage tlme. A direct link would utilize the Deep 
Space Network only, and would provide adequate communicstfons lo r  the 
misslon despite increased blockage time (approxlmatel y 24S of orbi ting 
time).l Therefore, a direct link using existing sptems i s  the more 
economical choice. 
Determining the communication frequency I s  a mure dtftlcult task. 
The choice involvw many different parameters: data transmission rate, 
antenna gain, lmmuni ty to jamming, pointing sccunscy, svailsbili ty, and 
lifetime. A trade study was conducted ( see figure I ), and the X BAND was 
chosen, main1 y due to i t s  pointing accuracy requirement and current avail- 
abillty. I ts only drawback was i t s  vulnerability to jamming, which should 
not be a significant factor for a Ham mission. Also, since this mission 
does not require the transmission of large quantities of data compared 
with past exploratoqj missions, the larger data rates of the other 
frequencies ere not signif icant. 
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Having determined the mode of communications to be used, the next 
step i s  to size the antennas. The requirement of the spacecraft-tooEarth 
antenna i s  t o  fulf i l l  the data transmission requirements of the science 
subsystem at a distance detennined by the mfsslon planner. I f  el l  the 
science instruments on the bus are operating at once, then data can be 
collected at a rate of 66,000 bits/sec. A t  Mars encounter, the 
communicating dlstance wi l l  be approximate1 y 1.05 AU ( 1.6 x 1 o9 km). 
The following aesumptions were made for the sizing calculstions: 
frequency (I) = 8.41 4 G H t  (x band downlink) 
efficiency (2) = 0.65 (expected by 1995 ) 
distance (D) : 2.0 w 108 km 
DSN antenna (Or) = 70 m (predicted by 1990) 
signal nceived(Pr) = 1 . 0 ~  10-16 Watts 
Using the sizing equation for a directional antenna and solving for the 
two desired parameters, antenna size and transmitting power: 
el 
Pr = 4CD 
( 1 2  Dr Dt 
The requirements are met by selecting 5 Watts for the transrnfttlng 
power (Pt) and 1.0 meters for the antenna dfameter (Dt). With these 
$elections, the-power n o l v e d  at Ewth 18 Pr : 1.26 x 1416 Wsttc. 
which i s  significantly strong mou* far DSN'o mcsptlm ( Voye@fr 
614 -r 
signal stnngth ww l r 1 0  Wats tt ~upltor)~ Li8ing 8 kndwldth af 
15,000 Hz, Shannon's Law gives a data rate of 
when SNR (slgnal to nolse ratio ) i s  30.43, 
Thls selection mom than satlsfles the requirements, and also allows 
add1 tlonal lnstnrments to be placed on the orb! tlng bus. 
A UHF antenna i s  required to cornmunlcate between the bus and the 
Hars base or to support the operation of the Hars alrplane. Thls antenna 
wi l l  be slzed uslng the formula for an isotmplc antenna: 
Pr = zeAsPt 
4 . ~ 1  *D* 
Where z = 0.65 and D = 1500 km ( orblting altltude after the payload I s  
separated). It Is assumed that the Mars base's antenna can receive a slgnal 
of strength Pr = 1 0 ~ ~ ~ ~ a t t s .  The fonnulareduces to  the equatlon: 
Wlth thls formula, the antenna parameters of Pt = 5 Watts and Area = 
0.139 m2 (0.42 m antenna ). With these selectlons, the maximum 
communlcatlons dlstance i s  1890 km. The orbiting bus wi l l  have an 
a1 ti tude of 1380 km, so communlcatlon time between the bus and the base 
18 16 minutes. Once the antenna sizes have been computed, the antennas 
can be placed on the spacecraft. 
Positioning the antenna presents another problem: the directional 
antenna must be pointed a t  the Earth with a high degree of accuracy for 
communications. Several options for placement were considered, and the 
best choice was to place the antenna on a boom below the spacecmft bus 
(see Figure 2). This location was chosen to reduce the amount of 
spacecraft rotation used to point the antenna. With this placement, the 
sntenna i s  limited by the spacecraft to 15d of arc up and down. After the 
payload i s  separated, the arc improves to 1800. This constraint is  a 
problem for Earth communications, ( data cannot be taken and sent to Earth 
simultaneously ), but adequate communications are available wl th small 
spacecraft rotations. 
Thrusters wi l l  be used by the articulation subsystem, and a pointing 
gimbal w i l l  make smaller adjustments in the antenna's position. The 
gimbal can manipulate the antenna 75 degrees above or below the 
horizontal( or 90 degrees after sepamtion ), and 45 degrees right or lef t  
of center. The gimbal can move the antenna within one second of arc, and 
the X BAND requirss an accuracy of 2 - 3 minutes of an3. Therefore, the 
pointing requirements should be filled with this arrangement. 
Since the UHF antenna is  omnidirectional, pointing i s  not a problem. 
The UHF antenna wi l l  be secured to the underside of the orbiting bus (see 
Hgure 2). The UHF antenna can be used to transmit data to the Mars base 
while the sclence instruments are operating* 
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The cornputst selected for this mission wl l l  have to perfwm a variety 
of duties, lncludlng sending commends to othw subsgstems, power 
switching, end formatting date. Assuming thet a computer with 64 K RAH 
and 6 K PROM wl l l  be adequate, then a computer similar to the one 
designed for the Hars Observw wi l l  be uwd4 To accommodate the 
requirements of the scientific instmments on tho payload, a second 
computer wi l l  be placed on the inbound, Thla computer w l l l  not add 
significant weight or power reput red ( on1 y and add1 tlonal 1 kg and 1 W 1, 
and It wi l l  eliminate tho need for the payload end the bus to eommunlcate 
during the descent. This second computer could also be used er a backw 
system befon the bus and pagload separate. 
The command sgstem wi l l  be e typical cornnand yrtm with thr 
computer sending and recelvlng slgnelr ( see flgun 3 1. Thme t a p  
recorders -- one on the orbiting bur and two on the pqloed -- wl l l  be 
employed to store deta from the instruments. The tepe rocorder m the bur 
wil l  be used because tho antenna position on the bus prevents Earth 
communications whlle the Instruments a n  taking data. The two tape 
recorders ( one i s  redundant ) on the payload wl l l  store the data from i t s  
instruments. When the Mars alrplane is  retrieved, these recwders wi l l  be 
removed and taken to the Mars base for transmission to Earth ( direct llnk 
or via the orbiting bus ). The orbiting bus's recorder wi l l  be slmilar to the 
flars Observer tape recorder, with approximate1 y 1.5 x lo9 bi t s  of stwage 
available With this storage capacity, the Instruments on the bus can 
operate end store data continuous1 y for 6.3 hours. The two recorders on 
the payload wi l l  not need such cspaclty, since less then 1 @ bits of date 
wi l l  be taken, so s smallw mcwder wl l l  be chosen Cw t h  peylsad. 
b 
. 
A t  this time there are st i l l  some problems with thfs subsystem's 
design. One of the more significant problems i s  that the components may 
be susceptible to radiation damage. Radiation exposure may affect the 
design of the antennas, computers, and tape recorders. Another possible 
problem i s  that the payload's componets must be able to withstand the 
high temperatures of aerobraking. Potential system failures are another 
problem. The payload's second tape recorder and the second computer are 
the only backup systems at this time. Another problem is  that the antenna 
has been designed to provide i t s  data rate while the Earth and Mars are 
nearby (1.25 AU away ), and this Is only a fraction of the time. Antenna 
pointlng may also be a problem. The spacecraft cannot be used as a 
continuous link between the Hars base and the Earth because the 
spacecraft must be rotated for the antenna to 'see" the Earth. These 
problems and others must be resolved before the design Is completed. 
~ h l  te, Ronald E. 'Manned Mars Mission Communication md Data 
Management Systems.' Marshall Space Flight Center, AL. p 890. 
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3~h i te ,  p 895. 
%he Hars Observer Investigation Description, April 1987. 
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SELECT I ON 
KA/MH-WAVE 
UANDW 1 UTH INCREASED MUCH INCREASED 
ANTENNA GAIN 12dB MORE THAN 60dB MORE THAN 
IMMUNlTY TO 
EXCELLENT 
SlGNAL ACQ. SATISFACTORY DIFFICULT 
1 , I  FETlME SHORT LIFE 
('OMPAT I B I 1 ,I TY 
WITH KXISTlNC 
IMMATURE IMMATURE 
(TECH PLANNED) (SOME RISK) 
' ,  
HEFERENCED FROM R WHITE, MARSHALL'SPACE FLIGHT CENTER 
FIGURE 2 FaNTENNFs PLACEMENT 
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SCIENCE INSTRUMENTATION 
(SCIM) 
As complex as mission planning can be, i t  would be incomplete i f  
scierice experiments were not conducted on the mission. An excellent 
design must take advantage of the prlmary mission (Mars Airalane 
Deliveru) to  accomplish as much as the t ime end budget w i l l  a l low. For 
th is  reason, science instrumentation fscin) has been selected to  go on the 
mission and designed to  sat is fy  a pre-assigned set of requirements. 
Overall there are three DurDoses f o r  the experiments which w i l l  contribute 
to our knowledge of the universe by taking advantage of the c r a f t  leaving 
the Earth-Moon system. These are to: 
1'1 BETTER UNDERSTAND THE SOLAR SYSTEM 
2) BETTER UNDERSTAND THE EARTH 
3'1 BETTER UNDERSTAND THE APPEARANCE OF LIFE 
In addition to  any system requirements previously mentioned i n  the 
report, scin has i t s  own set of  sub-sgstem reaulrements t o  meet. Unce 
these are understood, a method f o r  attacking and sat isfy ing them can be 
derived. The f i r s t  requirement i s  also the most important f o r  mission 
completion, i t  i s  t o  autonomously ver i fy  the condition of the landing s i t e  
fo r  the descent vehicle. This guarantees that the pre-determined landing 
target has not been naturally destroyed before pagload separation. The 
second requirement i s  the s~~bstance o f the scin design, it i s  t o  complete 
six mission science objectives t o  augment a i rc ra f t  science data. These 
are: 
SOIL: Determine elemental and mineralogical surface character 
DUST: Locate and map areas of high dust and volat i le  mater ial  
content 
GRAV: Define global gravitat ional f ie ld  
TOPOG: Measure and map global topography 
ATMOS: Explore atmospheric structure and circulat ion 
MAG: Establish the nature of  the global gravitat ional f ie ld  
It has been determined that a i rc ra f t  support w i l l  take precedence over 
global mapping. For this nason  the instruments w i l l  operate mainly when 
the airplane i s  w i th in  their  f i e ld  of  v iew and w i l l  ver i fy airplane data. 
Global data collection w i l l  occur according to  data storage capacity 
available (refer t o  CCC) and completeness of coverage needed. This need 
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fist 66 ~ F P  rori 10 esrnplet~ orbits ti? satisfy global msppfng 
requirements. The third scin requirenment i s  a direct result  of the f i r s t  
two but essent-ial for the, overall spacecraft design and success of the 
mission, it. i s  that scin must interact w i t h  a l l  other pertinent 
sub-systems. This i s  shown schematically i n  Fig. 7.1. 
Fig 7.1 
The method of attacking and satisfying scin's requirements i s  
relatively simple because i t  involves mostly research and very l i t t l e  
calculation. The f i r s t  move of the attack i s  t o  compile a large l i s t  of 
possible instruments for the mission. The sources of the l i s t  come from 
researchi trg ~rev ious l  y s imi l isr  missions. Nest, scientists are 
Interviewed to determine exactly how the instruments operate and what 
they accornglish. In this manner, i t  can be seen which instruments w i l l  
contr:bu!e t o  the completion of a sclence.obfectlve. A t  th is point a twc 
step revisiarr of the l i s t  i s  conducted to arrive at the final l i s t .  F i rst  a i l  
hales i n  requirement completion must be filled; this entails further 
research. Then any instruments that possass overlapping functions go 
through a comparison study of  various categories i n  which the better 
instrument I s  retained. This Is demonstrated i n  f low cnsrt farm in  Fig. 
9.2. The resulting instrumentation l i s t  must pass all sub-system 
interaction constraint considerations before i t  becomes Ilnal. 
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Fig. 7.2 
The ftnal instrumentatton l i s t  i s  shown here. A detailed description 
of  each instrument begins on page 7-4 . 
GAHPIA-RAY SPECTROHETER IR THERMAL MAPPER 
1R HAPPING SPECTROMETER UNlVERSAL CAMERAS 
DUST DETECTOR AND COUNTER RADAR ALTlMETER 
FREQUENCYTRANSHITTER NASS SPECTROMETER 
RETARDlIYG POTENTIAL ANALYZER PRESSURE HlRROR 
AUTO ALTITUDE EVALUATOR ATMOSPHERIC SENSORS 
MAGNETOMETER 
Recalling the primary scin requirement of landing site verification, 
visual imaging w i l l  be used to certify that the present state of the s i te i s  
suitable for a landing. The Imaging w i l  be done by the universal cameras 
and the go-ahead command for payload separation w i l l  be done by 
srt i f icial intelligence. The cameras w i l l  be uniformly inclined (thus UIUC) 
by the scanning platform and point a t  the target as the craft moves 
through i t s  precessing orbit over the site (refer to HHPSI. The visual 
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f ~ s i p f i f i t  p:~f,c,teG th; sgrfa;~ pass2 j directly over ;he e!jei-ii 
5323 km/(2,821 km/sec) = 1 173.6 1 SX. with a desired resolution of  40 
kml5. The scanning p:atform will be slewed by computer to  produce proper 
images ( fuws ing) .  Onci! csnditions have been verifed, the paylaad w i l l  be 
separarted f o r  atmospheric entry. 
T5e satisfaction of scin's second requirement is broken up here ir;to 
the 5i x sc ier~ce  objectives (experi r fmts) .  
1: SOIL-Determine elemental and miner;llogical charact-er of 
surf ace. 
Gornma-Reu S~ectrometer  
The Gemma-?fig Soecircrmeter measures the gr?.rnfis-rq inter~si iy  
m i t t e d  from t h e  furfsce.  Because each element hes its own se t  of 
chsracttiristic gamma-ray lir~as,  the ider~tif  ication arid abundance of the 
surface alements can t e  determined. Volatile materials can also be  
detected i n  this fashion. The i.rrstrurnent will be rrrounted on a boom of a t  
least  10 rnd to  minimize any spacecraft sources of radiation. Immediate 
(iernma-rag flux is received from an 8' ( 1 158882.7 krn211 circle on the 
surface.  he spectrometer has a field of view (FOV) of 12012 end must 
remain pointed st the surface while on the boom. Data is stored in two 
mornorij tanks (6nr 1s used as. a buffer) st s rate of 600 bps3 each. While 
data is being recorded in one, the other bank is feeding data into CCC snd 
erasing its memory. A radiator i s  required to  cool the instrument, it also 
i s  located on the boom. The entire package draws 10 @ of  power and 
weighs 13.5 kg3. The size of thd s'ensor i s  estimated to be 101.6 x 48.3 x 
43.2 cm21 with an electronics package of 22.4 x 24.8 x 21.2 c d l .  
Inheritance Class Percent (ICP) = 100% exact repeat. (refer t o  HHPC) 
IR M r s ~ ~ i n a  Spectrometer 
The IR !lapping Spectrometer is used to  locbte surfsce dress of high 
wster  concentration. The instrument de tec ts  spectral reflectcrnce of 
1.38 urn (the wavelength of water  vapor infrared radiation) i n  order to 
locate much needed water sources. The sensor i s  extremely sensitive !o 
l i ~ h t  and i s  conc.tr&ined to point directly a t  the surface without eng 
obstructions or s t ray light. For this reason i t  is mounted on the scanrrjng 
~ l s t f o r r n  and will collect dsta a t  s rate  of 3800 bps4 i n  the day ar~d 1100 
bps4 e t  night when there is less  spectrsl  reflectance. It can be 
progremmed for  s resolution of 1.3 kd within its FOV of 0.1' x 6.6% The 
dimensions of the instrument are  7 1 x 28 x 20 crfit4. it weighs 2 1.7 k$ 
and draws 1 1.4 w3 of power. ICB = 100% exact repest. c -Y  
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IR  Thermal Naoaer 
The IR .Thermal Mapper operates i n  the same fashion 8s the if? 
Happing Spectrometer but will be used to detect and identi fy surface 
mineralogical formations. Rock-forming silicates, solt.s, and petroleum 
infrared brightness of 6-24 urn w i l l  be detected t o  map these and any 
s imi l i r~r  formations. Volatile substances within th is range can also be 
identified and mapped. The mapper w i l l  also be mounted on the scanning 
platform to  fasci l i tate i t s  pointing constraints of only a 1' x 1.5' FOP. 
Data i s  collected a t  a rate of up to  43 14 bpsS w i th  a surface resolution of 
3 kmh. The instrument perforrns a substant.ial amount of  i t s  own on-boarr! 
processing w i t h  an anelyzpr t o  atcomodate the down-link rcte. The entire 
7 c instrument (sensor plus analyzer) i s  JO.J x 23.5 x 19.2 cm7, weighing 10.7 
kg2find drawing 13.7 d of power. I ~ P  = 100% exact repeat. 
-2: DWX-Locate and map areas of high dust and volati le 
material content. 
[
The OPOC i s  a simple instrument that has been used and proven on 
many previous missions such as Cornet Rendezvous and Saturn Orb f  ter, I t s  
sole purpose i s  t o  detect and count dust particles much i n  the same way g 
geiger counter detects rodi oactivi ty. The instrument must point toward 
the surf ace to at ta in accurate readings and map dust concentrations but 
because i t s  FOV i s  not available i t  w i l l  be mounted on the inside face o f  
the orbiting bus. Data will be collected at s fate of 40 bps1* wi th  a 
resolution of 10 kmd. The size gf the instrument can vary greatly, tho one 
designed for  our mission has been estimated to be 30 x 20 x 20 cmd, 
weighing 5 kg19 and drawing 5 of poker. IC? = 50% exact repeat; 50% 
minor modifications. 
Gamma-Rau S~ectrometer- see above 
IR Thermal tla~uer- see above 
Pressure Hirror- see below 
MPERIMENT3:GRAV-Define global gravitatjonal field. 
Ul trastably Accurate [USA) Freauencu Transmitter 
The USA Frequency Transmitter i s  a unique device that ut i l izes 
radio waves t o  measure gravitational pull. A signal transmitted from 
Earth a t  a precise frequency Is recelved By the transmitter and sent back 
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analyzed on Earth, and the magnitude of the b o p ~ e r  sh i f t  on the signal i s  a 
direct function of the gravitat ional e f fec ts  on the spacecraft. Special 
attention must be exercised on the transmission 5equence so that no other 
bodies  in ter fere w i t h  the signal. For th is  reason, the USA Frequ~nzy  
Transmit ter w i l l  be mounted near the CCC down-link antenna f o r  poirit ing 
.3!-ntl . - ~ ~ ~ r a c y .  Any danger; i n  signal crossing or  destructive in:erferenca ars 
innerentl y corrected by the frequency chosen. The instrument weighs only 
1.5 kg3 and draws 3 3 i n to  a cubicle 45 x 20 x 2g2 cm geometry. ICP = 
100% exact repeat. 
4: TOPOG-fleasure and map global topography. 
Unilsrmlu Inclined Universal Cameras (UIUC) 
The UIUC imaging i s  the same used fo r  the previously mentioned 
s i te  ver i f  ication. Two cameras used SO that irflbge frarrles are c;crr~star~tly 
overlapped and pieced together in  a stereographic manner t o  fo rm a 
complete v iew o? the surface 'features. While the shutter o f  ctne corners 
opens, the other camera i s  midway through i t s  scaning sequence. Wi th the 
surfece appearing t o  be moving under the spacecraft a t  a rate of 2.88 
? ~ / s P c ,  a sr:a$~.hot will be taken by both carnerm every 25.91 recd. This  
c ~ r e s p o n d s  tcr the cemeras FOV which combined is 3. !' x 1.5 1'15 or 74.63 
km ic 36.36 km &re3 f r ~ r r ~  1330 krrl. Because of the nature of  recording 
irnage l ines that make up a picture frame, the camera's data rate w i l l  be 
spgroximstt l  y 56,000 bpsd. The ent i re systern weighs 1 1.5 ke, draws 7.5 
wd and takes up 50 x 25 x 25 cmd on the scanning plat form. ICP = 20% 
exact repeat; 80% minor modifications. . 
RADAR ALTlflETER 
The radar al t imeter i s  another highlg proven instrument used or1 
past rnissions t o  obtain e re l ie f  may of the surface. It uti!izes a 45 x 45 x 
10 cm8 box of electronics attached t o  a lm8 x 22d cm dish antenna which 
rerr~airs pointed toward the surface. The signal sent dowrt to  the surface 
her a footpr int  of 115082.7 km2 c i rc le  and i s  ref lected and 
recorded on board at  a rate of 576 bps3 (average). It can be programmed t o  
col lect  data a t  a rate of up t o  1440 bps3 when greater surface detai l  i s  
desired. The ent i re instrument weighs 17 k$ snd draws 28 W* of power. 
ICP = 90% exact repeat; 10% minor mcrdif ications. 
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5:A'rlHX-Explore atmospheric structure and circulation. 
Retardina Potential Ana'luzer 
The RPA w i l l  be mounted on the payload vehicle wl th i t s  seilsar 
i-t ght on the face of the aeroshell. I t measur-es tile current 3;- eiectricali y 
charged par-:icle density from 10- lo6 part/cm3 i-n the atmosphere in  ordsi- 
tu identify ions tf'ircughout attnospherf c descent. The depth of salar wind 
electricity f n the atmosphere i s  s direct function of magnetic f ield 
strength. I: i s  activated shortly after separation and receives 2.8 do 
fram a local battery power source wtli:e accutruiating dais as a rste cf  
500 bp$ :a be reci;rded on a local tape recarder frefer tti CCC). The 
dlmenslans of the instrument are 25 x 14.5 x 14.9 cm16snd i t  weighs 2.7 
kfD. i C V  nee6 not Se discussed for- any of the atmo~pheric :t;s:;iirnents 
(ruhictl otlly make instantaneous tneasurements. ICP = 90% exact repest; 
! OS minor fxodificstons. 
Mass S~ectrometer  
Like the HPA, the Mass Spectrometer goes down to the surface on 
the payload vehicle wi th  i t s  sensor mounted on the aeroshell. The Mass 
S~;ec!rometer ionizes neutral particles In the atmosphere with an electron 
beam so that their momentun (and in  turn mass) can Se measured. Ions 
wi th 1 to 50 AMUI~ can be measured quslitatively and quantitatively from 
250 km- 100 km. The instrument draws 13 w20 from the local battery 
power source and collects data a t  500 bps1* to be recorded on the local 
tape recorder. Dimensions of the Spectrometer are 50 x 35 x 35 cmi6, 
weighing 4.3 kg20. ICP = 100% exact repeat. 
Pressure Modulator I R  Radfometer (Pressure Mirror) 
The Pressure Mirror i s  a mu1 ti-dimenf ional instrument that 
performs simultaneous measurements to plot 3-dimensional profi les as a 
function of atmospheric pressure. Thermal structure fs rfiapped from 0 km 
-80 krn, atmospheric dust Is profiled, verticle distribution of  atmosphertc 
water i s  mapped from 0 km-35 km, and atmospheric pressurs i s  profiled, 
a l l  simultaneously wi th  a resolution of 5 km [ ~ e r t i c l o j ~ ~  Data i s  
collected at a rste of 155 bps3 within a FOV of 0.9' x 1.6~. Automatic 
calibration i s  inherent by taking a deep space zero level reference reading. 
The Instrument Is mounted on the orb1 tng bus facing the planet, weighing 
25.7 kg3, and drawing 27.1 3 of power. The Pressure Mirror has 
dtmensfons of 75 x 40 x 30 cmZ3. lCP = 100% exact repeat. 
69- flflES project 
sc in QRIWNAL P M E  i l  
OF POOR QuALm 
Automatic Altitiude Evaluator (AAE) 
The AAE i s  &simple alt-imeter placed on 'the paljload vehicle fo r  ?he 
ptrrpose of tr iggering the local power source which ar;tiva!es -dtmospheric 
instrurnent.ation. The previr~usiy mentioned RPA end the Mass 
Sfrectrr~meter w i l l  be act ivated w h e n  the AAE h i t s  259 krf~ and 
d?-act-ivsted a t  I Or) km. At this alt-itude t.he simpler sensors (ST. PkTS, 
see beiow) which are designed fo r  l o a f ~ e r  a1 tjt.ude measurements and 
profilecj are activated and collect. di3t.b 411 the way to  the surface. The AAE 
i f  8 22.3 x 7.6 cmZ4 cylinder that weighs 9 kg24 and draws approximately 5 
of power. ICP = 100% block buy. 
Space T r a n s ~ o r t  Pressure, Acceleration. and Temuerature 
Sensors(ST. PATS) 
Sf. PAT5 are common iaboratcfry instruments placed On the pagtoad 
vehicle t o  take lower  atrnosphere measurements o f  dynamic pre:;sure, 
acceleration, and temperture. Data w i l l  be collected a t  20 bp$ and 
recorded on the local tape recorder for profi l ing. The ent i re sgstem w i i i  
draw less t h a n  5 ~ " l r r n  the local battery source, weighing less than 5 
kgd, ond i s  estimated t o  10 x 10 x 10 cmd. ICP = 100% block buy. 
-6:MAG-Establish the nature o f  the global grav i ta t iona l  f i e l d  
Magnetometer 
The magnetometer i s  on instrument that measures the magnetic flu;.: 
pac.:,ing through i t s  sensor. It must be mounted on a boom o f  a t  least 7 mll 
t o  minimize the spacecraft magnetic f ield. An "inboard" sensor located a t  
3.5 ml* w i l l  be used t o  measure the .spacecraft magnetlc f i e l d  and 
calibrate the (main) "outboard" sensor. Both sensors are 10 x 7.5 x 7.5 
cmi3, weighing 1.25 kgi3, and are connected t o  an electronics package (20 
x 15.8 x 10 crf~ on the bus eachi3) weighing 1.94 kgi3 (sensor 
specifications are updated and inconsistent w i t h  STRC configuration). The 
entire psekage d r a w s  2.45 'dl3. The sensor i s  a fluxgate that has no 
pointing constraints, passing through the magnetic f ield a l lows i t  t o  
col lect data anywhere f rom 80 -320 bps13(programable). The fluxgate 
simulates a 160' rotat ion t o  el iminate zero level d r i f t s  IPC = 100% e::act 
repeat. 
The th i rd  scln requirement of sub-system interect ion demonstrated 
earlier i s  inherently sat is f led i n  the completion of the spacecraft design. 
P 
: 1 
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&I Iri a l l  b~dgns, a set  of problem argas arc d e v ~ l c p a d  which 
requlre fur ther  investigation. For scin, 3 such areas have been conceived. 
Firzt., the problem of global mapping must be resolved because the precise 
arnount of tirne r e q u i r ~ d  to  accumulate suf f ic ient  glsbal date has not teen 
determined. This req l~ i res  a complete st-ud!~ of surf  ace f or;!pri n ts  fo r  each 
it  J, and the FrJV ilf the instrurrrents. Thsn the  c m p u t e r  can tj2 
prorr4rnr1ed i-o act-ivste ~irJtial rmpging instruments s! speci f ic  times 
u n t i l  sufficient. 3sta i s  acquired. Second, the IJ113C data r a t s  and i r r ~ a ~ i c g  
4 \echiliquers require further research so that the t.echniq!:ef o f  u t i l i z ing   NO 
cameras can be opt.irr~ized and a rnore specif ic data rate can be quoted. 
Third, instrumentation mounted on the orbi t ing but cot. fi:;ed t o  the 
scanning p lat form must be accomodated f o r  in  the future design. A1 t h o u p  
pointing reqiliremenis f o r  such instruments have been satisf ied, usina .d a 
larger tcanning p la l form and piacinc all of the instrumer,!s on i t  will 
irrovide u r ~ i  fcrrrni t y  in surface viewing. 
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The t r a j e c t o r y  chosen from Ear th  t o  Mars was a Hohmann t r a n s f e r  
e l l i p s e .  The i d e a l  e l l i p s e  has a t r u e  anomoly of 180 degrees, t h e  major 
a x i s  s t a r t i n g  a t  Earth and ending a t  Mars, running a long t h e  l i n e  t h a t  
j o i n s  t h e  conjunct ion  and opposi t ion,  t h e  same l i n e  t h a t  d i v i d e s  t h e  
Eas tern  and Western quadrature.  This would be t h e  i d e a l  e l l i p s e  because 
t h e  energy used would t h e o r e t i c a l l y  be lowest,  a l lowing more mass f o r  
ins t ruments  and payload i n s t e a d  of f u e l .  There a r e  o t h e r  f a c t o r s  t o  
cons ider ,  however: Earth/Mars communication d i s t ance ,  f l i g h t  t i m e ,  t h e  
? * 
season o f  t h e  s u r f a c e  of i n t e r e s t ,  t h e  r e l a t i v e  p o s i t i o n  of  o t h e r  
p l a n e t s ,  hemishper ica l  launch d i r e c t i o n  i f  l e a v i n g  from e a r t h ,  etc. 
Because t h e r e  a r e  o t h e r  considerat ions,  t h e  t r a j e c t o r y  i s  r a r e l y  i d e a l .  
However, t h e  energy d e v i a t i o n  j u s t  s h o r t  o r  j u s t  long of  t h e  i d e a l  
t r a n s f e r  i s  small  and weight can be given t o  o t h e r  cons idera t ions .  
CONSIDERATIONS 
N THIS CASE, THE ENERGY 
LONG DISTANCES MAY DISTORT 
THE LOWER THE LOW DELTA-V IS POSSIBLE FOR 
VALUE, THE LESS ONLY LIMITED NUMBER OF 
FUEL IS NEEDED LAUNCH WINDOWS AND RIGHT 
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- 5: WITHOUT VENUS FLYBY 
- = WITH VENUS FLYBY 
L * 
The use  of a  f lyby  a l s o  c r e a t e s  t h e  added problem of p u t t i n g  t h e  
s p a c e c r a f t  c l o s e r  t o  t h e  sun, c r e a t i n g  t h e  problem of e x t r a  r a d i a t i o n  
and t o o  much heat .  A s  it t u r n s  out ,  t h e  t r a j e c t o r y  t h a t  has t h e  lowest 
AV i s  exce l l en t  f o r  radio  communications, does not  involve a f lyby,  and 
has; o f  t h e  two op t ions  ( s h o r t  o r  long) a  f l i g h t  t i m e  s h o r t  of  t h e  
i d e a l .  . 
The t r a j e c t o r y  chosen i s  t h e  b e s t  choice  cons ide r ing  any one of 
t h o s e  c r i t e r i a  mentioned i n  t h e  b lock,  and f o r  t h a t  r eason  it i s  
s u p e r i o r  folt t h e  reasons combined. On t h e  more t e c h n i c a l l y  o r i e n t e d  
side : 
Spacecraf t  depar t s  from an Earth parking o r b i t  7 June 2003, 450 krn above 
t 
sea  l e v e l  with an i n i t i a l  AV of 3.563 krn/s (kps) ,  making a v e l o c i t y  of 
33.363 h e l i o c e n t r i c  kps. 
E c l i p t i c a l  departure v e l o c i t y  w . r . t .  Ear th  
Decl ina t ion  (degrees) 
3.563 kps 
-7.764 
ORIGINAL PAGE IS 
OF POOR QUALrPl 
ECCENTRICIN OF MARTIAN ORBIT= ,0933 
ECCENTRICITY OF EARTH ORBIT ALMOST NEGLIGIBLE 
~ ~ ~ ~ q p @ $ ~ ~  p&QE IS 
QF pocfi Qam,rt 
Right  Ascension (deg) 
Phase  a n g l e  ( W P . a n d  Sun-Earth Vec tor  i n c l u d e d  
a n g l e  01%180) (deg) 
C r a f t  a r r i v e s  a t  Mars 198.4 days  a n d  572 m i l l i o n  km l a t e r  on 2 3  December 
2003, 620 km f rom Mar t i an  s u r f a c e  a t  p e r i a p s e  (44,260 km when a t  apoapse  
on f i r s t  a e r o b r a k e  e l l i p s e )  a t  h e l i o c e n t r i c  v e l o c i t y  o f  32.173 kps .  
E c l i p t i c a l  e n c o u n t e r  v e l o c i t y  w . r . t  Mars 
D e c l i n a t i o n  ( d e g r e e s )  
Righ t  Ascension (deg) 
Phase  a n g l e  (VHP and  s u n - ~ a r s  V e c t o r  i n c l u d e d  
. a n g l e  0SUX180) (deg) 
Sun-Earth-Mars a n g l e  (deg) 
Radio C o m u n i c a t i o n s  D i s t a n c e  t o  E a r t h  
8.073 kps  
7.949 
59.187 
93.013 
154.507*106 km 
o r  8-9 m i n u t e s  
l a g  t i m e  
-t 
West . 
(Shown above, t h e  Sun-Earth-Mars a n g l e )  
( I N  ASTRONOMICAL UNITS) 
(1 AU = 149.6  m i l l i o n  km = mean o r b i t a l  r a d i u s  o f  E a r t h )  
. ' 
DEPARTURE- 
X- -.2510 Y- -.9384 2- .0001 D i s t a n c e  f rom Sun = 1.1049 
ENCOUNTER- 
X= 1.0309 Y= 1.0384 Z= -.0031 D i s t a n c e  f rom Sun - 1 .4633  
, 
The e l l i p s e  o f  t h i s  t r a j e c t o r y  makes a  n e a r  p e r f e c t  i n s e r t i o n  
o r t h o g o n a l  t o  t h e  r a d i a l  d i r e c t i o n  of  Mars a s  shown b y  t h e  p h a s e  a n g l e  
o f  82.586, o f f  b y  (90 - 8 2 . 5 8 6 ) ~  7.414 d e g r e e s .  Although t h e  t r a j e c t o r y  
p a t h  i s  ' b a s i c a l l y  i n  t h e  e c l i p t i c a l  p l a n e ,  t h e r e  i s  a  change i n  t h e  z 
. * 
c o o r d i n a t e  o f  478,720 km. T h i s  i s  d u e  t o  t h e  f a c t  t h a t  t h e  o r b i t a l  ? 
p l a n e  o f  Mars d e v i a t e s  f r o m  t h e  e c l i p t i c a l  p l a n e  a n  a v e r a g e  o f  1 . 8 5  
d e g r e e s .  T h i s  2 change is  i n  i t s e l f  q u i t e  s m a l l ,  a s  t h e  M a r t i a n  o r b i t a l  
p l a n e  v a r i e s  f r o m  t h e  e c l i p t i c a l  b y  a s  much as 8  m i l l i o n  km a t  
a p e h e l i o n .  i 
s 
ORlGiNAL PAGE IS 
OF QUALlTY 
A measure of t h e  energy (hence f u e l )  r equ i red  while i n  o r b i t  has been 
mentioned above, t h e  AV, o r  i n s t a n t a n e o u s l y  approximated change i n  
v e l o c i t y .  Obviously t h e  lower t h i s  va lue ,  t h e  less f u e l  need be 
c a r r i e d .  This i s  a l s o  one of t h e  main reasons t h e  aerobrake w i l l  be 
used, a s  d iscussed l a t e r .  An o v e r a l l  va lue  of  AV with breakdowns i s  
shown below: 
(shown above: various su r face  seasons mentioned as c r i t e r i a  f o r  launch) 
Ear th  Orb i t  Departure 
Mars O r b i t  ,Capture 
Aerobraking Manuever 
Manuevers t o  C i rcu la r i ze  t o  
synchronous o r b i t  
Maneuvers t o  Equator ia l  Synch 
3.563 kps 
,816 kps 
.I68 
PHASE 1 : 1 JANUARY 2003- 
FIRST SHUllLE TO EARTH STATION- FULL SHUTTLE PAYLOAD 
PHASE 2: 24 JANUARY 2003- 
SECOND SHUllLE TO EARTH STATION- HALF SHUTTLE PAYLOAD 
PHASE 3: 7 JUNE 2003-- 
O N  MOVES SPACECRAFT AWAY FROM STATION- SPACECRAFT 
MAKES FIRST IGNITION OF 3.563 KPS ON HOHMANN TRANSFER 
TO MARS 
PHASE 4: 1 1 JUNE 2003- 
FINE TUNING ADJUSTMENT OF TRAJECTORY1 180 DEGREE 
ROTATIONAL MANUEVER 
PHASE 5: 23 DECEMBER 2003-- 
MARS ENCOUNTER; IGNITION OF ,816 KPS TO ELLIPSE OF 
ECCENTRICITY =.833, PERIAPSE OF 4000 km, SPEED OF 
8.073 KPS; BEGIN AEROBRAKING AND PREPARE FOR 
SCIENCE DATA COLLECTION 
PHASE 6: 16 FEBRUARY 2004- 
CIRCULARIZATION OF ORBIT, CARGO DESCENT, 
PAYLOADIBUS .SEPARATION 
PHASE 7: 19 FEBRUARY 2004- 
TRANSFER TO SYNCHRONOUS ORBIT 
PHASE 8: 20 FEBRUARY 2004- 
CARGO DOWN; AWAIT ASSEMBLY TO TRACK PLANE; SWITCH 
TO EQUATORIAL SYNCHRONOUS ORBIT AND CONTINUE 
SCIENCE DATA COLLECTION; MONITOR TO END OF 
MISSION 
PHASE 9: 1 APRIL 2004 END OF MISSION 
The spacec ra f t  i s  est imated t o  be a b l e  t o  f i t  i n t o  one and one hal f  
s h u t t l e  cargo bays. Therefore, it w i l l  t a k e  two lauches of t h e  s h u t t l e  
be fo re  t h e  whole of t h e  c r a f t  i s  t o g e t h e r .  The s p a c e c r a f t  w i l l  be 
des igned i n  such a  way a s  t o  f a c i l i t a t e  e a s e  of assembly wi th  t h e  
m a t e r i a l s  aboard t h e  space s t a t i o n .  Estimated assembly completion time 
inc lud ing  t e s t i n g  of t h e  more s e n s i t i v e  i t e m s  is  expected t o  t a k e  t h r e e  
months. A pad of two months i s  allowed f o r  unforseen problems, a s  t h e  
miss ing  of t h e  launch window cou ld  p a r a l y z e  t h e  s p a c e c r a f t  a t  t h e  
s t a t i o n  u n t i l  t h e  next ava i l ab le  launch window. 
An o r b i t a l  t r a n s f e r  v e h i c l e  s t andard  t o  t h e  space s t a t i o n  w i l l  be 
used, a s  t h i s  w i l l  probably be  s t a n d i n g  o p e r a t i o n a l  procedure  f o r  
p r o t e c t i o n  of t h e  s t a t i o n  a g a i n s t  malfunctioning equipment. The OTV 
w i l l  push t h e  spacec ra f t  t o  a  h igher  o r b i t  from which t h e  s p a c e c r a f t  
w i l l  commence i t s  f irst  burn of 3.563 kps wi th  t h e  d i r e c t i o n  of t h e  
Ear th  a t  an angle orthogonal t o  t h e  Sun-Earth vector  p lus  .02 degrees.  
This i s  t h e  phase angle  a t  depar ture ,  with a  h e l i o c e n t r i c  v e l o c i t y  of 
33.363 kps, which inc ludes  t h e  2 9 . 8  kps a t  which Earth t r a v e l s  around 
t h e  Sun. The t r a j e c t o r y  is  b a s i c a l l y  i n  t h e  e c l i p t i c  p lane  with minor 
d e v i a t i o n s  a s  noted above accounting f o r  t h e  dev ia t ion  of t h e  Martian 
o r b i t a l  p lane  t o  t h e  e c l i p t i c  by 1.85 degrees .  This a l s o  t a k e s  i n t o  
account t h e  tendency a t  t h e  t i m e  of launch from an e q u a t o r i a l l y  o r b i t i n g  
s t a t i o n  t h e  e f f e c t  of 'throwing' t h e  spacecraf t  above t h e  e c l i p t i c  p lane  
because of t h e  d i r e c t i o n  of r o t a t i o n  of t h e  Earth.  
The spacec ra f t  leaves t h e  g r a v i t a t i o n a l  sphere of inf luence  of t h e  
Earth and becomes a satellite of the Sun. After approximately four days 
post launch, the spacecraft's orbit is adjusted or 'fine tuned1, and the 
craft is rotated 180 degrees in what is called the midcourse manuever in 
preparation for Martian capture. No other propulsive burn should be 
required until the capture, but should one be necessary, the attitude 
and control systems have more than enough in reserve for even a few 
adjustments along the way. Until the craft reaches Mars, we track and 
wait. Telemetry is sent back to Earth periodically to verify headings 
and to report on the health of the craft. 
The craft contacts Mars on 23 December 2003 and adjusts to fine 
tune from its aiming point just off the surface of the planet. A retro 
burn of .816 .kps is expended and now the one stage liquid 
hydrogenjoxygen propulsion stage is jettisoned exposing the 
monomethylhydrazine/nitrotetraoxide stage. Aerobraking commences here, 
on an ellipse of e1.833, periapse of 4000 km (620 km from the surface) 
and later reaches its first apoapse of approximately 44,000 km. The 
aerobraking procedure requires about 6.8 days according to the aerobrake 
subgroup to complete its energy dissipation and orbit circularization. 
A higher circularized orbit is desired to reach synchronous orbit, so 
another Hohmann transfer is utilized (1.66 kps) to bring the entire 
configuration to an orbit of approximately 6000 km from the center of 
Mars. 
At this time, the cargo breaks from the instrument bus and each 
continues in its path, much like a train with a broken couple in a 
frictionless environment. The bus monitors the surface and sends data 
back to the Earth, forming the basis for the decision as to when the 
cargo is dropped. Once the cargo is safely on the ground, the 
ins t rument  bus changes from an  e c l i p t i c a l  o r b i t  t o  a  synchronous 
e c l i p t i c a l ,  then  an e q u a t o r i a l  synchronous o r b i t  and prepares  t o  monitor 
t h e  a i r c r a f t  a s  it takes  i t s  requi red  sc ience  readings.  This i s  t o  be 
t h e  t e r m i n a l  o r b i t ,  and it w i l l  be synchronized a f t e r  a l l  d a t a  i s  
c o l l e c t e d  t o  make it easy  t o  shoot  a  d i r e c t i o n a l  azimuth f o r  r a d i o  
communications. The s a t e l l i t e  remains i n  o r b i t  t o  monitor t h e  movement 
of t h e  a i r c r a f t .  
There are ,  inhe ren t  i n  a l l  planned missions,  problem a r e a s .  But 
foreseen problems can be planned f o r .  I t ' s  t h e  l ack  of f o r e s i g h t  and 
troubleshooting t h a t  can l e a d  t o  d i s a s t e r .  
Upon encounter with Mars, it i s  poss ib le  (though t h e  chance i s  very 
remote) t h a t  t h e  c r a f t  could  ho ld  a s u i c i d e  heading toward t h e  i n n e r  
moon of Phobos. Phobos i s  a Mart ian s a t e l l i t e  16 km i n  diameter  and 
6100 km from t h e  s u r f a c e  of t h e  p l a n e t  i n c l i n e d  a t  1.13 degrees t o  t h e  
equa to r .  Its p e r i o d  i s  very  smal l ,  revolving around t h e  p l a n e t  once 
every seven and one ha l f  hours. It i s  t h e  only s a t e l l i t e  t h a t  revolves 
around a p lanet  f a s t e r  than t h e  p lane t  r o t a t e s  i n  our s o l a r  system. Its 
o r b i t  i s  a l s o  so  c l o s e  t h a t  a  Martian observer  s t and ing  n o r t h  of  70 
degrees l a t i t u d e  would not  be a b l e  t o  see Phobos. For t h e s e  reasons, 
t h e  l i t t l e  moon i s  very  dangerous cons ide r ing  t h e  v a s t  numbers of  
o r b i t a l  manuevers and o r b i t a l  t r a j e c t o r i e s  around Mars. Should a 
c o l l i s i o n  course  b e  d e t e c t e d ,  a change of  t r a j e c t o r y  wi th  much 
reca lcu la t ion  back on Earth should be i n  order .  
Also is  t h e  p o s s i b i l i t y ,  however remote considering f i f t y  yea r s  of 
r e l i a b i l i t y ,  t h a t  t h e  ~ a r t i a n  cap tu re  engine won't r e i g n i t e .  An attempt 
was made t o  make t h e  p o s s i b i l i t y  of a  r e t u r n  us ing  a t t i t u d e  and c o n t r o l  
and t h e  hyperbol ic  speed a l ready  p r e s e n t  wi th  t h e  c r a f t ,  b u t  it was 
found t h a t  a  "Mars flyby" r e t u r n  t o  Ear th  was not  poss ib le .  Should t h e  
engines f a i l ,  t h e  mission i s  scrapped. F i f t y  r e l i a b l e  years  i s  nothing 
t o  t a k e  l i g h t l y ,  however. Engine f a i l u r e s  of t h i s  na ture  have y e t  t o  be 
recorded i n  recent  h i s to ry .  
There i s  a  func t ion  r e l a t i n g  mass and c o s t  d i r e c t l y .  The e n t i r e  
p r o j e c t  i s  broken down i n t o  two ca tegor ies  f o r  cos t ing  purposes: 
1) Funct ional  support  category- t h a t  c o s t  which inc ludes  such p r o j e c t  
d i v i s i o n s  a s  system support  and ground equipment, d a t a  development, 
management, f l i g h t  operat ions,  and da ta  a n a l y s i s .  These d i v i s i o n s  d e a l  
more with people and t h e  'b ig  p i c t u r e ' .  
2 )  Hardware r e l a t e d  category- t h a t  c o s t  which can be  d i r e c t l y  r e l a t e d  
t o  t h e  maintenance, t e s t i n g ,  development, o r  design of an a c t u a l  s i n g l e  
p iece  of hardware. 
Each subsystem and major end i t e m  component i s  analyzed s e p a r a t e l y  
f o r  t h e  l a b o r  hours it requ i res .  Since l a b o r  hours a r e  t h e  s p e c i f i c  
dependent v a r i a b l e ,  t h e y  a r e  used a s  a  decoupler  i n  t h e  n a t u r a l  
dependency of i n f l a t i o n  over t i m e .  Simply change t h e  hour ly  wage t o  
what i s  c u r r e n t ,  and t h e  f u n c t i o n a l  a lgor i thms  s t i l l  hold .  By and 
l a rge ,  each s p e c i f i c  c o s t  f o r  each s p e c i f i c  i t e m  i s  not very  accura te .  
But when taken a s  a  group sum, a  very good e s t i m a t e  of c o s t  can be 
obtained,  provided t h e r e  a r e  no major de lays  and t h e  schedule t h a t  is  
set is reasonable. The model is only as good as the data it8s based on. 
The model also separates each component into two categories: DEH 
or direct labor hours is the development and design of the component, 
and RLH or recurring labor hours is the fabrication and testing of each 
component. The reason for the separation is that now the model takes 
into account the savings incurred when an item can be purchased straight 
out instead of developed from scratch. The savings are as follows: 
METHOD OF ATTACK I 
SUBSYSTEM COPY 
MODIFICATION 
MODIFICATION 
FRESHLY DESIGNED 
SINGLE STAGE PROPULSION SUBSYSTEM 
dLH, RLH in 
kilohours 
DLX savings 
does not 
take into 
effect the 
purchase price 
however. 
ED- encounter 
duration 
MD= mission 
duration 
propulsion m=12,950 structure mm1240 
DLH= 56.1878 (3m) *4166 ~ 4 5 8 8  100%-cost-50%-2294 ~~~-1.626(4m).9046 -3581 
RLH= (3m) 9011 ~13662 RLH- 1.399 (4m) a7445 =789 
INSTRUMENT BUS 
propulsion m-20,2 92 structure m==356 
DLH- 56.1878 (3m) -5531 50%-2766 DLH-1.626 (4m) -9046 =f 158 
RLH= (3m) -9011 m20477 RLH= 1.399(4m) 07445 ~ 3 1 2  
data handling and communications m-104 
DLH= 4.471 (4m) la1306 24088 
attitude and control m=190 
DLH= 21.328 (4m) -7230 =2740 
RLH= 1.932 (4m)=1468 
science breakdown 
altimeter ma30 
DLH= 11.409(4m).9579 -1119 50%=560 
RLH= 1.2227 (4m) 1.2376 ~ 4 5 6  
remote sensing rn-59 
DLH= 25.948 (4m) ,5990 -685 
RLH- .790 (4m) .a393 =77 
SHIELD 
aerodeceleration module m=600 
DLH- 3.481 (4m) *a416 -2435 
RLH- 4.662 (4m) 95 1228 
CARGO BAY 
structure m=3530 
DLH= 1.626 (4m) -9046 19227 100%-cost=50%=4614 
RLH= 1.399 (4m) -7445 =I719 
computer control m-25 
DLH= eA14.2605 + 
02414 (4) (m) }=792 
antenna m=104 
~ ~ ~ = 6 . 0 9 3 ( 4 m ) l - 1 3 4 8 = 5 7 1 5  
RLH= 3.339(4m)=1389 
particle & field m==6 
DLHa25.948 (4m) -7215 -257 
RLH= .790 (4m) 1-3976 =67 
solar power ma48 
DLH= eA{3.9633+ 
00911 (4) (m) 15302 
RLH- eA{2.5183+ 
.02104 (4) (m) 1-705 
system support and grnd equip 
DLH-. 36172 (DLHHardware) -9815-0351 
Flight Operations 
DLH=(m~~~ardware) -6*.00804 (10.7MD+27ED)=ll66 
Lauch + 1 mos operations and grnd software 
DLH= .09808 (C DLH Hardware)=2736 
Science data development 
DLH= 27.836 (science mass) .3389=115 
Program Management 
DLH- .10097(2 DLH all categories).9670-3180 
Data analysis 
DLH=. 425 (Flight oper) -495 
Sum of all RLH=43724 Sum of all DLH-48030 
Sum of all labor kilohours = 91,754 
Conversion $10.45/hr 
Conversion total labor to total cost ~ 3 . 3  
Total cost for four spaceships, 3 fueled, saving 50% on some DLH totals 
for shelf purchases- $3,164,142,000.00 
RFP REQUIREMENTS AND COMPLIANCE 
The requirements as set forth by the RFP Spring 1988, as can be seen, 
have been met. The performance has been kept at the lowest possible 
energy leaving science and communication much room. Off the shelf 
hardware was used where possible, however in such a new endeavor much of 
the equipment had to be designed top to bottom. Most materials are 
available for use m, much less 1998. It is not limited to an aircraft 
payload, and t h e r e  i s  nothing p rec lud ing  t h i s  v e h i c l e  from v i s i t i n g  
another  p l a n e t  even, with only  minor modi f i ca t ions  f o r  r a d i a t i o n  and 
h e a t  (Venus i s  t h e  next  l o g i c a l  p l a n e t )  . An OTV r e t r i e v e s  t h e  
s p a c e c r a f t ,  s a t i s f y i n g  t h e  remote r e t r e i v a l  c r i t e r i a .  Three systems 
have been assumed t o  be f l i g h t  ready, while t h e  no f u e l  was c a l c u l a t e d  
i n t o  t h e  c o s t  of t h e  f o u r t h  c r a f t  t o  remain on t h e  ground. Our design 
Stresses s i m p l i c i t y ,  using mostly proven, r e l i a b l e  equipment a v a i l a b l e  
a l ready.  A s  f o r  a r t i f i c i a l  i n t e l l i g e n c e ,  t h a t  c r i t e r i a  must be answered 
by command/communications. 
The f lyby  t r a d e  study, I must admit, was not  much of a  t r a d e  study.  
The w e r e  v i r t u a l l y  no advantages whatsoever t o  t h e  flyby, a s  pointed  out  
e a r l i e r ,  s o  s e n s i t i v i t y  c r i t e r i o n  w e r e  never given a  chance t o  come i n t o  
play.  There r e a l l y  wasn't any. Orb i t s  around Mars were chosen by AACS, 
a s  h i s  r o l e  was t h e  manipulation of t h e  instrument bus. The p a r t i c u l a r  
e q u a t o r i a l  o r b i t  chosen a s  f i n a l  was a  r e s u l t  of much debate  weighing 
t h e  primary p r i o r i t y  of moni tor ing  t h e  a i r c r a f t  wi th  t h e  secondary 
p r i o r i t y  of mapping t h e  po les  of Mars. A s  can be seen by t h e  f i n a l  
choice made between science and aacs, t h e  a i r c r a f t  won a t  t h e  expense of 
a  p a r t  of a  sc ience  requirment. 
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ACRONYM PPS 
P ro j ec t  ACRONYM 
Power and P rop~ r l s i on  S~tbsy5tem IPPS) 
BY 
San j eev Dhand 
Abst rac t  
The Power and Propuls ion Subsystem 1PPS) f o r  P r o j e c t  
ACRONYM was designed w i t h  a  heavy emphasis on r e l i a b i l i t y  and 
a v a i l a b i l i t y  o f  components. For these reasons, an 
a i l -chemical  propuls ion system was chosen. Th is  system i s  
d i v ided  i n t o  two pa r t s .  The f i r s t  i s  a  l i q u i d  
hydrogen/l iqu.id oxygen, h i gh  t h r u s t  phase t h a t  i s  i n  
opera t ian  dur ing  Ear th  depar ture and Mars capture.  The 
second phase uses MMH and NTO t o  prov ide  o r b i t  maneuvering 
and a t t i t u d e  con t ro l .  The power system u t i l i z e s  r i g i d  s o l a r  
a r rays  and Nickel-Cadmium b a t t e r i e s  t o  supply the  r e l a t i v e l y  
low amount o f  power requ i red  by the  c r a f t .  The b a t t e r i e s  a re  
s ized f o r  a  geosynchronous o r b i t  about Mars. Throughout the  
design, r e l i a b i l i t y  and a v a i l a b i l i t y  a re  s t r ong l y  stressed. 
I n t r oduc t i on  
The Power and Frcrpulsion S~rbsystem (PPS) f o r  P r o j e c t  
ACHONYM i s  designed t o  meet the  requirements o f  the  subsystem 
f u l l y .  These requirements i nc l ude  sending telemetry t o  and 
accept ing commands from the  Command and Communication Cont ro l  
subsystem. PPS must a l so  be self-powered. I t  must sense 
such i n p u t s  as temperature and loads on i t s  components, and 
ACRONYM PPS 
it  m u s t  c o n t r o l  o u t p u t s  l i k e  power r e l a y s  a n d  valve 
a c t u a t i o n s .  J u s t  as  a l l  o t h e r  s u b s y s t e m s ,  PPS m u s t  m i n i m i z e  
c a s t  a n d  u s e  o n l y  t h e  t e c h n o l o g y  a v a i l a b l e  u p  t o  t h e  y e a r  
1998. S i n c e  t h e  i n s t r u m e n t  b u s  w i l l  b e  o r b i t i n g  Mars f o r  a t  
least  f o u r  y e a r s ,  a l l  c o m p o n e n t s  s e l e c t e d  m u s t  l a s t  a t  leas t  
t h a t  l o n g ,  b u t  n o t h i n g  s h o u l d  p r o h i b i t  them f rom f u n c t i o n i n g  
l a n g e r  t h a n  t h a t .  The c o m p o n e n t s  f o r  t h i s  s u b s y t e m  i n c l u d e  a 
power s o u r c e ,  e n g i n e s ,  t h r u s t e r s ,  t a n k s ,  p lumbing  a n d  v a l v e s .  
A clear method o f  a t t a c k  w a s  c h o s e n  f o r  t h i s  m i s s i o n .  
F i r s t ,  a n  estimate o f  power a n d  p r o p u l s i o n  r e q u i r e m e n t s  w a s  
made u s i n g  d a t a  f rom p r e v i o u s  m i s s i o n s .  N e x t ,  r e s e a r c h  a n d  
t r a d e  s t u d i e s  w e r e  p e r f o r m e d  t o  d e t e r m i n e  t h e  m o s t  f e a s i b l e  
s a u r c e s  o f  power a n d  p r o p u l s i o n  f o r  o u r  m i s s i o n .  T h e n ,  d a t a  
w a s  g a t h e r e d  f rom o t h e r  s u b s y s t e m s  t o  d e t e r m i n e  t h e  r e q u i r e d  
power a n d  t h e  d e l t a - v ' s  n e e d e d  f o r  t h e  m i s s i o n .  F i n a l l y ,  
c o m p o n e n t s  w e r e  s e l e c t e d  a n d / o r  d e s i g n e d  t o  m e e t  t h e s e  
r e q u i r e m e n t s .  T h i s  is o u r  c u r r e n t  p o s i t i o n  i n  t h e  m i s s i o n  t o  
Mars. N e x t ,  t h e  Power  a n d  P r o p u l s i o n  S u b s y s t e m  w i l l  b e  
t e s t e d  t o  d e t e r m i n e  a n y  f l a w s  t h a t  may e x i s t  i n  t h e  d e s i g n ,  
a n d  f i n a l l y ,  t h e  d e s i g n  w i l l  b e  i m p l e m e n t e d .  
P r o p u l s i o n  S u b s y s t e m  
The p r o p u l s i o n  s u b s y s t e m  f o r  t h e  Awesome C r a f t  R e a l l y  
O v e r s h a d o w i n g  N e x t  Year's M i s s i o n  (ACRONYM) w a s  d e s i g n e d  w i t h  
e m p h a s i s  on r e l i a b i l i t y ,  a v a i l a b i l i t y  o f  c o m p o n e n t s ,  a n d  cost  
e f f i c i e n c y .  C h e m i c a l  p r o p u l s i o n  o f f e r e d  a l l  t h r e e  
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characteristics if used in our transport mission to Mars. 
With over thirty years of space flight experience, chemical 
is clearly the most reliable source of propulsion for the 
ACRONYM. Also, since almost every spacecraft since the 
development of space flight has used chemical means of 
propc.tlsion, we will be able to use readily-avai lable, 
off-the-shelf hardware. This will also minimize the cost for 
the ACRONYM'S propulsion system. Although both electric and 
chemical means af propulsion were considered for use on the 
Earth-Mars Transport Vehicle (EMTV) and the instrument bus, 
chemical was chosen for both stages due primarily to its 
reliability and its feasibility for this particular mission. 
If electric-ion (law-thrust) propulsion was used, a very high 
amount of power would be required (approximately 300 EW),  
This would necessitate the use of a nuclear power source, or 
RTG's. I decided that since such a power source would not be 
available to us, an all-chemical propulsion system was more 
feasible. 
The system is divided into two phases. The first phase 
is used to escape from Earth orbit and to capture Mars orbit. 
The second stage is used for orbit maneuvering and attitude 
control as well as circularizing the orbit at Mars following 
the aerabraking sequence. The first phase, requiring higher 
delta-w's, uses liquid hydrogen and liquid oxygen, providing 
a higher specific impulse (460 sec.). This requires us to 
make the assumption that the space station is capable of 
staring these liquid fuels, The second phase use5 Monomethyl 
Hydrazine [MMH) and Nitrogen Tetroxide ( N T O ) .  These fuels 
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were chosen for their availability and reliability after 
being used on so many flights of the space shuttle. Another 
advantage of this combination is that it is hypergolic. 
The sizing of the propulsion system was performed 
beginning with the mass of the satellite bus at the end of 
the mission. This mass includes the bus structure, science 
instruments, communication instruments, and the empty tanks 
and thrusters. This mass was given as 1200 kg. Using the 
rocket equation : 
with I = 340 sec. and a cumulative delta-v of 3.0 km/s SP 
including AACS requirements, the mass of the propellant was 
calculated as 2020 kg.  By using a tankage factor of .06, a 
tankage mass of 120 kg is obtained. The instrument bus 
employs one large thruster for orbit maneuvers and several 
smaller thrusters for attitude control. Each thruster has 
two valves at the inlet to its combustion chamber, allowing 
us to operate each thruster individually. As shown in Fig. 
1, the second phase propulsion system is a pressure-fed, 
MMH/NTO combination. The helium tanks prevent evaporation of 
the liquid propellant and oxidizer and keep the fuel tanks 
pressurized. This bipropellant requires an oxidizer-to-fuel 
ratio of 1.6, resulting in 776.9 kg of MMH and 1243.1 kg of 
NTO. Using the densities of MNH (870.1 kg/m3) and NTO (1431 
kg/m3), the volumes were calculated for the tanks. These 
3 
volumes are 0.8929 m for MMH and 0.8687 m3 for NTO, The 
exact shapes of the tanks are given in the Structures 
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subsystem po r t i on  o f  t h i s  r epo r t .  
The s i z i n g  o f  the  f i r s t  phase o f  the  propu ls ion  system 
was accomplished once again by us ing  the  rocket  equat ion. 
Thi.s t ime the  f i n a l  mass inc luded the  inst rument  bus, 
payload, aerobrake s h i e l d ?  and the  second phase o f  the  
propuls ion system. Th is  mass was ca lcu la ted  as approximately 
8675 kg. The s p e c i f i c  impulse f o r  t h i s  phase i s  460 sec. 
According t n  MMPC and Aernbrake subsystems, the t o t a l  de l ta -v  
f o r  t h i s  phase i s  4.473 km/s. Th is  g i ves  us a t o t a l  
p rope l l an t  mass o f  14,720 kg. The ox id i ze r - to - fue l  r a t i o  f o r  
t h i s  combination i s  6, r e s u l t i n g  i n  12,617 kg o f  l i q u i d  
oxygen and 2103 kg o f  l i q u i d  hydrogen. Th is  t r ans l a tes  i n t o  
3 9.7283 m3 o f  l i q u i d  oxygen and 26.1336 m o f  l i q u i d  hydrogen. 
A tankage f a c t o r  o f  0.07 was used t o  determine the  mass o f  
the tanks as we l l  as the engines t o  be 1036 kg. As one 
source ind ica tes ,  "For l a rge  chemical propuls ion stages. . . the 
weight o f  the engines and c o n t r o l  systems can be inc luded i n  
the massless parameter" [Eabb 13) .  As ind i ca ted  i n  F ig .  2, 
t h i s  phase requ i res  the  use o f  two pumps. The hel ium tanks 
are once again requ i red  t o  prevent  vapor i za t i on  o f  the  l i q u i d  
fue ls .  
I n  summary, the propu ls ion  system i s  d i v ided  i n t o  two 
phases: the f i r s t  us ing  l i q u i d  oxygen and l i q u i d  hydrogen, 
and the  second us ing MMH and NTO (pressure-fed).  The choice 
af the  f i r s t  phase was based on the  h i g h  s p e c i f i c  impulse f o r  
the l a r g e  del ta-v,  as w e l l  as r e l i a b i l i t y .  The choice o f  
MMH/NTO f o r  the second phase was based on the f a c t  t h a t  bo th  
a re  s t o rab le  i n  space f o r  extended per iods o f  t ime. The 
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t a n k a g e  o f  t h e  f i r s t  p h a s e  is j e t t i s o n e d  a f t e r  Mars c a p t u r e ,  
Power S u b s y s t e m  
The Power S u b s y s t e m  o f  P r o j e c t  ACRONYM is r e q u i r e d  t o  
p r o v i d e  a n  u n i n t e r r u p t e d  s u p p l y  o f  power t o  t h e  s p a c e c r a f t .  
Due t o  t h e  r a t h e r  l o w  power r e q u i r e m e n t s  o f  t h e  s p a c e c r a f t ,  
t h e  c h o i c e  o f  a power s o u r c e  w a s  be tween  RTG's a n d  so la r  
a r r a y s ;  a n y  o t h e r -  s y s t e m  would w e i g h  t o o  much a n d  would  n o t  
be  f e a s i b l e .  The  b i g g e s t  a d v a n t a g e  o f  RTG's is t h e  c o n s t a n t ,  
s t e a d y  s u p p l y  o f  power t h a t  is i n d e p e n d a n t  o f  d i s t a n c e  f r o m  
t h e  s u n .  However,  o u r  m i s s i o n  w i l l  n e v e r  b e  more t h a n  1.54 
AU f r o m  t h e  s u n ,  a n d  t h e  d i s t a n c e  f rom t h e  s u n ,  t h e r e f o r e ,  
w i l l  n o t  b e  a n~ajor p r o b l e m .  A l s o ,  s i n c e  t h e  p o l i t i c a l  
s i t u a t i o n s  i n  o u r  c o u n t r y  g i v e  t o p  p r i o r i t y  t o  d e f e n s e ,  i t  is 
h i g h l y  u n l i k e l y  t h a t  a n y  HTG's w i l l  b e  a v a i l a b l e  f o r  o u r  
m i s s i o n .  T h e r e f o r e ,  s o l a r  a r r a y s  w e r e  c h o s e n  t o  s u p p l y  power  
t o  ACRONYM. 
D u r i n g  its o r b i t  a b o u t  Mars, t h e  s p a c e c r a f t  w i l l  a t  
t i m e s  b e  i n  Mars' shadow.  F o r  t h i s  r e a s o n ,  t h e  s p a c e c r a f t  is 
r e q u i r e d  t o  c a r r y  r e c h a r g e a b l e  b a t t e r i e s .  The c h o i c e  o f  
b a t t e r i e s  w a s  be tween  Nicke l -Hydrogen  a n d  Nickel-Cadmium. 
The b i g g e s t  a d v a n t a g e  o f  u s i n g  Ni-HA b a t t e r i e s  is a l o n g e r  
l i f e t i m e  a t  t h e  same d e p t h  o f  d i s c h a r g e  (DOD1. However,  f o r  
a m i s s i o n  l a s t i n g  less t h a n  t e n  y e a r s ,  Ni-Cd b a t t e r i e s  are 
o f t e n  c h o s e n  f o r  t h e i r  l o w  c o s t .  A l t h o u g h  t h e y  w i l l  o p e r a t e  
a t  a l o w e r  DOD, Ni-Cd b a t t e r i e s  w i l l  p r o v i d e  s u f f i c i e n t l y  f o r  
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our mission. 
According t o  one source, "Bus vo l tages  o f  100 t o  120 V 
are  being designated f o r  some spacecra f t  now, and w i l l  
probably be q u i t e  common i n  t he  l a t e  1980's and beyond" 
(Agrawal 3673. Since the  choosing o f  bus vo l tages i s  o f t e n  
based on a des i r e  t o  use of f - the-sh-e l f  hardware, a  bus 
vo l tage o f  110 V was chosen, Due t o  t he  h i gh  bus vo l tage,  a 
regulated bus i s  needed, Th is  i s  e s p e c i a l l y  t r u e  when the  
spacecra f t  comes ou t  o f  an ec l ipse ;  s ince  the c e l l s  a re  c o l d  
a t  t h i s  po i n t ,  the  bus vo l tage i s  expected t o  jump extremely 
h igh  (perhaps as h igh  as 200 V ) .  I n  order  t o  e l i m i n a t e  
s i n g l e  p o i n t  f a i l u r e s ,  a  dual bus was chosen. F igs.  3 and 4 
g i ve  v i s u a l  desc r ip t i ons  o f  the  power system f o r  P r o j e c t  
ACRONYM. 
I n  order  t o  s i z e  the s o l a r  a r rays  and ba t t e r i es ,  power 
requirements were obtained from each subsystem. The 
reqctirements f o r  F'FS a re  l i s t e d  along w i t h  requirements from 
the  o the r  subsystems i n  Table 1. The s o l a r  a r rays  were s i zed  
f o r  a  t o t a l  power requirement o f  600 Watts. Power 
f l u c t u a t i o n s  are  c o n t r o l l e d  by the  r egu la to r  shown i n  F i g .  3. 
The t o t a l  power requ i red  was obtained by us ing  the f o l l o w i n g  
equat ion r: 
?,to x - ItbabtL) t5 + 
t, +J*, 
where F;= power t o  load = 600 Watts 
t o =  t ime o f  o r b i t  = 24.623 hours 
ta= t ime i n  dark. = 1,2879 hours 
t 5 =  t ime i n  sun = 23.3551 hours 
r?.-. < pj 
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F'FS 
J = power i n  dark/power i n  sun = 1 
vL,= s o l a r  a r r ay  transmission e f f i c i e n c y  = 0.98 
qC= charger e f f i c i e n c y  = 0.95 
fib= ba t t e r y  e f f i c i e n c y  = 0.80 
ad= bat te ry - - to - regu la tor  e f f i c i e n c y  = 0.97 
fir= regu la to r  e f f i c i e n c y  = 0.91 
to= d i s t r i b u t i o n  e f f i c i e n c y  = 0.98 
This  g i ves  us a  t o t a l  s o l a r  power requirement o f  740 Watts. 
Assuming a  30% a r ray  degradat ion over the l i f e  o f  t he  
spacecraft ,  a  beg inn ing -o f - l i f e  power requirement o f  1054 
Watts i s  obtained. The area o f  the  s o l a r  a r ray  i s  ca l cu la ted  
by us ing the f o l l o w i n y  equation: 
where S a t  Mars = 575 W/m 2 
C ,  = so l a r  c e l l  packing f a c t o r  = 0.88 
e  = s o l a r  c e l l  e f f i c i e n c y  = 0.12 
& =  e f f i c i e n c y  drop = 0.005 
T = maxim~rm opera t ing  temperature = 50 % 
2 This  y i e l d s  an area o f  19.84 m , We s i z e  the  s o l a r  a r rays  a t  
2 20 m , and, a t  an a rea l  dens i t y  o f  2.40 kg/m2, we ob ta i n  a  
mass o f  48 kg. The s o l a r  panels a re  designed t o  be r e t r a c t e d  
dur ing  the  aerobraking sequence and dur ing  same o r b i t  
maneuver-s. D e t a i l s  o f  t h i s  f ea tu re  may be found i n  the  
S t ruc tu res  subsystem p o r t i o n  o f  t h i s  r epo r t .  
I n  order  t o  s i z e  the b a t t e r i e s ,  a  depth o f  discharge of 
40% was chosen. Th is  t r a n s l a t e s  i n t o  a  maximum of 
approximately 5000 discharge/recharge cyc les  f o r  Ni-Cd 
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b a t t e r i e s ,  o r  more than ten years o f  geosynchronous o r b i t ,  
Given t h a t  a  Ni-Cd c e l l  has an energy o f  36 WH/cell, we can 
c a l c u l a t e  the requ i red  s to red energy by: 
Stored Energy = ?t 
D O D  
where P = 740 Watts. Th is  r e s u l t s  i n  a  s to red energy o f  2383 
WH, Now, the number o f  c e l l s  requ i red  can be ca l cu l a t ed  
~ t s i n g  :
No. C e l l s  = 
~ t o r e h  &negn 
d ~ / c e - / /  -
Th is  y i e l d s  80 c e l l s .  The b a t t e r y  capac i ty  can now be 
ca l cu l a t ed  by using: 
Ba t te ry  Capaci ty = -?* 'A 
DOQ- Y- 
which g i ves  C = 21.66 hours. From Marshal l  Space F l i g h t  
Center data, we know t h a t  Ni-Cd b a t t e r i e s  have an energy 
dens i t y  o f  approximately 30 WH/kg. From t h i s ,  t he  mass o f  
the  b a t t e r i e s  can be ca lcu la ted  as 79.4 kg. However, t o  
avoid s i n g l e  p o i n t  f a i l u r e ,  F r o j e c t  ACRONYM uses completely 
redundant ba t t e r i es .  Thus, i t  c a r r i e s  160 c e l l s  and 158.8 kg 
o f  b a t t e r i e s .  
I n  summary, the power system uses s o l a r  a r rays  and Ni-Cd 
b a t t e r i e s  t o  supply power t o  the spacecraft .  No s i n g l e  p o i n t  
f a i l u r e s  are  poss ib le  w i t h  the  con f i gu ra t i on  designed f o r  
t h i s  system, I f e e l  t h i s  system w i l l  be able t o  p rov ide  
power f a r  much langer  than the  fou r  years o f  o r b i t i n g  
requi red.  
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PPS 
Although a thorough design s tudy was done, some problems 
remain unsolved. One o f  these problems i s  heat ing  o f  l i q u i d  
hydrogen and l i q u i d  oxygen du r ing  the  t r i p  t o  Mars. Another 
problem i s  the repeated deployment and r e t r a c t i o n  o f  the  
s o l a r  panels. 
Although the l i q u i d  f u e l  tanks are  protected by t he  
shadow o f  the aerobrake s h i e l d  du r ing  the t r i p ,  i t  i s  
d i f f i c u l t  t o  say what the  temperature w i l l  be i n  the shade. 
I f  the  temperature exceeds the  b a i l i n g  p o i n t  o f  hydrogen, the  
system w i l l  f a i l .  One poss ib le  s o l u t i o n  may be t o  p r o t e c t  
the  tanks w i t h  i n su l a t i on .  However, even the best  i n s u l a t i o n  
i s  n o t  pe r fec t ,  Perhaps, a r e f r i g e r a t i o n  system i s  poss ib le.  
Aerobraking i s  a r e l a t i v e l y  new idea, and new problems 
w i l l  a r i s e  from i t .  One such problem i s  the  repeated 
r e t r a c t i o n  and deployment o f  the  s o l a r  panels. To date, a l l  
s o l a r  panel deployment schemes have been designed t o  deploy 
the panels ance. I found no record  o f  any spacecraf t  t h a t  
was requ i red  t o  r e t r a c t  i t s  s o l a r  panels so many t imes. I 
know o f  no way t o  p r e d i c t  how aerobraking w i l l  a f f e c t  the  
s o l a r  a r rays  other  than ac tua l  t es t i ng .  
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F i g  1: Schematic diagram of  
second phase o f  propulsion 
system. 
F i g  2: Schematic diagram o f  
f i r s t  phase of propulsion 
system. 
- - . .--.- - - . - , .-  - 
T a b l e  I: Power Requirements 
; Command and Communication 214 Watts 
Control  
SOM R Science Instrumentation 100 Watts 
ARRhy A t t i t u d e  and A r t i c u l a t i o n  209 Watts 
Control  
FPS--4 v a l v e  actuators 40 Watts 
s o l a r  panel actuators  20 Watts 
583 Watts 
, F i g  3: Power system c i r c u i t  
' diagram. 
S O U R  
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F i g  4: Flow of  power i n  the  
power system. 
ORIGINAL PAGE IS 
OF POW QUALmY 
AACS 
Attitude and Clrti'cul a t  ion Control Subsystem MClCS) 
Project ACROHYH 
by  Russel S, Wenzel 
Group t5 
Resui reeents 
During the lifetime of BCRONYH, 
the Attitude and Articulation Control 
Subsystea lhACS1 sust be able to: 
- Send teieaetry to ,  and accept 
cowmands from the Coswand, Control, 
and Co0sunications (C31 subsystem. 
- Request power fro8 the Power and 
Propuision Subsystes (PPS1 . 
- Cont:ol outputs that  affect the 
spacecraft attitude, a l t e r  the scan 
platfore or antennae pointing 
positions and actuate any valve or 
thruster necessary for a t t i tude 
adjustrent, 
- Receive and rani to r  the sensor 
inputs fro8 the a t t i tude  reierence 
system components such as  gyros, 
accelerometers, s t a r  trackers, s tar  
scanners, or sun sensors. 
- Receive and @onitor the various 
actuator position encodings. 
- Receive and monitor the various 
valve actuation signals f ros  the fuel 
and oxidizer lines, and the thrusters 
theeselves. 
Yi ssi on Phase Breakdown 
Froa the perspective of the AACS, 
the ent i re  ACRONYPI contains three 
separate craft:  the EflTV (Ear th-flars 
Transport Vehicle!, the s a t e l l i t e  or 
instrusent bus and the PL (Payload 
Vehicle). Hence three different 
- 1 - 
at t i tude adjustsent scenarios are 
presented. 
Control Systea Selection 
EXTV 
I t  was decided early on that the 
EilTV would be three axis stabilized. 
Table 1 shows some essential merits 
of why t h i s  was so. I t  shouid be 
pointed out that t o  offset  the 
continual one-sided solar heating 
probiem that will occur during the 
transfer f l igh t ,  a slow specified 
ro l l  ra te  was considered as a 
possibi 1 i ty. Due to the added 
corplexities, however, and the 
existence of active and s i@e 
passive cooling techniques, the idea 
was soon discarded. 
Because of the EHTV's large size, 
i t  became apparent that  the 
introduction of a reartion wheel 
systea would be a considerable 
venture, even though it sight save 
fuel. Therefore, an a l l  thruster 
system ut i l iz ing a corbination of 38 
variously sized thrusters (Ref Table 
5, 91, with f u l l  saneuvering 
redundancy was designed. The 
expected pointing accuracy, by 
extrapolating on the a b i l i t i e s  of 
current technologies, i s  2 wad, 
which easily exceeds the 
coe~unications requirements of 8,188 
srad, due t~ i t s  dispersion angle 
(Ref Table !B?, 
The fu i l  EBTV hdC3 fuel budget, 
including pre- and post- aerobrake 
turn aanuevers, is given in Table 4. 
The total  knawn consueption is 49.362 
k! 1 in-transi t ranuevers uere 
estimated by the 'Leabeck 
Approxisation" Ennough fuel t o  turn 
the SC around once a day. Dther 
rates  for take-off and aerobraking 
were pureiy es t i aa te i ,  
SatellitelInstrument Bus 
Since the bus' cowputer 
essential1 y coesands the whole 
eission, and the E Y E  i s  three axis 
controlled, the s a t e l i i t e ,  logicaily, 
should be also. Design considerations 
veriiied that issucption, Due t o  its 
integration within the E?riV, the only 
feasible seans of solar array 
deployrent was by the i jd i t ion  oi 
panels. This ras a iogicai choice as 
only half the c ra f t  would be sunl i t  
anyway. So the panels becaae 
inherited in rhe s a t e l l i t e s  design, 
and ianediateiy spin and dual-spin 
stabilization techniques were 
discarded. 
To save thruster fuel,  and to 
look i n t o  the p ~ s s i b i i i t y  sf rore 
accurate and stable pointing, various 
other sethods of three axis  
R..?>' 
.... 
...., 
.... 
.... > ,
I.. ,:.:.:.j 
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stabilization schemes were also 
explored, Table 2 shows the various 
design trade-offs that  were 
cansidered. The OPTRANfPAC placesent 
on the sides of the s a t e l l i t e ,  for 
redundancy reasons, dictated that the 
face of the s a t e l l i t e  remain as  norral 
to  #ars as possible. The requireeent 
of orbit t ransferabi l i ty  and 
raneuverabili ty also dictated transfer 
simplicity, The resul ts  were that a 3 
axi s-momentum biased syster was 
chosen, However , thi  s requires some 
ground sensing, and thus we will 
assume that the Hars base i s  capable 
of detectinp and con troll in^ 
pitchlroil of the sa te l l i t e .  
A sajor s tab i l i ty  probler would 
have occurred in any of the previous 
Z-axis stabiiization aethods, had i t  
not been for  the addition of an 
IPPAiS-like (Integrated Pfatfore 
Pointing and Control Syster! s tab i l i ty  
platfore ut i l iz ing the technologies of 
the RHII si js isn.  The science 
subsyster required a s t r i c t  7.5 
microradianlsec j i t t e r  rate  saxiaun. 
The bus alone nould not be able t o  
neet t h i s  requireeent, but this new 
platform offers that capability. By 
incorporating high: y accurate rovepent 
sensing on the piatfore i t s e l f ,  and 
aechanically offsetting the potential 
probien by eicroactuating the 
platform, j i t t e r  ra tes  less  than 1E-7 
radians may be achieved, In essence 
then, the platfore becoees decoupled 
from the aovesents of the bus in 2 assueption i s  necessary t o  cake orbit 
DOF. transfers ut i l iz ing spin ups along 
The bus systea i t se l f  i s  rated t o  the principle aotaent of iner t ia  
have a sere 2 srad orientation easier. 
inaccuracies. When earth and aars Payload Vehicle (Ptl) 
are diaeetric with respect to  the 
sun, the focal point of the 
coaeunications 1 aser ni th earth would 
be offset some 117.4 earth radi i !  
Fortunately, the laser that 
OPTRANSPfiC u t i l i zes  has a 9.188 mrad 
dispersion angle: twice the amount 
necessary t o  offset t h i s  inherent 
problem. 
A propellent budget for the 
S a t e l l ~ t e  is given in Table 5, with 
reference t o  Figure 1. d couple of 
analytic resul ts  become obvious 
during the transfer f l ight  
developsent, i i r s t ,  by doing a 
Hoheann orbit transfer f i r s t ,  and 
then an equatorial orbi t  transfer,  a 
delta v savings of about 8.85 kels i s  
made in comparison t o  doing the 
procedure in  reverse. Secondly, by 
requiring the face of the s a t e l l i t e  
to  be norsal to  the surface of Nars, 
the s a t e l l i t e s  arrays n i l l  be offset 
soee 25degllrin ( the inclination o i  
the Hartian equator t o  its orbit) 
iroa the direct rays of the sun. 
This factor i s  taken into account 
when array sizing i s  analyzed [See 
PPS) . 
Finally, i t  will be assuaed that 
the reaction wheel inside the 
s a t e l l i t a  can be coapletely 
desaturated and shut off. This 
The Articulation control far the 
PV is substantially cruder than that 
of the EETY or bus. After s~para t ing  
with the instruaent bus in loner 
orbi t ,  the PV i s  s t i l l  dependent upon 
the Sa te l l i t e ' s  corputer ior lRCS 
instructions. A low-gain antenna 
coraunications link is provided for 
continuous contact a l l  the nay t o  
landing. The i i rger  f8lbf engines 
kick in, producing a ainirua delta v 
of 37.6 e / s  t o  put the PiJ into an 
e l l ip t ica l  orbit with a perigee just 
touching the fringe of flar's thin 
at~osphere. The priaary purpose oi 
the reentry AACS i s  t o  sake sure the 
shell points in  the direction of 
travel , -so atnospheric fr ic t ion won't 
fry up the jars  a ircraf t  cargo, This 
ni l l  be accoaplished by iepleeenting 
a crude guidance system soaewhat 
s i r i l a r  t o  the V2 rocket technology, 
i , e ,  a gyro senses a pitch, yaw or 
ro l l ,  and actuates t h r u s t f ~ s  located 
upon the PV. Coaaunications with the 
s a t e l l i t e  computer will then be 
required for f inal  entry actuation. 
ihus, until  the go ahead i s  giten, PV 
will have t o  aaintain s tab i i i ty  and 
attitude with t h i s  systza. ? ~ r  
details,  refer to  the Aersbrake 
section, 
System Confiauration 
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The Layout of the various AACS 
coaponents for project ACRONYH i s  
given in figure 3. During the 
transfer f l ight  from Earth t o  Rars, 
prior t o  the aerobraking sequence, a l l  
the sensor and control feeds n i l l  be 
sent, in their analog for#, direct ly  
t o  the computer in the bus section. 
Even af ter  the tank section i s  
dropped, the PV i s  s t i l l  dependent on 
the bus computer for thruster 
acquisition and charge detonation 
signais, Only nhen the PV has gone 
well into entry sequencing, is the 
PV's primitive articulation control 
systee on i t s  own. Thus, a l l  
actuation signals from the Tank or PV 
sections must be sent via umbilical 
cords or low - gain COB links. 
During the various phases of the 
AEBIINYH'5 sission, rany preprograaeed 
aodes will have to  be irplesented in 
the AACS portion of the computer. The 
particular aission rodes are given in 
Table 7. Each control mode really 
equates t o  a basic constituent of the 
total  AAiS system, and is broken down 
into the saal ler  c o n t r ~ l  modes shown 
in table 8. 
Every particular ARCS component 
chosen for the ACRONYR mission i s  
shown in Table 9 .  The sun sensors 
were chosen and placed t o  provide a 
369 degree f ie ld of view without array 
hindrance and capable oi narrowing 
donn place~ent  t o  accuracy good enough 
for gyro updating. Due to their  
proven re l iab i l i ty ,  and s i r p l e  design, 
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no backups have been utilized. 
Furthermore, due t o  the lack of a 
rotating platform during the transfer 
rission, an i~provised  solution was 
developed t o  allow s ta r  sensor 
placerent, By al ter ing the structure 
of the OPTRANSPAi platiorm, a s ta r  
tracker n i l l  be placed next t o  and 
sisuitaneously be pointed with the 
laser i t s e l f ,  This system provides 
equivalent pointing capabi l i t ies  of a 
scan platfore, and yet induces no 
additional c iut ter  t o  the bus 
surface, The s ta r  tracker i t se l f  
will be assured t o  have the 
capabilities of the planetary ASTRDS 
Gackers detailed in  Table 2, and 
thus help give t h e  en t i re  eission the 
expected pointing accuracy given in 
table 3. 
To sense pitch, r o l l  and yaw rates ,  
the ACRONYH will u t i l i z e  the l a tes t  
in gyroscopic technologies, The iORS 
(Fiber Optic Rotation Sensor) should 
be well proven by t99S on the Wariner 
dark I1 rissions, and offer a 
considerable improveaent in 
resolution, d r i f t  ra tes ,  poner 
consumption and sass, I t  offers f u l l  
redundancy in 3 -axis, and has a 
phenoaenal seantime between fai lures  
of 1$ years- easiiy meeting both our 
lifetime requireeents and s tab i l i ty  
sensing requiresents for the 
cosmunications system. 
The thruster systea, for providing 
corrective torques, is specified by 
type is Table 9. During the 
transfer,  up t o  the point o i  fuel 
tank separation, the PV and tank 
thrusters provide ful l  redundancy for  
a l l  corrective esneuvers. Takle 6 
shows a11 the thruster variations for 
pitch, ro l l  and yaw adjustrent. 
Thruster placement was dictated 
sostly by the Solar arrays. in order 
t o  prevent damage to the panels, a l i  
s a t e l l i t e  and PV thruster quads sere 
offset 45 degrees. When t h i s  
occurred, however, we found 4 of the 
s a t e l l i t e ' s  thrusters blasting square 
away on the OPTRANSPAC platfors. 
Fartunateiy, they were determined t o  
be redundant, and thus struck f ros  
the final design. The other four 
counterparts, a lso were found t o  
cause problems of plurage on the 
array. I t  was then determined t o  
lengthen the array stea a s iniaur  of 
b2 cm, and then reshape the s t e r  t o  a 
V-Shape, to  total ly  throw out any 
thrust reversing effects.  
Sizing was done b y  attempting t o  
equalize the moment contributions by 
\ 
each thruster about the center oi 
mass for a pitch axis r o t a t i ~ n  l i k e  
the is9 degree turnabouts for 
aerobraking, Ail the PV's thrusters  
were i n i t i a l l y  assumed to be the NASA 
51bi standard, and the other 
thrusters were sized  fro^ i t .  Siven 
the resui ts  from INERT for trajectory 
and aerobraking aodes, the 
corresponding -Sizes npre then found. 
The exceptions are PV RtL Sand&, as 
well as SAT RkL 3,4,7,8. (Re4 Table 
ACRONYH 
$1. These PV' were deemed necessarily 
larger for orbit del ta  v adjustment 
and insuring s tab i l i ty  during reentry, 
The SAT exceptions were sized for 
separation quickness. 
As noted on Table 9, the 
OPTRANSPAE contains its own platform 
pointing rechanism, s i e i l a r  t o  an 
observatory's 2 D.U.F. 
characteristics. I t  too, nil1 contain 
a aonentum compensation device, so no 
appreciable torque should be f e l t  by 
the EHTV or the bus. Actuation i s  
done digi tal ly  s t raight  from the 
corputer. 
The solar array actuators were 
sized and chosen t o  grant both 
controlled and continuous rotation 
characteristics for three r iss ion 
operating environments: t ransfer ,  
science orbit,  and stationary orbit.  
The rotation rates required were -852 
and ,884 deg/sec for the science and 
stationary orbits,  respectively. 
Design of such an actuator i s  
possible, especially in the advent of 
a high precision stepper driver as  the 
previously sentioned aicrostepper 
motor for the platform. I t  can be 
easily procured before 1998, and 
should consume less  that 5W and be 
about 5-18 kg, in accordance with 
toaays standards. 
The last  coaponent selected was 
the reaction nheel for the s a t e l l i t e ,  
I t s  raain purpose was viewed t o  insure 
the s a t e l l i t e  face would be norsal t o  
rar5, so both UBTRRNSPLC lasers  could 
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be facing either t o  earth or aars t o  
insure fu l l  redundancy purposes. 
The biggest rajor inhibitor of 
maintaining continuous alignaent, 
since both OPTRANSPLC p l  a t forrs ,  and 
the s tab i l i ty  platform contain their 
own momentur compensation devices, 
was the constant torque caused by the 
solar array actuators. As they spin 
around at  a maxiaur ra te  of 986 
ricroradianslsec in low orbi t  , they 
iapart a f r ic t ional  torque t o  the 
Sa te l l i t e ,  which is trying t o  spin at  
exactly the opposite spin rate. 
Sizing was then done assuring a 1.1 
sec morentum drain time ex is t s  on the  
wheel, while a constant torque is  
iaparted. The angular irpul s e  had t o  
equal twice that of the angular 
romentum offset of the  array 
actuators. The average torque was 
determined t o  be 8.145 Nm, and off 
the shelf hardware Has searched for  
to  meet t h i s  deaand. I t  was found 
that the Sperry reaction wheel met 
t h i s  description rather well, and i t  
was then introduced t o  the final 
design. 
Other Considerations 
Other possible problems confronted 
by the AACS was how t o  separate the 
PV-Bus combination so remote sensing 
could begin. In the case of tank 
separation of the EHTY, i t  was 
decided t o  separate by explosive 
charges a t  the joint, and let t ing the 
rain s a t e l l i t e  hotor blow i t  away 
during the aerobrake process. For 
the BuslPV separation, i t  is planned 
t o  rotate  the ship 188 degrees i n  
- opposition t o  the its aotion, f i r e  
the pyrotechnic charges, and then 
back off  the bus 15 meters by using 
four of its 51bf articulation 
thrusters. Tne acceleration profile,  
along with fuel sizing conf igurations 
i s  shown in figure 1. The process i s  
siow, but reiativeiy effective, a s  
very l i t t l e  orbit perturbation is 
anticipated. The PV will then have 
to wait close-by, saintain its 
attitude, and wait for the call  ~ T G I  
the Sa te l l i t e  co~puter  ior the go 
ahead t o  kick in  its engines, 
Problea areas 
As the final design numbers 
slowly caee in, i t  becase apparent 
that not everything is going t o  nork 
as nicely as planned. 
F i r s t ,  the center of mass of the 
bus was not located a t  the 1.8 meter 
aark through i t s  width, In fact ,  i t  
was offset 25 cr forward. This would 
appear t o  be due to  the addition of 
the s tab i l i ty  piatiora. Secondly, 
cross products of iner t i a  ?xist 
throughout the sission l i f e t i r e .  
This does not sake fuel consuaption 
very low, nor thruster placement 
alnays ideal. Final1 y ,  the piacement 
oi the OFTRRNSPRC (and hence the s t a r  
trackers also) behind the shield 
inhibits direct identification of 
Bars until  a 181 degree turnaround is 
established, as  well as  narrowing the 
FOV of the sun sensors. This 
placeeent problee could quite 
definitely present a problea for 
overall tracking ab i l i ty  on the way t o  
Hars. 
However, the technology is there, and 
the overall abi l i ty  of the AACS system 
t o  handle the mission is  quite good. 
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Table 1 EMTW Control System Trades 
Scale 5: Positive 2: Neutral 1: Negative 
Criteria 3 Axis Active S ~ i n  Stabilized 
Simp1 i ci ty Relatively (3) Complex (1) 
Point i ng accuracy Good (3) Good (3) 
Assuming Dual Spun 
Proven Interplanetary Y e s  (3) 
Techno1 ogy 
Procurement Costs 
Totals 
Fair (2) 
------- 
11 
High (1) 
------- 
6 
Table 2 Satellite 3-Axis Control System Trade-of+s 
Weight system: 5 = positive, 3 = neutral, 1 = negative 
All Thruster Momentum Bi ased CMG system 
Orbit Transfer - 4  
8( Shut-down 
Si mpl i ci ty 
Planet Facing 3 4 7 -2 
Fuel Savings 1 4 5 
Stability 3 4 5 
Dynamics 
Simplicity 
Long Term 3 
Reliability 
Totals ............. 19 24 
Table 3 Orbit Data 
Kepler's 3rd Law:. T = 
Her* = 4.305E13 ms/s2 
LOW Orbit Science Monitor Orbit) 
height = 350 km : r = 350km + 3393km = 3743 E3 meters 
T = 6,934.63 sec = 115.577 min 
w = 906.05923E-6 rad/s = 51.913 E-3 deg/sec 
v = r w  = 3.39138 km/s 
Awostati onary Orbit 
height = 17,069.83 km : r = 20462-83 E3 meters 
T = T(Mars) = 24hr37'22.668" = 88,642.2 sec 
w = 70.882 E-6 rad/sec = 4.016 E-3 deg/sec 
v = rw = 1.45845 km /s 
Tab1 e 4 EMTV AACS Fuel Budget 
E a r t h  Escape t o  post-Aerobrake Phases  
Manuever Max Masni t u d e  E s t ,  Fuel Mass 
[ka)  
Launch A t t i t u d e  90 secs a t  3.14 17.17 
Maintenance rad / l f i s  * 
Journey EI t t i tude  200.8 d a y s  a t  
Maintenance 360 deg/day 
Pre-del t a V  180 180 deg/60s  * 
Turnaround 4! Mars 
Pre-Aerobrake la0 180 deg/60s  * 
Turnaround 
Aerobrake A t t i t u d e  7 t i m e s  at 
Maintenance 180 deg/60s  * 
Post-Aerobrake, 
p re - separa t  i on 
tu rna round  
T o t a l s  ................................... = = . . . . .  49.362 k g  
V o l  = 0.05&7 ms 
* Est imated  t u r n i n g  rates 
Fuel Mass esti m a t i  o n s  w e r e  c a l c u l a t e d  by t h e  # a l l  owing d e r i v a t i o n :  
Hence, t h e  maximum amount is c a l c u l a t e d  by t u r n i n g  a long  a l l  t h r e e  
a x i s :  
Moments of I n e r t i a ,  and l e v e r  arms, , are given by INERT data f o r  
v a r i o u s  miss ion  p h a s e s  (see S t r u c t u r e s ) .  g e  = 9.8 m / s 7 ,  Isr = 340 
secs. 
* QWG~NAL PAGE rS 
Table 5 satellite Fuel Budget OF WOR Q U A L ~ T ~  
Aerobraking complete, 350 km-orbit height established 
Manuever Maximum Maanitude Fuel Mass (kg) 
Separation 0.673 m/s @ lmin 
N-S Station Keeping 11.8 m/s 
E-W Station Keeping Unknown IS 
Attitude Maintenance 19 Days 
Wheel Desaturati on 4.15 kgma/s 
Spin Up 30 rev/min * 
Hohmann Transfer 1.663 km/s - 
3,743km->20462.8km 
Spin Down 30 rev/min 
Reorientate 192deg35mi n 
I 60 secs 
Spin Up 30 rev/min 
Equatori a1 Orbit Transfer 0.632 km/s 
Spin flown 38 rev/min 
Reorientate 90 deg @ 15s 
N-S Station Keeping 4.9 m/s 
E-W Station Keeping Unknown 
Attitude Maintenance 4 Years + 
Resi dual 
Total ...................,............~.I...I... 
Vol = 
Faotnotes for Table 5: 
a) Reference Agrawal delta V = 2 V sin(Theta/2) 
= 2 V Pi/180 x i deg 
where i is the maximum allowable orbit inclination. 
Letting i = -1 deg, and substituting the values of V 
for the two orbit heights,' one obtains the answers 
given above. . I  -- 
b) Reference Agrawal 
Since the Magnetic Fields of Mars are not known to any 
sufficient degree of accuracy, JZ -- a vital parameter for 
the station keeping equations, is not either, and hence only 
an estimate may be applied. 
C) Wheel Desaturation 
Knowing the Angular Momentum of the wheel, and utilizing 
M=dH/dt=Fl, Impulse = m g e  Imp, 
m = H / (98 I m p  1) 
In this instance, H = 4.14765 kg ma/sec, = 9.8 m/sa, 1-P = 
340 s and 1- 1.5 m gives our result of .0083 kg 
d) Satellite Spin Up 
Derivation Simi lar as c) , except H '= I x angular rate. The 
value of I is found using INERT (see Structures) 
e) Hohmann Transfer  
L e t t i n g  i n i t i a l  r a d i u s  = 350km h i g h  = 3 . 7 4 3  E 6 m 
f i n a l  ( a r e o s t a t i o n a r y  o r b i t )  = 20.46283  Eb m 
and Mu = 4.305E13 m 3 / s 2  
one  o b t a i n s  
d e l t a  V = 1 . 6 6 3  km/s 
The t r a n s f e r  t i m e  is g i v e n  by T= 4- 
8 ~ 8  
and i n  t h i s  c a s e ,  
T = 2 0 , 1 5 6 . 6 5  s or 5.599 h r s  
Table  6: Thruster  Operation Modes 
EHTV PV & Bus Combined 
Function Coabination Function Combination 
Roll 
+ PV(R3&L8) ;PV(R4&L7) 
- PV (R7bL-4) ;PV(R8&L3) 
Pitch 
t TANK13&41 ;PVILf ,7&L?,4) 
- TANK(S&b);PV1RlI7&R2,4) 
Yaw 
+ TANK(Z);PV(R1,3ELI , 3 )  
- TANKll);PV(R2,8&LZI8) 
Roll 
+ ,PV (R3LL8) ; PV (RILl7) 
- PV (R7tL4);PV (R8LL3) 
Pitch 
+ SATlRl&RZ);PVIL1,7U2,4) 
- SAT(LlPL2);PV(R1,7&R2,4) 
Yaw 
t SAT(L2,5PR2,b);PVIL1,3&Rl ,3) 
- SAT(L1 ,ShR1,S);PV(L2,8&R2,8) 
Instrument Bus 
Function Combination 
Roll 
t SAT(R3tL3) ;SAT(Ri&Li) 
- SAT (R7tL7I ;SAT (R4tLb) 
Pitch 
+ SAT iR:ltR4i ;SAT(L7ti3) 
- SAT iR7fRi); SATfi3tLif 
Yaw 
t SATIRS) ;SAT[LZ) 
- SATlR2);SATli5) 
PV Alone 
iunction Coabination Function Combination Function Gosbinaticn 
Yaw 
+ PV [RSLL5) 
- PV (RSbLb) 
Where ; is an either/or conjunction and the , is  a conjunction L I I 'R ! 
Gm;c;gp;&L pk2C F", 
Table 4 AACS M i s s i a n  Modes <. f'b% ,.,- 
.*. . <, 
,: "4 p:".s: <;; ;j,g.,:. y?-;<9 ! 3; ....... A .  .  L -  , 8 a 
Earth Escape Hodes E-H Transfer Hodes Aerobrake Hodes 
Position Update Position Update Position Update 
Stabilize Health Update Reorientate 
Health Update . Gyro Update Stabilize 
Array Pointing Gyro Update 
Cora Pointing Health Update 
Array Retraction 
Stabilize 
Array Pointing 
Corm Pointing 
Separation 
TB Freouencx Purpose 
Position Update 
Stabilize 
Health Update 
Gyro Update 
Array Pointing 
Coem Pointing 
Reorientate 
Array Retraction 
Separation 
Reaction Wheel+ 
Platform Activate 
Orientate 
Desaturation 
Platform Shunt 
Continuousl y 
4s Reeded 
Continuous1 y 
Every 26 hours 
EHTV: 1 hr 
Bus: continually 
Continuousl y 
As called for 
As called for 
As called for 
As called for 
As called for  
Continuous1 y 
As called for 
Once 
As called for 
Oncelorbit trans 
As calied for 
Science ScaR Hodes 8reo-Assaul t Hodes 
Positionupdate k rayRet rac t ion  
Reaction Wheel+ Desaturation 
Platfora Activate Platform Shunt 
Array Pointing Spin Up . - 
Comm Pointing Tieing 
Drientate Despin 
Position Update 
Coma Pointing 
Reorientate 
Control nodes Called 
Eouatariai Hodes 
Spin Up 
T i  mi ng 
Despi n 
Position Update 
Reorientate 
Reaction Wheel+ 
Array pointing 
Coen pointing 
Orientate 
Pfatiorn Activate 
To Detwaine the current position Sun Acquisition, Hars Bcquisition, 
of the SIC and campare it t o  the Star Acquisition, Earth Acquisition 
preprogramred data. 
To insure that the actual path Fine Pointing, Ranwvering, 
coincides within the ideal trajectory Delta V t r i a  
To relay health and trajectory Fine Pointing 
telemetry t o  earth or aars base 
To recalibrate the FDRS gyro system Sun Acquisition, Hars Acquisition, 
after natural d r i f t  ra tes  overcome Star Acquisition, Earth Acquisition 
the pointing error. Fine Pointing 
To keep the arrays pointed a t  the sun Fine Pointing, Actuation 
To keep a t  l eas t  one OPTRANSPAC Fine Pointing, Actuation 
coaaunications laser pointed to  Earth 
or Nars s tat ions 
To turn the EXTV or the Bus through a Hanuever, Fine Pointing 
a specified angle i n  space. 
To retract  arrays for next aanuever k tua t ion  
To separate the vehicle into parts Actuation 
To i n i t i a t e  reaction wheel Actuation 
To induce platform self-control Actuation 
To aaintain s a t e l l i t e  normal t o  Hars Fine Pointing, Hanuever 
To slow down a rapidly spinning wheel Actuation, Fine Pointing 
To shut off s tab i l i ty  platform during Actuation 
transfer 
To spin up principal axis for transier actuation 
To wait for the duration o! transfer none 
To despin principal axis af ter  transfer Actuation 
Table 8 AaCS Contra1 Modes I "--ex 
Control nodes ibll  aode controls originate in node Control box) 
& 
Sun Rcqui si t i  on 
Earth Acquisition 
gars Acquisition 
Star Acquisition 
flaneuver ing 
Fine Pointing 
Actuation 
Delta V Trim 
Process 
input received f r o r  T H i A  f ros -d ig i ta l ly  converted coarse sun sensor; one i s  shunted; Cali sade t o  
CE for maneuvering t i l l  null position achieved; process repeats for fine sensor; Attitude i s  now 
reset i n  THA aeaory 
input received fror  TH/A l a s t  cal l ;  New position computed by updating a l l  previous gyro and 
accelerometer cal ls ;  OPTRdNSPAC cal l  t o  s tat ion verif ies ,  or controlled search ini t ia ted by C i  and 
DPTRANSPAC actuator pointing. 
Input received from THJA l a s t  ca l l ;  New position computed by updating a l l  previous gyro and 
accelerometer cal ls ;  OPTRANSPAC call t o  base verif ies ,  or controlled search ini t ia ted by  CE and 
DPTRANSPAC actuator pointing. 
Input received f ror  TH/A las t  cal l ;  CE c a l l s  OPTRANSPAC actuators t o  point trackers t o  l a s t  knonn 
position; Position is verified unless no signal t o  THlA i s  returned; H i  then activates X t o  f i r e  a 
controlled loop scan search of nearby area until  positive signal returned; h i t i o n  reset in  
Heaor y. 
Input received from either TH/A receiving unacceptable slew rates  fro@ gyros, or i r o r  pre-tined 
eanuever; Call eade t o  CE f w  correct thruster actuation; position updated on l / O C  and actuation 
signals sent t o  correct thrusters,  
input received froa TH/A l a s t  cal l ;  Call sent t o  CE for correct actuator seiection; 8iOG receives 
updates f ro r  la test  tracker cal l ;  upon unacceptabie variance CE ca l l s  actuators or thrusters t o  
either a l t e r  current condition or naintain i t ;  process repeats if necessary 
Input received fro, pre-timed ranuever in prograe rerory; call rade to  CE for correct actuation 
type and Pl/DC aonitors feedback signal and updates status. 
Input received from TH/A aonitoring digi t a l iy  converted gyro and acceleroaete: ra tes ,  cr from 
preprograsaed sequences; cal l  aade t o  GE which sends 8iDC the requested actuation; upon update and 
v e r i i i c a t i ~ n ;  'actuation signal are fedback to the main engines. 
T a b l e  9 Selected Compments and Placement 
Coroonent Number Pl acesent Perf or aance ?& Poner Di raensions 
FURS 2 Center Of Bus Brift Rate: 2E-4 degfhr lfl kg (18 # 1858 cub, in. 
Stability Platforr Rate Noise: 1E-5 deglsec 
Ang. Resol: 5E-3 arc-set 
BTBF : 18 years 
@ Adcole 060-B 2 
ATS Coarse Sun 
Sensor 
Adcoie SFPS 2 
[Standard 
Fine Pointing 
Sensor I 
i 
i Planetary ASTROS 3 
Star Sensor 
Perireter of bus 
98 deg offset of 
solar arrays 
both sides 
Periseter of bus 
98 deg offset of 
solar arrays 
next to OAO-0's 
One on stability 
platform; 
One on either 
OPTRANSPAC ~ d u i e  
FOV : 188 deg solid angle fl. 18 Ib None 1.9~1.9~1.3 in 
Accuracy: 2 deg at null 
Two axis 
Analog System 
FOV : +I- 2 deg/ axis Head: .88 2.2W Head: 22 cub in 
Accuracy: 5 arc set Elec: 1.76 Elec: 91.5 inA3 
Generates sun position in Head Ytg: 
two orthogonal axis 3.19 lbs 
Analog Syster 
Sensitivity (Hag): -2 - 6 8 kg 11 W 25xibxIb ca 
FOV: 11 deg x 11 deg 
Drift Rate: (.5 degfS 
Three Star simul taneous reas, 
with internal redundancy 
Standard b One on each of 3 Fine Sensing 3 kg 1 Y 18x5x18in 
Accelerometer axis in bus & PV Full Redundancy 
Solar Array 2 
Actuator . 
Thrusters 38 
5 I b i  28 
1.7 lbf 6 
1.3 lbf 8 
28 Ibf 4 
Sperry 15 1 
tHEAO) 
React ion Wheel 
Hounted on bus- Controlled and continuous 7 kg 5 W 28x28~48 ce 
array connection rotation rates, 15 Nm Torque, 
parallel t o  pitch 8.881 deglstep, 
b.8B4 deglsec- ,852 deg/sec 
continuous rotation 
Payload Vehicle Proven reliability 
PV RbL 3-8 
SAT L&R 3,4,7,8 
Tank Clusters To be tested 
Tank RbL 1-6 
Satell i te To be tested 
Sat RttL 1,2,5,6 
Payload Vehicle To be tested 
PV RbL 5,6 
13.8 I'as i5 W Various 
Ctr of Satellite 38 ft-lb-sec @ 2083 rpm 29.5 Ibs 115 W 14x!4x7,8 in 
Spin axis"a10ng Torque: 25 in oz (.175Nr) 
array axis 
Table  9 ( c a n t )  S e l e c t e d  Components and Placement 
Ccreoonen t - Nuaber Placesent Periormance P ! !  - Power Disensicns 
Stabi l i ty  1 
platform: 
FORS 1 
s icrostepper  1 
Planetary I 
ASTROS 
s ta r  tracker 
#o~entur  
compensator 1 
Sa te l l i t e  face Rigid Graphite Epoxy 50 kg None 2x2x0.815a 
J i t t e r  Rate: { i E-7 radlsec - 
Platform See above 10 kg (19 # 100% cub in 
behind Platforr 6490:i gear r a t i o  29 kg 10 # .2~.1~.i 8 
1 arcsecfstep 
6 deglsec slew ra te  
Platforsr See above fl k9 11 W 25x16~16 ca 
Platforelgicro- Able t o  counter any turning 2% kg 5 # 7 
stepper interface torques of the aicrostepper 
or bus j i t t e r ,  in  2 DOF. 
Mi th computer. 
Cosputer 1 Inside of bus Herory: enough for  science, See C3 See i3 See C3 
corrunications, and AACS 
needs labout bilk) 
AACS Input: Analog 
AACS Output: Digital 
HALS I~plementation 
DP? HANSPAC 2 Eeneath laser1 Hoaentum coepensated 
a c t u a t ~ r s  tracker dome 
See C3 See C3 See CJ 
Table  1 0  Expected P o i n t i n g  Accuracy for ACRONYM Miss ion  
Con#i a u r a t i  on Accuracy * N o t e s  
EMTV < 2 mrad wi th  Eased on M M I  I 
< 20 mradlsec r a t e s  techno1 agy 
assessment  
PV & B u s ,  Coupled < 2 mrad H i  gh accuracy 
still needed. 
< 2 mrad Based , on Earth 
< 1E-7 r a d / s e c  satellite d a t a  and 
jitter wi th  MMII estimates 
p l  at#orm 
opera t iona l  
Fipure 1 E q u a t w i a l  Orbit Transfer and Equation Development 
-F- 
Fiaure 2 Hohmann Transfer F i r e  Up Parameters 
. . 4- ---- Td' NK - 3b0° 
= &,%" 
\V * \wO t& ..I z&Cl.SS0 
- % / U, - zeo .W 1 5\.9\a37 E-. 01- 
-. 
Trans+er must begin  260.95 degrees  a f t e r  last  Mars base  c o n t a c t .  
This is equiva lent  to 5026.67 sec = 83 min 46 sec. 
Fiaure  4 Acceleration Pro f i l e  and Derivatian for Bus Separation 
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AAE 241 FINAL DESIGN REPORT 
STRUCTURAL SUBSYSTEM 
GROUP #5 
JEFF BRADSHAW 
REQUIREMENTS 
. . the structural deslqn tor the Earth-Mars Transfer Vehicle !E-MTV) meets the three 
f oi 1 owlng requirements: 
1. To provide support to components 
2. The iayout of components meeting specified requirements 
3. Thermal control of spacecraft 
The components needed to meet the requirements are as follows: 
1. Materials 
2. Fabr lcat ion 
3. Thermal control components 
Structural Design and Component Layout 
This structural layout of the components was primarily affected bv the fact 
that the E-MTV would aerobrake through the atmosphere of Mars. This fact required 
the structure and the components to be placed safely behind the aerobrake shield. 
Wlth the primary fuel jettisoned, the placement of the components is shown in figure 
2.1. This drawins shows the configuration of the E-MTV during the aerobrake stase. 
The solar panel s are folded In and turned, while the science instruments are safely 
stored on the plate of the bus. These instruments will be activated immediately 
after aeroDraklng when the satellite separates away from the payload bus. This 
immediate separation was required in order for the science instruments to determine 
the viability of the predetermined landing site. The intermediate conical shell is 
p~sitl~ned between the payload capsul e and the re1 ay satel 1 ite until their 
separation. Thls conical shell was instilled into the design to give the 
communications system and the solar panels enough distance from the payload capsule 
0WGINAL PAGE 
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t o  operate e f f ec t i ve l y .  The room i n  the conical she l l  was used t o  s to re  the science 
instruemtns u n t i l  they were needed and t o  provide a space f o r  the ex t ra  components 
t h a t  were needed on the  pay1 oad capsule. The E-MTV s t ruc tu ra l  conf igurat ion a t  
i n i t i a l  launch i s  shown i n  f i gu re  2.2. The components of the mission are l i s t e d  i n  
de ta i l  i n  tab le  2.1. The components were placed on the E-MTV according t o  t h e i r  
requirements. The placements and the masses of the  components, along w i th  t h e i r  body 
moment of i n e r t i a s  were entered i n t o  the i n e r t  program t o  f i gu re  the t o t a l  i n e r t i a  
matrix and center of mass. These i n e r t i a  tensors are given on the f i n a l  page of t h i s  
s t ructura l  design repor t .  
The payload capsule was designed t o  u t i l i z e  the  space behind the shield.  This 
was accomplished by s to r ing  the a i r c r a f t ' s  seven meter a i r f o i l  segments w i th  t h e i r  
major lengths transverse t o  the  E-MTV's long i tud ina l  axis. This payload 
conf igurat ion i s  shown i n  f i gu re  2,3. The small components of the a i r c r a f t  are t o  
be stored i n  two crates. This design gave t he  E-MTV a center of mass tha t  was j u s t  
behind the sh ie ld  a f t e r  je t t i son ing  the fuel tanks. This f ac t  gives the vehic le  
inherent s tab i l  i t y  during aerobraking . The cy l  i nd r i ca l  capsul e i s  optimal f o r  
f i t t i n g  the payload closest t o  the shield.  The aerobrake sh ie ld  i s  supported around 
the outside of the payload cyl inder.  The two s t ructures are attached by two r ings.  
One r i n g  1s connected on the outside of the payload capsule while the other i s  
implanted i n  the  sh ie ld  a t  the proper raduis  of 7.6 meters. The two r i ngs  separate 
by pyrotechnlc devlces, as do the r i ngs  jo ing  the other separable structures.  
BUS GEOMETRY 
The consistent use of the cy l i nd r i ca l  shapes of  the  E-MTV was chosen because of 
i t s  ease t o  in tegrate  the d i f f e ren t  separating structures.  The stress analysis i s  
much simpler since the  forces of accelerat ion f low through the outside she l l s .  The 
analysis of these forces i s  given i n  the mater ia ls section, The components of the 
mlssion are mounted on t h e  s h e l l s  and t h e  p l a t e s  t h a t  enclose t h e  s h e l l s .  Th is  
geometry forms a very simple and p r a c t i c a l  s o l u t i o n  t o  l a y i n g  out  t h e  components. 
The layout  o f  t h e  components are  shown i n  f i g u r e  2.3 and 2.4. F igure  2.3 shows t h e  
different con f igu ra t i ons  o f  t h e  components ~ n s i d e  and outs ide  o f  t h e  s a t e l l i t e  bus. 
The components a r e  a l l  s p e c i f i c a l l y  requ i red  by t h e  o the r  subsystems and can be 
Sound 1 l s t e d  I n  t a b i  e 2.1. The f i n a l  c o n f i g u r a t i o n  o f  t h e  re1 ay sa te l  1 i t e  i s  a1 so 
shown i n  f i g u r e  2.4. 
UEPLO Y MENT ISSUES 
The depl oyment o f  t h e  so1 a r  panel s a f t e r  t h e  i n i t i a l  vel o c i t y  change w i l l  be 
completed by ac tua t ing  an extendable mast which l i f t s  t h e  hinged s o l a r  panels away 
from t h e  bus, These panels a re  actuated back i n  near t h e  bus before  any v e l o c i t y  
changes. They a r e  turned across the  main axis of t h e  bus dur ing  t h e  aerobrake stage 
t o  increase t h e  d is tance between t h e  outer  edge oQ t h e  s o l a r  panels and the  
d ~ s t u r b a n c e  wake from t h e  s h i e l d  dur ing  t h e  aerobrake stage. The magnetometer i s  
deployed i n  t h e  f i n a l  o r b i t  and i s  extended 5.25 meters away from t h e  bus. Th is  
extensron i s  accomplished by th ree  ac tua t ing  j o i n t s .  
The materials chosen f o r  t he  E-MTV she1 1s and p l a t e s  were t h e  r e s u l t  of 
ana lys l s  performed on several poss ib le  cholces. The ana lys is  r a t e d  t h e  ma te r ia l s  i n  
t h e l r  a b i l l t v  t o  meet several d i f f e r e n t  needs i n  t h i s  design. 
, ,: 
C.. .; 
The~matl 
Low Low Conduction Longitudinal 
Cost Machinabl il ity Density Capabilities Strength . 
............................................................................. 
A1 uminum 5 5 4 5 
A1 1 oy 
Graphite 2 4 
Epoxy 
Titanium 1 4 2 2 5 
Boron / 4 5 4 2 5 
A1 um i num 
............................................................................. 
This analysis led to the selection of aluminum a1 loy as the main material for 
the E-MTV. One of aluminums best characteristics is its ability to conduct heat to 
the colder parts of the E-MTV. This will be discussed in the thermal control 
section. 
To calculate the thickness needed in the shells, a force analysis was done 
using an equation relating critical buckling stress of shells to its thickness. For 
the re1 ay b u s ,  a cal cut ated 1 oad of 168,000 to 360,000 newtons of force may act 
through its shell during the initial acceleration. Using the equation: 
critical load = 1.2(pi)~t2 
a value of . I  cm is found to be the thickness at which the relay bus would buckle. 
Using a thickness of .3 cm would assure a stable she1 1 during accelerations. 
Similar analysis were done on the conical shell using the equation: 
critical 1 oad = .3~?4(~i ) ~ t ~  (cos a1 pha)2 
These equations determined the thickness of the shells needed and the 
corresponding masses. A thickness of .3  cm was used around the E-MTV except 
for the conical shell which needed a thickess of .4 cm. 
The m a t e r i a l s  needed f o r  t h e  aerobrake s h i e l d  must be able t o  wi thstand h i g h  
tem~era tu res .  Carbonlcarbon composites can e a s i l y  p rov ide  p r o t e c t i o n  up t o  
temperatures o f  2000 K .  Carbon/carbon (cc)  composites were chosen over ceramic 
composrtes because of t h e i r  5(:1 percent decrease i n  dens i ty .  The problem of  
oxlciat ion of t h e  cc would be minimal dur ing  t h i s  mission. 
THERMAL CONTROL 
Wlth 1300 bJ/f120f so la r  energv reaching t h e  E-MTV a t  Earth,  and 
bi:!r:) l4/mZ a t  Mars, t he  E-HTV w i l l  have r e f  1 e c t i v e  mu1 t i 1  dyer insu l  a t  i o n  t o  reduce t h e  
amount of energy absorbed l n t o  t h e  a1 uminum shel 1 s.  The aluminum shel l s w i l l  
conduct some o f  t h e  energy t o  t h e  co lder  s ide .  To maximize the  amount o f  heat 
t r a n s f e r  between t h e  warm and c o l d  s ide,  a h i g h l y  emissive 
black p a i n t  w i l l  be coated on t h e  inszde o f  t h e  shel 1s. This p a i n t  w i l l  t ake  heat 
from t h e  warm s h e l l  and r a d i a t e  l t  across t h e  i n s i d e  of t h e  s h e l l .  
This passlve con t ro l  w i l l  s a t i s f y  most thermal requirements. The components 
wnlcn requr re  r a p i d  heat d i s s i p a t i o n  are  equipped w i t h  heat pipes, The thermal 
con t ro l  o f  t h e  1 i q u i d  fue l  dur ing  t h e  t r i p  t o  Mars w i l l  be accomplished by a c t i v e  
components f l g u r e d  rn  w i th  t h e  fuel  tanks. 
COMPHTIBILITY AND ASSEMBLY 
The space s t a t r o n  remote manipulat ion device trmd! w i l l  be ab le  t o  con t ro l  t h e  
constructed E-MTV by a grapple p lace on t h e  s h e l l  o f  t h e  fue l  tanks, This grapple 
i s   laced d i r e c t l y  on t h e  outs ide  of t h e  E-MTV a t  t h e  center  of mass. Th is  l o c a t i o n  
i s  shown i n  f i g u r e  2.2 .  The same grapple w i l l  
be used by t h e  rmd on t h e  space s h u t t l e .  The components of t h e  mission w i l l  be 
c a r r i e d  t o  t h e  space s t a t i o n  by t h e  space s h u t t l e  i n  t h e  manner shown i n  f i g u r e  2.5. 
The trctnions shown on the  she l l  housing t h e  f u e l  tanks can be adapted t o  f i t  i n t o  
the shu t t l e  cargo bay using attachment numbers 144,198 and 225. The bus w i l l  be 
supported by the  fue l  tank sect ion underneath i t .  
The remaining cargo capsules w i l l  be constructed t o  the dimensions shown i n  Sigure 
2.5, These dimensions are the minimum needed t o  t ranspor t  the remaining cargo t o  
the  space s ta t ion .  
Assembly of  the E-MTV w i l l  requ i re  p len ty  of  area aboard the  space s ta t ion .  
The E-MTV should be constructed from the r e a r  t o  the  f r o n t  of the c r a f t  w i th  the 
sh ie ld  being formed and f i t t e d  l a s t .  
Instrument bus Fay 1 oad Capsul e Fuel Tanks/Support 
............................................................................. 
Stab1 il i z  i n s  p 
Science p l  a te  
Ex tending Hods 
1 a t f  orm 
AAC e lec t ron ics  
Rear support p l  a te  
2 - Communication 
2 - Solar arrays 
2 - Extendabl e masts 
4 - Fuel tanks 
1 - Magnetometer 
4 - Thruster packs 
10 - Science 
components 
1 - Momentum wheel 
1 - Gyroscope pack 
6 - Accelerometers 
1 - Computer 
1 - Tape Dr ive 
1 - Mu1 t i p 1  exer 
2 - Sun sensors 
2 - Sol a r  Array 
Actuators 
2 - Star t rackers  
1 - Thrust cone 
1 - Low gain rad io  
Front a i r f o i l  pieces 2 - H2 tanks 
Rear a i r f o i l  pieces 2 - 02 tanks 
Fuse1 age 2 - Thruster packs 
Crate #1 Support s t ruc tures 
(Electronics,  
sol  a r  cel i s ,  1 asers) 
Crate #2 
(Mechanical par ts )  
2 - Hear f i n s  
Cyl i nd r i ca l  shel 1 
Front  and Rear p l a t e  
Conical shel 1 
Parachute can is ter  
2 - Gyroscopes 
2 - Fuel tanks 
2 - Bat te r ies  
Landing gear 
Aerobrake sh i e l  d 
4 - Thruster packs 
ORIGINAL 1s 
OF QUALITY 
JEFF BRADSHAW 
GROUP 5 
P A L O A D C A P S U L E  
C O M M U N I C A T I O N S  
4. 
6.55 m N- 
C O M P O S I T E  
SOLAR PRNELS (FOLDED) 
JEFF BRROSHAW 
GROUP 5 
JEFF BRADSWAW 
GROUP 5 
7.6 m 
1 1 AIRFOIL SECTIONS k_ m 
EQUIPMENT 
-+I I 
CONTROL AND 
LANDING FUEL SEM I-SPHERICAL 
STORED PARACHUTE AEROBRAKE SHIELD 
RETRO ROCKETS 
AND LANDING 
RADIUS= 4.75 m 
1 NTERMED I ATE 
HOLLOW SHELL 
SCALE 
PAYLOAD CAPSULE H 
1 m 

RIRCRflFT'S 
WINGFOILS 
3x3.25x6.8 
JEFF BRADSHAW 
GROUP 5 
- RELAY SATELLITE 
3 m radius 
4.25 m radius 
SHIELD, 
1'2 SHUTTLE TRIPS REQUIRED 
UTTLE COMPATIBILITY 
* Components 
The ~3 will require three components m per the 
These three components are: 
Computer 
* Radio 
Antenna 
The requirements pertaining to  the selection of the radidantenna are listed as follows in order of 
importance: 
1. Stress simplicity, reliability, minimum mass and low cost. 
2. Should not use materials or techniques expected to be available 
after 1998. 
3. Should use off-the-shelf hardware where available. 
4. Should have a minimum design lifetime of four years. 
Two different radidantenna packages were looked a t  for the E-MTV. They were the radiolantenna 
package used on Voyager and an optical radidantenna called OPTRANSPAC &tical m e e i v e r  
k k a g e ) .  The following list is a comparision between the two packages. 
COM(PA.R.ISION BETWEEN VOYAGER ANTlENNA 
AND OFTRANSPAC FOR USE ON THE E-NPrV 
Voyager OPTRANSPAC 
Antenna 
Dimensions (m) 
Frequency 
Uplink Rate (kb s) 
'& Downlink Rate ( bps) 
Antenna Gain (dB) 
Transmission Efficiency 
Space Loss (dB) 
Power (Watts) 
Weight (kg) 
3.7 diameter 
parabolic dish 
X-band 
8450 MHz 
10 
na 
48.0 
62% 
301 .O 
a0 
na 
Visible laser 
5.64 x 1014 Hz 
100 
1 
155.42 
70% 
-390.96 
57 
52.2 
Both of these packages satisfied the RFP requirements. Even though the Voyager radiohntenna has 
already been space tested and has the lesser of the two power requirements, the OPTRANSPAC was 
chosen because of the much higher transmission rate and the reduced size. The reduced size has the 
advantage in that it is much less bulky and easier to guide. Also shielding a parabolic dish from the 
high temperature encountered during aerobrake and high velocity space particles would be more 
difficult. Another factor in chosing the 0 PAC was the fact that its beam divergence was much 
Ashby, My .Jones, 13; Engineering Materials 1,Pergamon Press, 1987. 
61 ankensh ip , C ; Teichman , L ; Advanced Material s Techno1 ogy ,Nat ional 
Aeronautics and Space Administration Publication 2251, 1982. 
Agrawal, B;Desisn of Geosvnchronous Spacecraft,Prentice-Hall Inc.,1986. 
A1 len, D; Haisl er, W; Aerospace Structural Analvsis, John Wiley & Sons, 
Inc., 1365 
Electro-Optics Assembly C25.861 (11 .O) 
Telescope Assembly 
Imaging Optics Assembly 
Optics Baseplate 
Dust Covers 
Light Tube 
Optics Components 
Wire/Connectors/Fasteners 
Laser Assembly 
Structure 
Optical Bench Assembly 
Diode Array Assembly 
Detector Assembly 
Earth Tracker 
Head Assembly 
Electronics 
Electronics [18.60] 
Communications Electronics 
Circuit Boards 
Mother Board 
Wire/Comectors 
Structure 
Control Electronics 
Circuit Boards 
Mother Board 
WireKomectors 
Structure 
Power Conditioner Assembly 
Modules 
Wirdconnectors 
Structure 
WireKonnectors 
Support Structure 
Miscellanous Structure 
----------------------------------------"------------e-------------------------"------------------------"--------- 
Total 51.17 57 
Two O I P T ~ S P A C ' s  will be mounted on the E- . They will be placed diametrically opposite to 
each other at ninety degree angles from the solar panels as  shown in Fig 2. 
OPTRAN SPAC 
INSTRUMENT 
I I 
OPTRAN SPAC 
Figure 2 
In addition to the redundency, they allow an almost full sperical field of view for communication 
purposes. If one of the units should fail, the other will be able to takeover with a slight bit of spacecraft 
manuevering. The only restriction of the field of view of the OPTRANSPAC's is the aerobrake shield 
in the front and the fuel tanks in the rear. In Fig 3, you can see one of the OPTWSPAC's  mounted on 
the instrument bus. The aerobrake shield causes a 37 degree 'blank spot" on the aerobrake shield side 
of the E-MTV and a 24 degree "blank spot" towards the rear of the E-MTV. This will not be a problem 
for the majority of the mission. 
Figure 3 
From Mars, there will be an 8.64 mickradian divergence of the beam. This will be sufficient to ensure 
accuracy of pointing the beam towards Earth. Fig 4 shows the E-MTV orientation for the 
OPTRANSPAC pointing during Earth departure and 
 
Mars amval. 
EARTH DEPARTURE M A R S  ARRIVAL 
-4 
As we leave Earth, one of the OPTRANSPAe's will be pointing towards Earth. Somewhere en route to 
Mars, the Earth will actually pass Mars causing a temporary communications blackout since the 
shield prevents any transmission directly ahead of the spacecraft. As we approach Mars, however, the 
-- 6 -- 
E-MTV will be rotated 180 degrees in order to fire the engines to achieve an elliptical Martian ohit. 
During aerobrake, there will be another communications blackout due to high temperatures and 
perhaps ionization of the atmosphere sukounding the E-MTV. bUter aerobrake, the E-MTV will be in a 
low Mars orbit of about 350 nautical miles above the surface for mapping purposes and the viability of 
the predetermined landing site for the payload. At this point, the payload will separate from the 
instrument bus. However, it will remain in orbit only a short distance from the instrument bus until it 
reaches a signal from the instrument bus via a low gain radio to commence reentry procedures. 
During this time, the E-MTV will be orientated as shown in Fig 5. In this position, one of the 
OPTRANSPAC's could be relaying data to the Mars base while the other will be relaying the same data 
to Earth. This will be an on-and-off process as both the Mars base and Earth will be out of view for long 
periods of time during each orbit. 
INSTRUMENT BUS \ TO EARTH 
OPTRANSPAC' 
-C-- 
__bC, LOW 
/- MARS 
*/--- ORB IT 
Instruments 
M A R S  
Figure 5 
After receiving the go-ahead from the Mars base, the instrument bus will send a signal to the payload to 
commence reentry. At this point another burn will carry the E-MTV to a stationary Martian orbit above 
the base. After the aircraft has been assembled, the instrument bus will then commence 
communications with the aircraft. The orientation will be similiar to that in Fig. 5 except that the 
instrument bus will be in a synchronous Mars orbit and i t  will be communicating with the Earth and 
the aircraft. Communications with Earth will be not be able to take place each time the E-MTV is 
situated such that Mars is between it and Earth. Every time this happens, all data to be transmitted to 
Earth is stored in a data storage device until communications are possible once more. This will be 
controlled by the onboard computer explained in the next section. This concludes the &tdia/Antenna 
implementation phase. 
The selection of the computer was based on several Werent  criteria They are listed in order of 
importance: 
1. System Capability 
Memory: This included both the amount of memory physically 
installable in the computer and the amount of memory addressable by 
the central processing unit. 
Input/Output: This consisted of whether the computer had DMA 
(Direct Memory Access), and if so, what was the DMA rate. I t  also included the 
amount of inputloutput terminals and the type (analog.digita1). Lastly, this 
category included computer speed in kilo-instructions executed per second (KIPS). 
2. Radiation Tolerance: There are several types of radiation hazards faced by spaceborne 
components, but the one of primary importance used is total dose capability. For 
most space missions, lo4 Rads (Si) is often considered a minimal total dose 
tolerance. Another type of radiation hazard experienced by spaceborne computers 
is the single-event upset (SEU). This is usually expressed as errordbitlday for 
a particular orbit or position in space. The SEU occurs when a high energy atomic 
particle causes a bit in the microprocessor or memory chip to flip. The amount of 
damage caused could be hardly noticable (e.g. in a data RAM chip) a t  best to 
catastrophic (e.g. in an important line of code in the CPU logic) a t  worst. 
3. Weight and Size: This had a direct effect on the amount of fuel used and the placing of the 
computer in the instrument bus. Therefore, minimizing both weight and size was 
desirable. 
4. Power Consumption: This is a difficult category to compare since the power 
consumption in a computer usually depend on the size of memory and the 
microprocessors used. For this particular comparision, above 100 watts was cause 
for rejection. The following is a list of several computer packages which met the 
specific requirements for this mission. 
C ION OF COMP S 
Model CPU speed RAM access Size/type of 
(KIPS) (nanoseconds) RAM chips 
.......................................................................................................................... 
DELCO M372 590 180 16K SANDIA 
DELCO M572 
Magic V 
GENERAL 
ELECTRIC 
IBM 1750A 
AVIONICS 
Litton ATAC 
AVIONICS 
700 180 16K RCA 
550 300 16K RCA 
500 180 16K RCA 
RCA SCP 530 170 16K RCA 
TELEDYNE 750 550 150 16K SANDIA 
TRACOR 
RH 1750A 
400 200 16K SANDIA 
McDomell Douglas 2000 na  256K GaA chips 
...................................................................... 
...................................................................... 
Model Power Weight Size 
(Watts) (kg) (cm3) 
......................................................................................................................... 
DELCO M372 126 23.6 24352 
DELCO M572 
Magic V 
GEMERAL 
ELECTRIC 
IBM 1750A 
AVIONICS 
Litton ATAC 
AVIONICS 
RCA SCP !26 15.0 24919 
TELEDYNE 750 197 35.4 31715 
TRACOR 
RH 1750A 
McDomell Douglas n a  25 4719 
...................................................................... 
...................................................................... 
The McBonnell Douglas 32-bit vector processor was a latecomer in the selction. However, it ended 
up being chosen for this particular application for many reasons. Among them were its superior speed 
and smaller size. Another reason was because this particular computer package is extremely 
radiation resistance. I t  was resistant to radiation amounts of up to  lo8 rads. This is well above the 
minimum required for this mission. I t  uses eight 32-bit processing elements connected in parallel for 
an effective clock rate of over 200-MHz. These processors are all on separate modules making this 
multifunction computqr expandable. All this is packed into a box about the size of a coffee can. The 
computer itself has enough random access memory chips for short time storage. However, when we 
start receiving data from the science intrumentation, especially the atmospheric sounder, there will be 
far too much data to transmit instantly or to store in computer memory. A costly solution would be to 
increase the number of RAM chips. However, for the number of chips required, i t  would complicate the 
circuitry as well as increase power consumed by the computer system. Another solution would be to  add 
a magnetic tape drive. This would provide a buffer to store data until i t  is ready to be transmitted. A 
tape drive admittedly has much more mass than RAM chips but the advantages outweigh this slight 
deficiency. I t  has a much lower cost to data storage ratio than computer chips. Also, if we wanted to 
increase the memory for a system utilizing RAM chips we would have to integrate more chips with the 
rest of the circuitry. However, if we wanted to do the same with a tape drive, the solution would be to 
simply increase the tape length. It is apparent that the tape drive is the superior component in terms of 
cost efficiency and flexibility. A possible tape drive to be used for this mission would be a multitrack 
tape recorder. Multitrack tape recorders have the advantage in that they can read/write on several 
longitudinal tracks a t  one time. The data rate on some multitrack recorders range from 60 to 200 
Mbps. The capacity of such a recorder can approach 250 x lo9 bits. 
There will be many inputs to the computer from the various subsystems. These inputs will be 
coming mainly from the attitude and articulation subsystem and the science subsystem. Some of these 
inputs will be in analog form and will have to pass through an analog-to-digital (A/D) converter before 
they can be sent to the computer. Some of the data rates coming in are extremely high. There will not be 
enough onboard memory or even tape capacity to store all this information for long periods of time. 
Therefore, some of this data will have to be compressed. This can be achieved by passing the inputs 
through some sort of a multiplexer. One of the more promising multiplexers being looked at  for Project 
ACRONYM is the Multi-megabit Operational Multiplexer System (MOMS). This multiplexer has 60 
channels and can receive data a t  up to 280 Mbps. This will sufficiently take care of the data fmm the 
science instruments. The MOMS also has the capability of compressing data at a 7 to 1 ratio. This 
means that it is possible to take in 7 bits of data and compress it into one. This will only be done to the 
Atmospheric Sounder and the Radar Altimeter Mapper. There will be a loss in resolution, but not 
sufficient to hamper the mission. The following table shows different types of input and the data rates 
fiom some components. 
COMPONENT FORM OF DATA RATE 
IMW"I' (AID) (IF APPLICABLE) 
-------------------------------------------------------------------------------------------------------------- 
AACS 2 - Narrow Angle 4 analog inputs na 
Sun Sensor per sensor 
AACS 2 - Wide Angle 4 analog inputs na 
Sun Sensor per sensor 
AACS 3 - Gyroscope 3 analog inpilts na 
per gyroscope 
AACS 3 - Accelerometer 1 analog input na 
per accelerometer 
CCC OPTRANSPAC digital 1 kbps 
SCI Gamma Ray digital 
Spectrometer 
SCI UV-VIS-IR digital 
Reflectance 
Spectral Mapper 
SCI Magnetometer digital 
SCI Radar Altimeter digital 
Mapper (RAM) 
SCI UV Photometer digital 
SCI Radio Science digital 
SCI Atmospheric digital 
Sounder 
1.3 kbps 
3 kbps 
200 bps 
30 kbps 
500 kbps 
1 kbps 
2 Mbps 
Some of the outputs/commands the computer will give will be the telemetry and commands to the 
OPTRANSPAC to be transmitted, the commands for the solar array pointing, the engine firing 
sequences, and to the payload section prior to separation to name a few. The power switching is to be 
f 
i controlled via a power distribution unit (PDU) which is part of the power and propulsion subsystem. For 
more information on the PDU, please refer to the power and propulsion subsystem section of this report. 
fgj 
~ ; j  The computer and its various components will be mounted in the interior of the instrument bus as p 
fl<:.f 
shown in Fig. 6. 
SIDE VIEW 
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Figure 6 
TECHNICAL PROBLEM AREAS 
There are a few technical problems still remaining in both the communications and the computer 
subsytems. For the communications, excessive spacecraft "jitter" might render the OPTMSPAC 
inoperable for various amounts of time since it will not be able to maintain a communications link 
with the receiving station. Some method of vibration damping system will have to be utilized in order 
to minimize this as much as possible. Interfacing the sun sensors with the OPTRANSPAC might also 
be a problem. The additional weight could cause, for example, a different damping ratio to be used for 
the telescopes' equations of motion in the target pointing program in the OPTRANSPAC. Therefore, 
the OPTRANSPAC would have to be modified in both hardware and software. In the area of the 
computer/components, thermal control might pose a problem, especially during aerobrake. Passive 
thermal control might not be sufllcient to handle the heat produced in which case, some method of active 
thermal control will have to be utilized. This would, however, cause a dramatic increase in both mass 
and power consumption. 
After reviewing many component packages which sfliciently met the mission requirements, the 
OFTRANSPAC and the McDonnell Douglas 32-bit vector processor were chosen as the 
communications and computer package, respectively. The Multi-megabit Operational Multiplexer 
System along with a high density multitrack tape drive were tentatively chosen for input conversion, 
data reduction and data storage. Two OPTRANSPAC's are to be mounted opposite each other on the 
instrument bus to ensure maximum communication coverage. They will both be shielded by a 
hemispherical cover of 1 gm/cc aluminum. The computer and components are to be mounted on the 
inside of the instrument bus just under the science instruments. During the mission, the only 
commands and inputs the ~3 will be receiving will be from the AACS and the PPS. The science 
subsystem will not be active until after payload separation. After the payload has received the signal to 
commence reentry the E-MTV will move to a stationary Mars orbit and will begin sending telemetry 
back from the science instruments. After this stage has been completed, the instrument bus sill 
continue to provide support to the operation of the aircraft. 
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Science Objectives 
The Request for Proposal (RFP) outlines the development of a Mars aircraft 
space delivery system. The Earth-Mars Transport Vehicle (EMTV) will consist of a 
payload capsule and an instrument bus. The payload capsule will by design descend 
to the planet surface, while the instrument bus remains in orbit to perform scientific 
experiments and act as a relay satellite supporting the aircraft. The RFP also gives 
project guidelines and general requirements for the development of the system. A 
list of the requirements given in the RFP that concern the Science Subsystem (SCIS) 
is found in Table (SCI-1). 
RFP REQUIREMENTS 
1. Spacecraft will consist of two components 
a) payload reentry system 
b) orbiting instrument bus 
2. A number of subsystems are defined for 
integration, one of which is the Science 
Subsystem 
3. Nothing in the design should preclude it 
from performing several possible missions 
4. Design lifetime of 4+ years 
5. Stress simplicity, reliability and low cost 
6. Fulfill objectives outlined in 
'Mission Science Objectives' document 
* Meet Mission Science Objectives 
*Collect Data 
*Send Data to Command, Control, 
and Communications Subsystem (c3) 
*Receive power from Power and 
Propulsion Subsystem 
*Receive Commands from ~3 
*Select Components 
*Minimize Cost 
Table SCI-1 Table SCI-2 
Specific derived requirements that must be fulfilled are given in the list 
'Science Instrumentation Requirements' (Table SCI-2). Finally the list of 'Mission 
Science Objectives' (Table SCI-3) is given to round out the ISS requirements. 
The RFP has many ambiguities within its structure. some of the main 
ambiguities that concern the SCIS and the clarifying assumptions made are given in 
the next few paragraphs. 
The main ambiguity found in the. RFP is the hierarchy of roles the spacecraft 
is to play. Which is more important - payload transport, relay satellite or the role of 
scientific platform? A discussion between all systems analysts working on the 
project came up with the assumption: First, and foremost the spacecraft is a payload 
transport, the next priority level went to the relay satellite to support the aircraft 
and base station in their operation, and finally the satellite is a science platform. The 
rational being that the development of the spacecraft was devised to carry the Mars 
aircraft to the planet. Along with the assumption that the planet must have been 
thoroughly explored from space before building the base station. This tertiary role 
for the science group brings up requirement conflicts during both development and 
mission sequences. Each conflict will be noted and addressed throughout the text. 
MISSION SCIENCE OBJECTIVES 
1. Determine the origin, evolution and present state of the Solar System 
2. To better understand the Earth through comparative planetary studies 
3. To understand the relationship between- the chemical and physical 
evolution of the solar system and the appearance of life. 
1. Determine the elemental and mineralogical character of the Martian 
surface on a global basis 
2. Determine the distribution, abundance, and concentrations of volatile 
materials and dust 
3. Define the global gravitational field 
4. Measure the global topography 
5. Explore the atmo,spheric structure and its circulation in detail 
Table SCI-3 
Component Selection 
With the RFP and the SCIS requirements in hand a methodological approach to 
meeting each requirement was developed. A general design approach (Fig. SCI-1) 
was modified specifically for the SCIS component selection process (Fig. SCI-2). These 
general approaches were followed during each component selection. 
Literature Search 
Instrument List 
Meet Requirement? 
List of suitable Instruments 
Feature Comparison 
Selected Component 
Y 
Define Requirements 
Select SIC Components 
Integrate Components 
Test and Simulation 
Final Design 
Fig. SCI-1 
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Because of space limitations only one specific instrument selection will be 
demonstrated. Each of the other instruments selected came under similar scrutiny. 
*Define Requirement 
-Measure the global topography 
*Literature search resulted in these suitable instruments: 
-Synthetic Aperture Radar (SAR) (Hord, p. 45) 
-Thematic Mapper (TM) (Hord, p. 64) 
-Radar Altimeter Mapper (RAM) (Fimmel, p. 58) 
-Return Beam Vidicon Camera (RBV) Word, P. 99) 
-Charge Coupled Device Imager (CCDI) (NASA SP-335, p. 275) 
*Features Comparison 
In order to rate each instrument a point system was developed to compare the 
various features of each instrument (Table SCI-4). The final rating will be 
instrumental in determining which component from the list will chosen for the 
mission. The feature comparison and rating can be found in Table SCI-5. 
Power: 1W = 1 pt. Mass: lkg =1 pt. Size: lm3 =I000 pts. 
Data Rate: lkbps = 1 pt. Swath widthfF0V: @lOkm below 185krn=1 pt. 
Pointing Required: 500pts. (scan platform & hardware) Antknna Size: lm2 = 100 pts. 
Table SCI-4 
Instrument Power FOV Extras Rating 
100 Antenna 2128.5 
185 --------  
185 Antenna 143.3 
185 1 yr. life 3320.0 
Table SCI-5 
The option selected is the Radar Altimeter Mapper (RAM). The fact that the 
instrument has the lowest rating is augmented by the fact that the Mars Geoscience 
Climatology Observer (MGCO) carries a similar instrument filliag a similar science 
objective. A complete list of final picks for the mission instruments is found in 
Table SCI-6. 
Instrument Mass Power Data Rates 
Gamma-ray Spectrometer (GRS) .30 x .35 x .20 
electronics package .20 x .40 x.20 
UV-Vis-IR Spectral Mapper .40 x .40 x .31 
.15 x .10 DIA 
Radar Altimeter Mapper .25 x .40 x .30 
UV Photometer .15 x .15 x .10 
Radio Science .15 x .20 x .15 
Hi Res IR/Adv Microwave Sounder 33 .20 x .40 x .35 
Table SCI-6 
Instrument Placement 
The first step in instrument placement involved the need for a scan 
platform. To perform the needed experiments to meet requirements the SCIS 
investigated the Integrated Platform Pointing and Attitude Control System (IPPACS). 
The IPPACS concept offers many advantages to the science group. This pointing 
system provides tight and accurate pointing as required by the instruments. 
IPPACS also effectively decouples the science instruments from the spacecraft by 
counter torquing gyros during any platform actuation. It adds flexibility to the 
EMTV satellite for other missions or science opportunities (MM I1 program p. 12). 
The SCIS proposed integrating the IPPACS package into the design of the EMTV. 
Upon discussing the idea with Mission Management and Attitude and Articulation 
Control, the idea of IPPACS was removed from consideration. The rational being 
that scientific experiments on the EMTV were of low priority. The added weight, 
cost, reliability issues, and added 'complexity also helped to push the idea from 
consideration. 
It was then decided to mount the instruments rigidly on the "planet-facing" 
surface of a stability platform on the satellite bus. 
SCIENCE INSTRUMENTS AND PLACEMENTS 
Gamma-Ray Spectormeter 1,1 UV-Photometer 
GRS electronics Radio Sci 
electronics 
RAM 
0 various low gain 
antennas 
All instruments would be mounted with sensors and antennas pointing directly 
"downward" toward the planet surface. This placement gives the instruments an 
unobstructed view of the planet surface. Pointing other than at nadir would 
require actuation of the entire satellite bus or by pointing sensors and antennas. 
This configuration severely limits the usefulness of the SCIS. 
To reduce AACS bums to point instruments, some components were modified 
to accomplish multidirectional sensing. One case involves the HRIR/AMS, since 
both nadir and limb experiments need to be performed, a special movable aperture 
was fitted to the main instrument . This aperture allows for nadir and limb samples 
to be taken without actuating the satellite bus. 
The magnetometer poses still -another special -probtena; --To receive - - 
meaningful data the magnetometer must be clear of the satellite's magnetic 
influence. To do this, two things should be done. First reduce the spacecraft's 
magnetic signature by building with non-magnetic materials. Second, isolate the 
instrument from the physical vicinity of the satellite (Corliss, p. 520). The first 
solution is referred to the structure subsystem-the analyst should keep this 
requirement in mind while designing the structure. The second solution is again 
requires the structural analyst to provide a suitable boom for this application. 
Requirements needed by the structure subsystem are as follows: 
1. Use non-magnetic materials 
2. Boom mount magnetometer (approx. 5m) 
3. Point magnetometer sensor in planet direction 
Shielding requirements were also submitted to the structures subsystem. For 
temperature control most satellite instruments have an operating temperature range 
between -20 and 80 degrees Celsius (Corliss, p. 354). But some advanced sensing 
instruments use cryogenic temperatures. Specific operating temperatures have not 
been determined at this point in the design process. Additional shielding from the 
Sun's electromagnetic radiation will also be required, but exact specifics have not 
been completely examined at this point. 
The SCIS worked closely with the Structures Subsystem to place the science 
instruments on the stability platform. An attempt was made to provide each 
instrument with an unobstructed Field of View (FOV) of the planet surface. This was 
accomplished by placing the instruments with all sensors pointing along the normal 
vector of the stability platform. The platform was then placed on the "downward" 
end of the satellite. This will point the instruments in a direction perpendicular to 
the planet surface at all times during the orbit. 
A major design concern arose regarding the placement of the science 
platform. The platform is tucked away under the Aerobrake shield all during Earth- 
Mars transit and prior to to payload decoupling (refer to Structures subsection). This 
severely limits the use of the science instruments while in transit and prior to 
decoupling the payload decent module. Without some alternate solution, this 
prevents the remote sensing instruments from determining the status of the decent 
module landing site. A change in the mission plan may be a solution. The idea being 
to decouple the Payload Decent Module (PDM) upon reaching a low Mars orbit after 
the Aerobrake maneuver. While the PDM is still in the low orbit have the SCIS 
instruments power-up and monitor the landing site. When the site is given a 'safe' 
status the EMTV satellite bus will signal the orbiting PDM to begin decent sequence. 
Another concern regarding the placement of the platform is 'that the 
instruments are placed in danger of being damaged when the PDM is pyrotechnically 
decoupled. A solution may involve placing a p.rotective cover over the platform that 
can be jettisoned (non-pyrotechnically) after the PDM has been decoupled. 
SCANNING AND POINTING REQUIREMENTS 
Closely paralleling the MGCO development, an orbit altitude of 350 km was 
chosen. This orbit will allow the SCIS instruments to provide excellent resolution and 
good coverage of the planet surface. To provide near constant global coverage a 
circular (e=O) orbit is essential. To meet the objective of global coverage, a near- 
polar sun-synchronous orbit would be the ideal choice. 
Upon discussion with the AACS it was determined (using Av = J212/r (I-cos +) ) 
that 'changing the orbit plane to polar from an insertion orbit with inclination of 
25.1 would cost too much in weight and fuel. A compromise resulted in the 
experimentation orbit would have the same inclination as the insertion orbit. The 
rational being that the weight -penalty for the added fuel is too high: - -Plus- the science-. 
coverage is not the primary role of the EMTV. A complete analysis of the orbit and 
ground coverage follow. 
Using orbit radius = 3743 km (350 km altitude) 
p = 42821 km3/s2 
Assumptions: planet is spherical orbit inclination = 25.1' 
orbit is circular rotational period = 24:37:22.67 
mass of s/c negligible swath width = 185 km 
SIC orbit period: T* = 2x Jr)h = 1.93 14 hr. 
Angle of planet rotation/hour = 14.63' 
Angle of planet rotation1 slc orbit = 28.24' 
Ground dist.1 orbit period (along equator) - = 1672.23 km 
Shortest dist. between successive orbits = 1672.23 km sin 25.1% 709.4 km 
Orbits /Martian day = 12.75 this means there is a .25 orbit/day lag this 
translates into: 
0.485 hr. 7.09' 420.1 km (along equator) 178.2 Inn between orbits 
This means that in 3.98 Martian days the entire reachable surfae will be 
mapped. In approximately 8 Martian days the surface can be redundantly mapped. 
Now with each ground trace 178.2 km apart we will chose a swath width of 1 nautical 
mile or 185 km. 
Using a simplified triangle (neglecting the curvature of the planet) approach 
the sweep angle for scanners and the FOV angle for frame imaging sensors is given 
by: 
tan = Swath WidthJ(2 x Altitude) 
so yf = tan-1 185/(2 x 350) = 29.6' or 30' 
I 
so the actual SW and FOV = 187.6 km 
5 sw 
We will get approx. 5% overlap between adjoining ground traces. To get the same 
amount of overlap between successive 185 km x 185 km snapshots a simple rate was 
determined. 
Ground path coveredlorbit = 2nr = 21318.8 km 
GPC/hr = 11038 kmbr need 185 km /snapshot 
shots/hr = 110381185 = 59.66 shotslhr. = 0.994 shotslmin 
or 1 snapshot every 1 minute necessary for 185 km x 185 km IFOV with 
approx. 5% overlap. 
It was determined that with. an inclination angle of 25.1' for the science 
experimentation orbit only 42.5% of the planet surface would be remotely sensed. 
This falls far short from the science objective total global coverage goal (Fig. SCI-4). 
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Since the science instruments need to view the planet surface to perform 
experiments - the satellite bus will be oriented with the instrument platform 
pointing directly "planet-ward" during the entire science experimentation mode. 
The stability of the satellite bus must allow for accurate information 
gathering. From an altitude of 350 km the EMTV or the science platform must have a 
jitter (short term vibrations) rate of less than 7.5 prad/sec to achieve clear readings 
and to minimize data correction(NASA sp-335 p.457). 
The pointing of the EMTV and instruments should be as accurate as possible, 
errors on the order of 0.05 degrees are typical. Even so, the accuracies to which the 
pointing errors can be measured are far greater that the accuracies to which the 
pointing can be controlled. Therefore, it is possible to apply attitude and orbit 
corrections during processing to improve data quality. 
SUBSYSTEM INTERAmIONS 
Mission management needs to take orbital parameters and science 
requirements into consideration to determine the best method to incorporate science 
experimentation into the mission plan. Interaction is required to devise schemes to 
allocate time to complete various experiment sequences. The SCIS requests can be 
found in the scanning and pointing subsection of the science report. Final 
parameters should be found in Mission Management section of the Final Design 
Report. 
-Prelaunch: The C3 subsystem will need to size tape recorders, digital/analog 
converters, data compression ratios, and multiplexers to handle all the raw data from 
the SCIS. The orbit and science experimentation sequence of the EMTV will 
determine the amount of data storage required. C3 will also have to program of the 
'power-up' and experimentation sequences. 
-postlaunch: The C3 will have to send command signals to begin the 'power- 
up' and experimentation sequences. It will also receive the raw data from the science 
instruments and format it before telemetering the information to Earth or Mars base. 
Attitude and Articulation Control Subsvstem (AACSl 
-prelaunch: AACS should design system with SCIS requirements and needs in 
mind. Should attempt to incorporate needed spacecraft maneuvers for fulfilling SCIS 
requirements. Design system to best meet pointing and jitter requirements as 
specified by SCIS. (see AACS section to see methods used) 
-postlaunch: Control EMTV attitude error and jitter to allow for acceptable data 
taking. Maneuver and hold EMTV in predetermined attitude in relation to planet 
surface. Adjust attitude of EMTV for additional experimentation if the need arises. 
-prelaunch: The PPS needs to take total power required by $CIS into account 
for the design of electrical power supply. PPS must also take into account eclipse 
time and the science experimentation sequence to size batteries. The total mass of the 
SCIS must be used to size boosters and fuel tanks. 
-postlaunch: PPS must provide a continuous supply of electrical power to 
operate instruments. Must also provide for protection of i n s b e n t s  from power 
spikes and failures. 
-prelaunch: place instruments on satellite in order to carry out science 
requirements. Mount instruments in a manner to protect them fro vibration and 
shock. Struc must incorporate shielding and thermal control as specified by the SCIS. 
Take the mass and instrument configuration into account when balancing the EMTV 
and determining moments of inertia. 
-postlaunch: Keep instruments within the specified operational ranges using 
design methods. .- 
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INTaODUCTlON 
The mission objective is to deliver a Manned Mars Aircraft to the 
Martian surface. The delivery system is required to be easily operated and 
reliable with optimum performance, weight, and cost factors. 
The mission is divided up into six subsystems which are Aerobrake, 
Structure, Power and Propulsion, Attitude and Articulation Control, 
Command and Data Control, Science and Radio Relay Instrumentation, and 
Mission Management. The purpose of this paper is to present the research 
and final design of the most optimum Aerobrake System. 
This study of Aerobraking uses the atmospheric drag of a target planet 
to dissipate orbit energy and to finally circularize its orbit from a prior 
incoming trajectory. Aerobraking involves the trade-off study of avoiding 
the use of propellant masses which are normally carried along during the 
mission versus the mass of Thermal Protection System (TPS) and structural 
elements which are associated with the Aerobrake System (ABS). This is 
the trade-off study between propulsive stages and aerobrake stages which 
will be examined in further detail later in this study. 
The ABS mission requirements are primarily to protect the instrument 
bus and payload from damaging heat during entry into the Martian 
atmosphere, to keep in constant communication with Command Data and 
Control during aerobraking, to communiate with the instrument bus for its 
safe terminal descent, and to provide a safe and reliable system to descend 
the payload to the surface of Mars. A final requirement is that the ABS be 
mass and aerodynamically efficient to maintain its total benefits over 
propulsive and aerocapture stages. 
The ABS is a "complete spacecraft" in design which is integrated with 
the final mission spacecraft. For this reason integration with all other 
mission subsystems is mandatory and essential in acquiring the optimum 
aerobrake system. Before any initial design of the ABS, Mission Management 
and the ABS engineer must work together to provide atmospheric and 
trajectory parameters essential to aerobrake design. Clarification of the 
request for proposal is also reiterated during these conferences. 
incorporated with the trajectory and orbit parameters requested is the 
integration with the Science and Relay Instrumentation Subsystem. 
Cooperation with the Science Subsystem, in part, determines the final orbit 
radius needed for correct instrument bus placement and operation. The 
Structures Subsystem is constantly in touch and working together with the 
Aerobrake Subsystem. The Structure Subsystem cooperation is essential in 
deriving working masses, structural dynamics, thermal protection 
materials, and with terminal descent structural rigidity and impact 
absorption. Ultimately, the complete layout of components is derived while 
working with the structures subsystem. 
The Power and Propulsion Subsystem (PPS) is integrated into aerobrake 
design in initial aerobrake trajectory calculation. Using propulsion 
parameters of performance and trajectory axis, shield areas are oph"mumly 
computed. The Power Subsystem is also consulted during definition of 
power necessities in the ABS. The Attitude and Articualtion Control 
Subsystem integrates into the ABS by resolving attitude and articulation 
problems during aerobraking as well as during terminal payload descension. 
The last subsystem, Command and Data Control, integrates into the ABS by 
receiving data from the aerobrake during aerobraking as well as during 
payload descension. Computers selected by this subsystem command 
separation and retropropulsion during payload descension. This is a brief 
description of interactions of subsystems with aerobraking. Those 
interactions defined here are not the total range of interactions involved in 
the complete design of the ABS. During the design phase, to accomodate for 
any changes affecting the ABS, every subsystem is in touch with the 
Aerobrake Subystem. 
TRADE STUDY OF CAPTURE SYSTEMS 
There exists three different systems designed for orbit capture. They 
are the all propulsive system, the aerocapture system, and the aerobrake 
system. All three systems are designed to capture an orbit, hence it is 
necessary to select the proper system for the mission. This is a trade-off 
study between mass of propellants and mass of structures which must be 
examined closely. Due to the extent of space allotted for this report 
follows. 
The final orbit capture system researched is the ABS. The ABS uses a 
low energy propulsive burn to reach the target planet, Mars, and uses a 
propulsive burn to be captured into an elliptical orbit about Mars. The 
spacecraft then performs multiple passes through the upper atmosphere 
utilizing atmospheric drag to decrease the elliptical orbit size until the 
desired apoapse altitude is achieved. The ABS then uses another small 
propulsive burn to circularize its orbit about Mars. The biggest 
disadvantage compared with the other two orbit capture systems is the 
longest time expended to achieve final orbit. This disadvantage is 
outweighed by the system's advantages. One advantage is the greatest mass 
delivery capability and efficiency with cost. The ABS is more reliable than 
the aerocapture system since it makes more passes through the atmosphere 
allowing it to make easy navigation adjustments. The aerodynamic heating 
is the lowest, therefore less mass is spent on TPS. Navigation requirements 
are low compared with the aerocapture system and moderate compared with 
the basic navigation system of the all propulsive system. 
Seen clearly by the trade-off study shown here, the ABS for orbit 
capture is the most attractive and most efficient system for this mission. 
This paper now presents the complete layout of the ABS designed for 
the spacecraft delivery of the Manned Mars Aircraft . For illustrations of 
the component layout, look in the Structure Subsystem Report This 
C -  b 
referenca is made to limit this paper to 100 pages. The complete component 
layout is followed by reports on each component and the method of attack in 
achieving the final design of the particular component. 
THE AEROSHEU 
The aeroshell is designed to deccelerate the payload at initial upper 
altitudes of reentry. Actual altitudes and speeds will be discussed later in 
the ABS mission timeline. The aeroshell's shape also provides aerodynamic 
lifting to allow for entry into the martian atmosphere after deorbit. The 
aeroshell structure is composed of aluminum ringed struts covered with an 
aluminum alloyed skin for maximum mass efficiency. Atop this skin is the 
thermal protection system which is comprised of a carbon-carbon material. 
This skin has an added safety feature of 2.0 to insure adequate temperature 
protection during reentry. A further study of TPS is included in the 
Structures Subsystem Report.The aeroshell is designed to withstand the 
upper altitude entry loads sufficiently where as not to damage the payload. 
This is done by distributing entry loads through the aluminum ring structure 
and into the payload compartment frame which evenly carries the load off of 
the aeroshell. The aeroshell interfaces to the circular payload structure at 
25 points where the entry compression and shear loads are transferred from 
the aeroshell to the payload structure. Ten of these points are where 
explosive separation nuts are installed. These pyromechanical devices 
separate the aeroshell from the payload after descension through the upper 
atmosphere. Also at five points around the circular payload compartment 
are guide rails/rollers which are attached to the shell and payload. This 
gaurantess that the aeroshell is jettisoned in a smooth, controlled release . 
The aeroshell design is a 9.4 diameter, hemispherical,symmetric body 
shape. The symmetric body is designed with a fore half cone angle of 70 
degrees for the best compromise between center of gravity and longitudinal 
stability. Since the aeroshell is symmetric the aft cone angle is -70 
degrees. Using graphs 1 a-1 d, maximum angle of attack was calculated for 
this geometry. As seen in graph 1 a UD, drag coefficients,and lift 
coefficients were calculated for a range of angles of attack. Graph I b 
shows the stability parameter versus angle of attack. The sharp decrease 
from 25 to 30 degrees indicates maximum angle of attack for stability lie 
in this range. Graphs I c  and I d  illustrate the quick deviation of mach 
number and of center of pressure after 25 degrees. This aeroshell has wake 
shadow of1 8m and has a much better reentry temperature distribution 
across its frontal surface due to its smooth blunt nosed design, as compared 
with an aerocapture aeroshell. One problem with an symmetrical aeroshell 
would be its lack of roll stability, but in this ABS mission the angle of 
attack will not surpass the 25 degree critical limit which would render the 
spacecraft unstable during the mission. Hence, at zero angle of attack the 
lift coefficient = 0.3 and the drag coefficient = 1.7. The UD ratio at the 
critical angle of attack of 25 degrees = 0.35 which is optimum.The mass sf 
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the aeroshell with the TPS and structure is 887.0kg. The total aerobraking 
stage mass is 51 00.0kg. 'Therefore, the ratio of aeroshell to spacecraft 
mass is 0.10 or 10% which is very much more efficient than an all 
propulsive stage. This shield is optimumly designed in mass considerations. 
In conclusion, this aeroshell is stable up to angles of attack up to 25 
degrees and has the necessary aerodynamic features to achieve the mission 
goal. The aeroshell has a protective shadow of 18m which is sufficient for 
this design. The aeroshell has adequate thermal properties which include 
safety factor of 2.0 in reentry temperature calculation, and is stable in the 
desired range of angles of attack. Stressing simplicity and reliability this 
aeroshell is relatively simple in construction and efficient in petfomance. 
PROPULSION SUBSYSTEM. 
The ABS consists of its own propulsion and control system. The 
propulsion and control system employed is used for the deorbit phase as 
well as for the terminal descent phase of the ABS mission. The components 
of the propulsion system are four Deorbit Controls System (DCS) engine 
modules, three Terminal Payload Descension (TPD) engines, and two system 
propellant tanks. 
The four DCS engine modules perform the deorbit maneuver on 
command from the Central Aerobrake System Computer (CASC) which 
oversees the reentry and terminal payload descension phases of the mission. 
These four DCS engine modules also perform in flight attitude adjustments 
during reentry as well as during final touchdown. Placement of these four 
BCS engines are on the circumference of the payload structure each squally 
spaced and symmetrical on the structure. 
Each of the four DCS engine modules is comprised of three thrusters 
which are a yaw/pitch pair and a roll thruster. The thrusters are chemical 
spontaneous catalytic monopropellant engines which are discussed in 
further detail in the Attitude and Articulation Control Subsystem report. it 
is sufficient to recognize that the four DCS engines perform attitude control 
upon command from CACS during the aerobraking,deorbit, and terminal 
descension mission phases. The redundancy of thrusters is a safety feature 
that will compensate for any critical valve loss during the mission. 
The three TPD engines respond to CACS commands and will perform 
retropropulsion burns for terminal payload descension. CACS will throttle 
these engines according to sensor data it receives. Each of the three TPD 
engines deliver 2000 Ib-thrust and the propellant is throttled by valves in 
the system. Specifications on these three TPD engines are in the Power and 
Propulsion Subsystem(PPS) report and should be reviewed for actual 
construction. One problem addressed here is the landing site deterioration 
from exhaust plumes. This is alleviated by installing 20 nozzles per engine 
to divert the exhaust plumes form the landing site. 
The sizing of the two propellant tanks which fuel the DCS and TPD 
engines are in the PPS report. In this report their mmponent placement is 
upon the payload structure inside the adapter ring. Placement of DCS 
engines,TPD engines, and tanks are shown in figure 6. 
DYNAMICS AND CONTROL SUBSYSTEM 
The CACS is the computing center for the ABS and there are many 
components which interact with this central brain. These components are 
Radar Altirneters(RA), Inertial Sensor System (ISS), Doppler Radar 
Altimeters (DRA), and an Onboard Decoder Amplifier Radio (ODAR). These 
active components control the ABS from aerobraking into final circular orbit 
to terminal payload descension. 
The ISS is a system of four sets of principle-axis gyros and 
accelerometers , the fourth set being a redundant safety feature. These 
sensors provide data to CASC on velocity, altitude, and altitude rates during 
the deorbit and terminal descension phases. 
The RA and the DRA are redundant devices for inflight calculation of 
altitude. These sensor data are superimposed with data from the ISS to 
gain more accurate inflight performance data. The location of the RA 
antenna is on the aeroshell providing an unobstructed view of the Martian 
surface. After the aeroshell is jettisoned, it is the DRA which provide the 
most accurate altitude data to CACS. The DRA's are placed under the payload 
structure without obstruction to the TPD engines. 
All of the encoded data from the ISS, RA, and DRA's is sent to CACS. 
This transmission is done by the ODAR which is a low- gain radio. TI-fe ODAR 
then decades transmissions.from CACS and implements com 
two propulsion subsystems elements. The ODAR commands DCS engines on 
deorbit as well as TPD engines during terminal descension. 
POWER SUBSYSTEM 
The power system consists of the Power Distribution Assembly (PDA), 
batteries, and.RAdio-Isotope Thermoelectric Generators (RTG). The power 
system is sealed in the payload adaptor which is atop the payload structure. 
The PDA decodes commands from CACS and does the switching of 
electrical loads for the system. PDA also converts RTG energy to usable 
nominal voltage of 28. THe PDA switches RTG's from assorted system loads 
to the Batteries. 
The four 24-cell nickel-cadmium batteries are each capable of storing 
in excess of 8 amps- hour. Fully charged, the batteries produce 1060 watts 
per hour. This along with the RTG constant power of 69 watts is sufficient 
for the aerobrake system power requirements of 60 to 70 watts per hour. 
PARACHUTE SUBSYSTEM 
In parachute selection, simplicity, and reliability are heavily 
stressed. The three parachutes are entirely fabricated of Dacron Type 52 
and collectively weigh 290 Ibs. Parachute dimensions are located in 
figure 6. Dacron Type 52 has a tested strength of 104 ib/in. The Keviar 
parachute lines are tested to 900 Ibs. Collectively , the parachute system 
has been tested in Earth atmosphere to mach 2.3 and dynamic pressure of 
Lead Angle at the Entry Alrirclflc 
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10.9 psf. This includes a safety factor of 'I .W. The three parachutes are 
packed together into deployment bags and stored in a mortar can in the 
adaptor structure on the payload. The parachutes are ej from the 
adaptor structure by pyromechanical charges upon CACS command. 
On initial inflation attitude rates are extremely high, 96 degrees / sec, 
but are reduced to less than 25 degreedseconds by the time aeroshell is 
jettison. The parachute aids in aeroshell jettison by keeping the payload 
structure aloft during separation. 
LANDING GEAR 
The landing gear,three absorbtion legs, are utilized to decrease 
touchdown loads. The three legs which are initially stored a the compressed 
configuration and have circular foot pads for terrain addhession in the event 
of landing on a incline. The touchdown loads are dissipated through the legs 
and into the payload compartment structure. 
The dimensions on the legs are on figure. The legs are fabricated of a 
crushable aluminum honeycomb which absorbs load attenuation excellently. 
FINAL AEROBRAKE SYSTEM MISSION TIMELINE (figure 3) 
Phase I : Spacecraft arrives in Martian Elliptical Orbit and aerobraking 
begins. Initial mass of 10393.0 kg on start of aerobraking is decreased to 
6409.70 kg after 20 aerobraking orbits. The initial elliptical orbit decays 
in eccentricity as the orbit intersects the upper Martian atmosphere. This 
initial elliptical orbit has semi-major axis of 44266km and periapse radius 
of 3600km. During aerobraking, CACS collects performance data and 
correspondingly commands burns to lower the orbit eccentricity. Upon 
obtaining circular orbit, 9.85 days after the start of aerobraking, the 
instrument bus and aerobrake system separate and continue orbiting Mars . 
After the instrument bus deciphers proper data for aerobrake system 
reentry maneuvers, the aerobrake system deorbits and begins reentry into 
the Martian atmosphere. 
Phase II : After the CACS commands the aerobrake system separation from 
the instrument bus by pyrotechnical nuts, the CACS commands the ignition 
of the DCS engines for deorbit. Upon ignition of the DCS engines the ABS 
aligned the lead angle for entry into the upper Mars atmosphere. The lead 
angle is 20 degrees. At 3.2 hours after the DCS engines ignition, the ABS 
enters the upper Martian atmosphere at 800,000 ft. (244 km). CACS then 
activates and begins receiving data from the ISS and RA systems for 
guidance and control. 
Phase Ill : When the ABS reaches 19,000 ft. (5.8 km), CACS commands 
parachute mortar ignition and .the parachutes are inflated. The parachute 
then aids in aeroshell jettison by keeping the payload structure aloft as the 
aeroshell falls away. Ten seconds after parachute inflation, the CACS 
commands aeroshell jettison. The pyromechanical shearing nuts are blown 
and the aeroshell falls away from the payload structure which is being held 
aloft by the parachutes. The payload then continues parachute deceleration. 
ORiiG!?GriFL ?AGE ES 
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three compression legs, and the legs extend and lock out to their terminal 
descent positions. 
Phase IV : As the ABS descends by parachutes, the CACS gathers data for 
terminal descent and at 4600 ft. (1.4 km) the TPD engines are fired and the 
parachutes are detached. At this time the DRA is activated and sends 
altitude and velocity data to CACS. Then from this altitude the CACS 
commands throttling of the payload module according to data sent by RA , 
ISS, and DRA systems until final touchdown. Final touchdown velocity is 
\ constant from 55ft. at 8 fps and by final touchdown the TPD engines will 
have fired for 30 seconds. 
Phase V : Upon touchdown, the CACS receives status signals from the ODAR 
on the payload module and pinpoints its location. This information is then 
relayed to the on Mars space station. The entire entry to landing sequence 
consumes 10 minutes. 
The final design of ABS stresses reliability, efficiency, and costs in all 
tz:3 
.... 
.... aspects of design. Where critical design decisions had to be made, safety 
F 2 
factors were employed. Perhaps the most difficult part of this design is the 
\ 
testing of the critical subsystems crf the ABS. Collectively, the ABS is an 
entirely separate and complete spacecraft that requires all the testing 
procedures required of a spacecraft design. Once again, when difficulty 
arose in testing procedures, the best method of assurance was utilized and 
that is the input of safety factors. 
Although this system was designed for a payload of a Manned Mars 
Aircraft, nothing in its design precludes it from any other mission. The 
design is reliable, efficient, and has nothing in its design to prevent it from 
being used for many years to come. 
AEROB Program, University of Illinois,April 1988. 
Andrews,D.G.,and V.A. Calouri."Optimization of Aerobraked Orbital Transfer 
Vehicles."AIM Paper 81 -1 126. 
Brewer,R.A.,and D.N. Brant. "Thermal Protection System for The Galileo 
Mission Atmospheric Entry Probe." AlAA Paper 80-0388. 
Cruz,Manuel I. "Technology Requirements for a General Aerocapture 
System." Jet Propulsion Lab, Pasadena,CA. 
Davies,Carol B.,and Chul Park. "Aerodynamics of Generalized Bent Biconics 
for Aero-Assisted Orbital Transfer Vehicle." AlAA Paper 83-1 51 2. 
Davis,E. "Future Orbital Transfer Vehicle Technology Study." Boeing 
Aerospace Company,Seattle, WA. 
Florence,Dwight E. "Aerothermodynamic Design Feasibility of A Generic 
Planetary Aerocapture/Aeromaneuver Vehicle." AlAA Paper 81 -1 1 27. 
Hoffman,Stephen J. "A Method for Optimizing the Preliminary Design of 
Spacecraft Aerobraking Missions." AlAA Astrodynamics Specialists 
Conference,l983. 
Martin Marietta Corporation, Viking Lander 'As Built' Performance 
Capabilities." Martin Marietta Corporation,Denver CO. June 1976. 
Miller,Charles G., and Peter A. Gnoffo. "Pressure Distributions and Shock 
Shapes for a Bent-Nose Biconic At Incidence." AlAA Journal: Dec.1981. 
Scott,Carl D.,and Barney B. Roberts. "Design of An Intergrated Aerobraking 
Orbital Transfer Vehicle." NASA Technical Memorandum 58264. 
Scott,C.D.,and R.C. Reid. "An AOTV Aeroheating and Thermal Protection 
Study." AlAA Paper 84-1 71 0. 
Serbin,H. "Supersonic Flow Around Blunt bodies." Journal of Aerospace 
Sciences,VoI.25.1958,pp.58-59. 
O ~ G ~ N A L  PAGE (5 
OF QUALm 
g2 E;$ $*4 
,...... 
c.<.$ 
Pro jec t  A.C.R.O.N.Y.M. 
Awesome G r a f t  - Really Qvershadowing Next Year's Mission 
EARTH-MARS TRANSPORT VEHB CLE 
Command-Control-Communication 
Subsystem 
~3 SPECIALISr: Sisir R Kudva 
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The C3 Subsystem basically consists of two major components: the computer and the communications 
equipment. The general system requirements are given a t  the beginning of this report in the Mission 
Management section. The specific requirements for this subsystem are as follows: 
Collect telemetry from other subsystems. 
In this case, the main subsystems interacted with are the Power and 
Propulsion System, the Attitude andArticulation Control subsystem, and the 
Science subsystem. 
Send telemetry to ground. 
All data collected from pertaining subsytems will besent to ground. In the 
first part of the mission, the telemetry will all be sent to Earth. In the latter 
part of this mission, after aerobrake maneuvers, the telemetry could also 
be sent to the Mars base. After the aircraft has been assembled, all data 
necessary to  the operations of the aircraft will be sent directly to the 
aircraft. 
Send commands to subsystems. 
The commands will originate from one of two places. First, the systems 
software will be sending commands to various subsystems at the proper 
time as seen by the program. Second, ground control (Earth or Mars) 
may, if necessary, override the system software and send new commands 
for various subsystems. These commands will first be processed by the 
computer and then sent to the proper components. 
Power switching for subsystems 
Each subsystem will have different power requirements at different times. 
The subsytems requiring power are the ~3 subsystem, the AACS subsystem, 
the STR subsystem, and the SCI subsystem. The SCI subsystem will be 
inactive in the former stages of the mission. 
Power from PPS 
The ~3 subsystem will be receiving its electical power from the PPS 
subsytem. 
Control outputs 
Power switching 
Telemetry to ground . 
Commands 
* Inputs 
* Telemetry 
* Power requests 
* Commands from ground 
-- 1 -- 
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MASS OF SPACECRAFT AND INERTlA TENSORS 
AT DIFFERENMISSION STAGES 
MRSS = 2211 52 KG. 
503 341 -1 
- -21 3570 
MRSS = 7666 KG. 
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Manned Mars Aircraft Delivery System, we, the members of the M.A.R.T&. 
design team, have prepared this report to present our design of a spacecraft 
that is capable of delivering from low Earth orbit to the surface of Mars a man- 
rated aircraft. We && that our design is an innovative yet flexible and reliable 
response to the problem stated in the R.F.P. 
Certain requirments were seen to be global (i.8. pertaining to all 
subsystems) while others were seen as only applying to a specific subsystem. 
These subsystem specific requirements will be delt with in the individual 
subsystem chapters. Global requirements for the M.A .R.? :~ .  design are: 
Spacecraft will consists of a reentry system and a 
Communications/Science Satellite 
* Use of Aerobrake maneuver 
*Minimize use of Shuttle and on orbit assembly 
*Retrievable by a remote manipulation device 
.Able to perform different missions 
*Lifetime of greater than four years 
*Use of off-the-shelf hardware 
e l  998 materials and technology cut-off 
*Use of Artificial intelligence 
*Fulfillment of mission science objectives 
*Optimize reliabilty, simplicity, low mass, and low cost 
*Four spacecraft will be built, three will fly 
*Subsystems 
Aerobrake 
Attitude and Articulation Control 
Command and Data Control 
Mission Management, Planning and Costing 
Power and Propulsion 
Science 
Structure 
The following is a list of requirements that apply to the MMPC subsystem. 
Each requirement is followed by the page number or numbers on which it is 
addressed. 
From the RFP: 
1 .) Deliver a manned aircraft to Mars between 2005 and 201 0. p.1-2,1-3, 
1 -6,l-7,1-8. 
2.) Two components: payload reentry system and instrument bus. p.1-3. 
3.) Subsystems: p. 1 -2,l-3'1-5,1-9. 
a.) Aerobrake (including orbit capture, reentry, and detachment) 
b.) Structure (including materials, design, thermal cbntrol) 
c.) Power and Propulsion 
d.) Attitude and Articulation Control 
e.) Command and Data Control 
1.) Science and Radio Relay Instrumentation 
g.) Mission Management, Planning and Costing 
4.) Delivered to orbit by Space Shuttle and assembled in orbit. p.1-2,1-10. 
5.) Be able to perform several possible missions. p.1-10. 
6.) It should not use techniques available after 1998. p.1-10. 
7.) Lifetime of. at least four years. p.1-10. 
8.) Stress simplicity, reliability, minimum mass and low cost. p.1-6,1-7. 
9.) For cost estimating assume four spacecraft will be built. p.1-5. 
Derived requirements: 
1 .) Calculate a trajectory to deliver the spacecraft to Mars. p.1-6,1-7,l-8. 
a,) Leave from low Earth orbit. p. 1-2. 
2.) Calculate an orbit around Mars for the instrument bus. p.1-5,l-6. 
i.:.:.:., c.:.:.:.:, p:':' 
. . ., I::;:::::, 
<;.:. .: &:::2 
a.) Two satellites will be used to provide continuous coverage of 
' the aircraft on Mars. p.1-5,1-6. 
3.) Make an estimate of the cost of such a mission. p.1-5. 
Requirements from other subsystems 
1 .) Satellite must pass below an altitude of 800 km. p.l-5,1-9. 
jl. Technical Ap~roaches; 
SUN a Launch 
Mars at 
Arrival 
Fig. 1 .I Earth-Mars Trajectory 
The trajectory chosen for the flight to Mars is a direct flight using a chemical 
high thrust system. The geometry of the mission is shown in Fig. 1 .I. The 
spacecraft will be assembled in low Earth orbit. A single propulsive burn will 
be used to exit a circular orbit of 250 n.m. (463 km). This bum will take place 
on Oct. 14, 2009, and will require a AV of 3.628 krn/sec. After a flight of 325.6 
days, the vehicle will rendezvous with the planet Mars on Sept. 4, 2010. An 
aerobrake maneuver requiring 23.21 days will place the spacecraft into ohit 
around Mars. Starting the aerobrake sequence requires a AV of 61 5.1 Wsec. 
After the aerobraking is completed, a AV of 1 61.7 Wsec circularizes the orbit. 
A complete description of the aerobraking maneuver is given in the AERO 
subsystem report. The total AV to place the payload reentry system in Martian 
orbit is 4.405 km/sec. 
s To Earth I 
Time (days) 
Fig. 1.2 Communications Distance 
The distance from the spacecraft to Earth and Mars during the flight was 
calculated for the CDC subsystem. To reduce antenna size, the spacecraft will 
talk directly to Earth only during the beginning of the mission. When the 
distance from spacecraft to Earth is equal to the distance from the spacecraft to 
Mars, the antenna pointing will be changed. During the latter part of the 
mission, the spacecraft will communicate with the base on Mars. Fig. 1.2 shows 
the results of the distance calculation. The maximum communications distance 
was found to be 0.4 A.U. The pointing change will take place on Dec. 30, 2009. 
During the aerobrake manewer, a satellite will be released from the 
spacecrafi into Martian obit. This will occur after 23.16 days of aerobraking. 
At separation, the satellite will be in an orbit with a semimajor axis of 6437.5 krn 
and periapse radius of 3446.1 km. At apoapse of the orbit, a burn will be made 
Fig. 1.3 Satellite W i t  
to place the satellite in its final orbit. The required change in velocity is 92.45 
mlsec. The satellite's final orbit has the following dimensions: 
semimajor axis = 6347 km 
periapse radius = 3694 km 
periapse velocity = 4.07 kmlsec 
apoapse radius = 9000 km 
apoapse velocity = 1.67 kmlsec 
eccentricity = 0.41 8 
period = 4 hours 15 minutes 12.55 seconds 
inclination = 45.70495 deg 
An inclination of 45.7 deg was chosen to make the orbit Sun-synchronous. A 
Sun-synchronous orbit precesses at a rate which causes the semimajor axis to 
always point toward the Sun. Apoapse of the orbit will be on the sunlit side of 
the planet. The satellite will therefore spend the majority of the time abov's the 
day side of the planet. 
The cost of the mission was computed based on the masses of the various 
subsystems. A computer program which takes masses and estimates the cost 
to design and build a spacecraft was employed. The program yielded the 
following results. The non-recurring cost to design and develop the spacecraft 
is $1.381 4 billion. The unit price to build each of the spacecraft is $446.7 
million. This gives a total price tag of $3.1682 billion to design and build four 
spacecraft . 
The following is a list some of the information required by the other 
subsystems. AERO: Arrival velocity at Mars. PPS: AV, satellite time in 
shadow. AACS: Spacecraft orientation. CDC: Communication distance, 
antenna pointing. SCI: Satellite altitude. 
Several problems had to be addressed in the determination of the satellite 
orbit. Phobos, the innerof Mars'two moons, hasanorbit radiusof 9300 km. 
Apoapse radius of the satellite orbit was chosen to be 9000 km to avoid the 
Martian moons. The Science subsystem dictated that the periapse of the orbit 
must be below an 800 km altitude. The altitude at periapse was chosen to be 
300 km to maximize the time below 800 km while staying well above the 
Martian atmosphere. Due to communication considerations, the orbit was 
made Sun-synchronous with apoapse on the sunlit side. 
Continuous contact must be maintained with the aircraft in operation on 
Mars. It is assumed that two aircraft and two satellites have been delivered. 
Time (Hours) 
Fig. 1.4 Satellite Coverage 
The two satellites will be placed in opposite ends of the same orbit. When one 
satellite is at apoapse of the orbit, the other will be at periapse. Together the 
satellites will maintain continuous contact with the aircraft. Fig. 1.4 illustrates 
which of the satellites is overhead at a given time. The bars represent when a 
satellite is in the part of its orbit above the sunlit side of Mars. The aircraft, 
which will be operating only during daylight, will have at least one satellite 
overhead at all times. 
Three types of interplanetary trajectories were investigated to deliver the 
spacecraft to Mars. The first type was a direct flight using a chemical high thrust 
propulsion system. The second type also used chemical propulsion but 
included a flyby of Venus in an effort to reduce the amount of AV required. The 
final type of trajectory used a low thrust propulsion system. 
The criteria used to choose a type of trajectory were simplicity, reliabilitgr, 
minimum mass and low mst. Minimum mass requires that the AV be small. 
bow cost means that the length of the flight should be asshort as possible. In 
general, the direct flight option is the simplest and has the shortest flight time, 
but has the highest mass. The Venus flyby option should yield a lower AV than 
the direct flight. A Venus flyby has several disadvantages. The flight time is 
usually longer than for a direct flight. Heat shielding would increase the mass 
of the spacecraft. A low thrust propulsion system has the lowest propulsive 
mass and would further reduce mass by reducing reinforcement needed for the 
spacecraft. Flight time for the low thrust option is much longer than those of the 
first two options, and it does not have tho proven record of the high thrust 
systems. The low thrust system would not use an aerobrake to enter Mars orbit, 
thus violating a one of the requirements for the mission. 
Option Selected 
Fig. 1 .S Trajectory Trade Study 
The trade study of types of trajectories compared numbers from computed 
trajectories. First of all, the low thrust system was ruled out because it did not 
employ an aerobrake system to enter Martian orbit. Trajectories for the direct 
(igM and the Venus flyby were computed. The resuns are shown in Fig. 1.5. 
The flyby trajectory yielded a shefler flight time than this particular direct flight. 
On the other hand, the AV for the direct Right turned out to be lower. It was felt 
that reducing AV was more important than reducing mission length. The direct 
flight option is therefore the optimal solution in this case. 
A computer program called MULIMP was used to compute optimum direct 
flight trajectories. The analysis covered the period of 2005 to 2010. The 
Option Selected 
Fig. 1.6 Direct Flight Trade Study 
program was used to calculate trajectories with the lowest required AV. The 
computed AV did not include that needed to enter Martian orbit. During this 
period of 2005-10, three optimal trajectories were found. These three 
trajectories were compared with respect to AV, length of flight, Earth-Mars 
distance at arrival, and Earth-Sun angle at arrival. Fig. 1.6 shows the values of 
these parameters for the three trajectories. The chosen date, Oct. 14, 2009, is 
the best in all four categories. 
Four different types of orbits were investigated for the satellite. The four 
types are polar and non-polar low circular orbits, synchronous orbit, and an 
Option Selected 
Fig. 1.7 Sate l l i te  Orbit Trade Study 
elliptical orbit. The science requirements of the satellite are that it must pass 
below an altitude of 800 km for certain instruments to function. In addition, the 
orbit should cover as much of the planet as possible. For safety reasons the 
satellite must maintain constant contact with the aircraft. Fig. 1.7 lists whether 
each option meets each of the requirements. The only orbit that meets %I1 the 
requirements is the elliptical orbit. 
The following is a timeline for a possible mission using the trajectory 
described previously. 
Oct. 1,2009 
Oct. 2,2009 
Oct. 2-1 4 
Oct. 14,2009 
Dec. 30,2009 
Sept. 4, 2010 
Sept. 27, 201 0 
Launch of first Heavy Lift Vehide 
Launch of second Heavy Lift Vehicle 
On-orbit assembly of spacecraft at Space 
Station 
Departure from Earth orbit 
Change in antenna pointing 
Beginning of aerobrake maneuver 
Release of satellite into Martian orbit, 
completion of aerobraking, and descent to surface 
after survey of landing site 
In summary, the design given meets all but one of the r~uirements. It 
was found that the spacecraft could not be carried into orbit by the Space 
Shuttle. The justification of using the Heavy Lift Vehicle is given in the 
Structure subsystem report. The spacecraft will be able to perform different 
missions as long as the needed AV does not exceed the propellant carried. All 
of the techniques described are available now or will be available before 1998. 
Nothing in MMPC design will limit the spacecraft lifetime to less than four years. 
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Q~l@nc@ and Radio Relay 
Monica M. Doyle 
In addition to delivering the Mars aircraft to the surface of the planet, the 
MARTIAN mission will deploy two identical satellites, injecting them into two 
distinct highly eccentric orbits as described in the section entitled "Mission 
Management, Planning and Costing". The selection and coordination of these 
instruments is the task of the Science and Radio Relay Instrumentation 
subsystem. The science instruments were chosen only after careful 
consideration of the mission science objectives, research of past missions to 
identify candidate instruments and comparative studies of these candidates. 
From the Request for Proposal, we have identified these global 
requirements as pertaining to this subsystem: 
- the lifetime of the satellite, like that of the spacecraft itself, 
should be at least four years . 
- the design of the satellite will stress simplicity and reliability 
at a minimum cost while fulfilling the mission science 
requirements 
- the technology-proposed must be available by the year 1998. 
From the document entitled "Mission Science Objectives", we obtained the 
general and specific science subsystem requirements. The general objectives 
of the MART IAN science program will be: 
- gain an insight into the origin, evolution and present state of 
the universe 
- obtain a better understanding sf our own planet through 
comparative studies 
- determine the relationship between the evolution of the solar 
system and the appearance of life. 
To meet these general goals, six specific subsystem requirements are outlined. 
These are: 
- determine the elemental and mineralogical composition of the 
Martian surface 
- determine the distribution, abundance, sources and 
concent rations of volatile materials and dust 
- define the global gravitational field 
- measure the global surface topography 
- examine the structure and circulation of the Martian 
atmosphere in detail 
- determine the nature of the planet's magnetic field. 
Tables 2.1 through 2.6 outline the advantages and concerns associated with 
each of the candidate instruments corresponding to the six specific science 
requirements for the MARTIAN mission. Below each table is a brief description 
of the instrument(s) chosen to fulfill that particular requirement and be carried 
on each of the MARTIAN orbiters. 
Req.:determine the elemental and mineralogical cornposition of the surface on a global 
cmdkbte Inst- AdvantaOes Ooncems 
High Resobtion higwprpgmmnable~ ~ , h i O h  
Imaging Spectrometer high resdrtion p e r  requiremas 
r am Ray p v e n  successful on possble ifterference 
Spedmmetef Apolb missions from%- 
w 
Near Infrared Mapping detailed spectroscopic kw spatial resolutian 
Spedrometer (NIMS)' characterization, corn- 
bines specbPscopic and 
WQng q N U i k s  in one 
hsbument 
"instrument chosen 
The gamma ray spectrometry experiment on the MARTIAN orbiter is 
designed to obtain information on the abundance of elements present on the 
surface of the planet. These elements will be identified by the characteristic 
wavelength of the gamma rays they emit when bombarded by neutral particles. 
Elements that can be detected by this instrument include potassium, titanium, 
thorium, iron, uranium, silicon, oxygen, hydrogen and carbon. The instrument 
may be shielded from interference by the satellite magnetic field through the 
use of a double coaxial cable between the photo tube through which the 
energetic particles enter and the charge amplifier where the sensed energy is 
amplified and transformed into a digital signal to be sent to the data control 
system. 
NlMS combines the capabilities of spectroscopy and imaging in a single 
instrument. Spatial coverage of the surface is derived from a scanning 
telescope and spectral coverage from the spectrometer. Composition of both 
atmosphere and surface will be examined by observing the infrared radiation 
from each. 
Table 22 
Req.:determine the distribution, abundance, sources and concentrations of volatile 
materials and dust 
cmdkm instnrnent 
Ultraviolet Photometer proven successful on 
Pbneers10811 
Dust Detectof provides broad d rum 
speed, and mass d 
-partide 
Global Ozone Monitering ukraviolet and infrared 
Fladbmter (GOMR) dualcapabilities 
(bl'mm 
poor resolution at hrge 
dstances 
~examirsespartides 
at SX: aRW; provides 
nomaboutpartides 
dosertoarface 
massive, very high 
lxlwer 
The ultraviolet photometer will be used to measure the scattering of 
ultraviolet light or emission of ultraviolet light from interplanetary hydrogen, 
helium and dust from the atmosphere of Mars. The data gathered from these 
experiments will be useful in determining the abundance and distnrbution of 
these volatile materials. Knowledge pertaining to the amount of helium in the 
interplanetary region is also expected to shed more light on the origin and 
evolution of the solar system. 
The dust detection experiment is designed to gain an understanding of the 
characteristics of dust particles in and around the Martian atmosphere. The 
instwment is mmptised of a set of grids, electron and ion collectors and drcuitry 
to determine the mass, impact speed and charge of a particle entering the unit. 
-- - 
Req.:define the global gravitational field 
Concerns 
Radii Science (in cornrmni- relatively sirrple mst account hx Doppler 
cation with Mas base)' SMtbvhenpaSsigover 
s u r f ~ ~ e r  
Radio Science (in communi- proven successful on requires radii comnuniWon 
cation with Earth) many NASA missions with Earth (im addlbn to 
WwthMarsbaS0) 
The radio science inst~rnent is part of the celestial mechanics experiment to 
be performed by the MARTIAN orbiter. The object of this experiment is to define 
the gravitational field on a global basis. In this case, the measurements will be 
made by the satellite itself as it orbits the planet in communication with the Mars 
base. The radio system serves as a sensor for small gravitational perturbations 
on the orbiter trajectory which, in turn, are used to infer the structure of the 
gravitational field of Mars. This experiment will offer information concerning the 
density and mass distribution within the planet. 
Table 24  
r,rq gj 
Ej 
Req.:measure the global surface topography 
%:$, .4 
krstNnend Cwlcermr 
Radar Mapper proven successful on moderate rescd&m 
PiocleervsnusmIssion 
Solid State imaging high spafd resolution bited spedr;il 
-, 
h$hcwrate 
The radar mapping instrument will be used to obtain a topological map of 
the Martian surface. Surface heights along the suborbital trajectory are derived 
from the observation of a radar echo and are generally accurate to 
approximately .I 5 km. From this data, a good estimate of global topography 
can be obtained. Furthermore, information on electrical conductivity and meter 
scale roughness on the surface can be derived from these observations. 
Tabie 25 
Req.:examine the structure and circulation of the atmosphere in detail 
c m d d a b l r l s t ~  Advantages cbncens 
Atmospheric Sarndef high vertical resoclaion relatively high power 
Ultraviolet Spedrometef high spatial resolution retains capacities up to 
oorrsaerablvtapebs- 
tancssrntqjlsb 
bsefesuim 
PhotopolarLneter veryh$hspatialrese b s e s w  at 
lWon aticaldstancesiess 
lt'm-dlheuv 
Spe& 
OWBOBNAL PAGE 18 
QF POm Q&BALm 
The atmospheric sounding instrument on the MARTIAN science orbiter will 
provide a direct measurement of the temperature profile in the Martian 
atmosphere with extremenly high vertical resolution. 
The ultraviolet spectrometer experiment is designed to determine the 
characteristic properties of the Martian atmosphere via a spectroscopic analysis 
of ultraviolet light scattered or emitted by clouds and atmospheric gases. Each 
gas in the atmosphere has its characteristic emissions and the flourescence in 
the atmosphere caused by the absorption of ultraviolet radiation has its peculiar 
characteristics dependent upon the elements present. 
Tabie 26 
Req.:determine the nature of the magnetic field. 
Flux Gate Magnetomater' proven successful on both possible interference 
planetarym-lJ' w%h - 
sdeites field 
Magnetospheric Currents broad range of magnetic massive, high data rate, 
and Fekls Detedor (MAG) field sensathdty posslMe intaference 
twnsatepemag 
IaCiSeld 
The magnetometer experiment on the MARTIAN orbiter will be used to 
determine the nature of the Martian magnetic field. The instrument is designed 
to produce a voltage that is linearly proportional to the sensed magnetic field. 
This voltage is then converted into a digital signal to be sent to the data control 
system. 
One method of stabilization for the orbiter will be the use of two gravity 
gradient booms of approximately 10 meters in length and oriented in opposite 
directions along the gravity vector. This will be discussed in detail in the section 
entitled "Attitude and Articulation Control Subsystem". In addition to stabilizing 
the orbiter, the booms will also carry the two magnetometer sensors. One 
sensor will be placed at the end of each of the booms. This will serve to isolate 
the instruments from the magnetic field created by the satellite itself. However, 
since one of the booms and, therefore, the magnetometer sensor, are 
continuously between the orbiter and the planet, any radio communications will 
interfere with the accurate sensing of magnetic waves. This interference can be 
eliminated through the use of a low pass filter in each of the sensors. This 
device will filter out the high frequency radio waves while allowing the low 
frequency magnetic waves to pass through the sensors. A low pass filter also 
eliminates the necessity for the magnetometer booms to be spun as proposed 
in the preliminary design. 
The gravity gradient boom creates an additional problem. tt is itself an 
obstacle between the instruments on the orbiter and the object of their 
measurements and may, therefore, be read as a rather striking feature on the 
surface of the planet. This, however, can be easily corrected via preflight 
programming of the instruments. 
Table 2.7 is a summary of the instruments chosen to be camed on the 
MARTIAN science orbiter. Pertinent parameters for each of the instruments are 
also given. The instruments are all oriented along the gravity vector pointing 
toward the planet with the exception sf the dust detector which is aimed in the 
,-- 
diredion of motion of the orbiter. The placement of these instrarments on the 
satellite is shewn in Figure 2.1. 3 
Table 27 
~ n s t ~ ~ m e ~ v i o u s  or Massfkg)mr(W) Data Rat-) 
proposed mission . - -  . - -  
- - 
Gamma Ray SpedrometerJ 
MarkerMarkII 
NIMS/GaReo 
W PhotometerlPkneers 
10&11 
Dust D e t ~ ~  
Pioneer Venus 
Atrnosphencsounderl 
Pioneer Venus 
UV Specbwneterl 
M&w Mark II 
-- 
1. GammaRaySpec. 
2. NtMS 
3. WF'hmne?w 
4. Dust Detector 
5. Radii Science 
6. Radar Mapper 
7. Atmospheric Sounder 
8. W Spec. 
Mars 
Figure 2.1 : Instrument Placement 
Figure 2.2 shows schematically the minimum, peak and intermediate phases of 
operation of the science instruments and the power requirements 
corresponding to these phases. The most important impact of the satellite 
trajectory on the scientific mission of the MARTIAN project is the precession of 
the satellite orbit. Due to the high eccentricity of the elliptic orbit, instruments 
such as the dust detector and UV photometer are unable to obtain meaningful 
data during a considerable portion of the orbital period due to the great 
distances. Peak operation, therefore, occurs near periapse passage. In a 
stationary orbit, this would yield great accuracy and detail of information 
pertaining to the suborbital surface near the periapse point but very little 
knowledge about the rest of the planet. In our design, however, the 
precessional character of the orbit means that the requirements for "global' 
information will be met. 
Apoapse 
h = 5606km 
Period = 4hr 15min 
12.55sec 
4500km<h<5606kms ; 
power = 6.70 W 
800km<h<4500km 
power = 55.70W 
h = 300km 
h = satellite altitude above Mars 
300km<h<500km , 
power = 77.70W 
r 
Figure 2.2: Phases of Operation 
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In the development of the MARTIAN science orbiter, systems integration 
plays a crucial role. Figure 2.3 depicts the interactions between science and 
other subsystems contributing to the development of a satellite which would 
fulfill the requirements outlined above. 
Figure 2.3: Subsystem Integration 
A possible enhancement for this or future missions would be the addition of 
an instrument designed to measure and determine the effects of the solar wind 
at Mars. To this end, a solar wind plasma analyzer may be added to the 
science payload to examine properties such as the velocity, density, flow 
direction and temperature of the solar wind and its interactions with the planet's 
upper atmosphere. This information would be useful in gaining an 
2-1 2 
f 
undewanding sf this dynamic force in our solar system as we91 as an insight 
into the effects sf the solar wind on weather processes on Mars and our own 
planet. 
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Command and Data Control 
As a whole the Command and Data Control subsystem will consists of a 
computer, radio, and an antenna. The CDC subsystem requirements are: 
.Collect/send telemetry from all subsystems 
*Send/receive commands to all subsystems 
*Control power switching for all subsystems 
9Acceptlcarry out commands from mission control 
.Receive power from PPS 
CDC: Computers 
For this mission, we will be using two computers. The first computer will 
reside in the satellite and will be responsible for all computing needs for the 
flight out to Mars. It will also, once separation of the satellite from the reentry 
vehicle has occured, be the only computer aboard the satellite. The second 
much smaller and more dedicated computer will reside and remain in the 
reentry vehicle once separation has occured. This second computer will be 
responsible for the management of the aerobrake maneuver after separation, 
circularization of the reentry vehicle orbit, and any computing that might need to 
be performed during the decent of the cargo to the surface of Mars. 
Both computers will make full use of the state of the art in both hardware and 
software, including advances in Artificial Intelligence, while keeping in mind the 
1998 technology cut-off. They must also be reprogramable during the mission 
in case: mission objectives change, to de-bug system once mission has started, 
uploading of new algorithms, and finally to form a software patch for certain 
unexpected hardware failures. Both computers must also be able to 
sendheceive commands from all subsytems and accept/process power request 
from all subsystems. Finally, we will require the main computer, the computer 
on the satellite, to be able to perform encodingldecoding along with error 
detection of any sentlreceived telemetry. We will also have this computer 
perform data compression of any very high data rate telemetry. 
The peak data rate as supplied by the science subsystem analyst is 
9.56kbps. The main computer should at the very minimum have sufficient 
memory to store at least one complete orbit's science and spacecraft health 
data before downloading the data to the Martain base. 
CBC: Radio and Antenna 
The CDC subsystem will contain two separate radio/antenna packages. 
Like the computers a smaller radio/antenna unit will stay with the reentry vehicle 
after separation for on orbit communications. While a larger radio/antenna 
package, capable of communications on an interplanetary scale, will remain on 
board the satellite after separation has taken place. Both units will broadcast on 
the X-Band frequency (see fig. 3-1). A separate low-gain radio/antenna 
package for base or plane to satellite communications has been discounted 
because this extra system would add extra weight and cost to the satellite 
unnecessarily. 11 is my belief that the X-Band communications system can meet 
all communications requirements by itself. Specific requirements for the 
radiolantenna system are: 
*Sufficient power to sendtreceive communications for 4yrs. 
.Provide upldownlink for plane to base communications 
*Able to receivelaccept commands from mission control 
*Able to send science and other data down to base 
Being phased out by 
DSN for deep space 
communications I 
Fig 3.1 
The smaller radio/antenna unit will serve the purpose of receiving 
commands from the satellite or Mars base such as: when to fire retro-rockets for 
remaining aerobrake maneuver and landing on the surface. It will also have to 
be able to send back messages of compliance to these commands and reentry 
vehicle health. This smaller radiolantenna system will use a 1 Om whip antenna 
to allow for lower cost over a parabolic antenna and hopefully better line of sight 
visibility for the antenna. (The aerobrake shield might occlued a smaller fixed 
antenna, but the whip antenna should be able to "see around" the areobrake 
shield.) The reentry vehicle radio/antenna system will only need enough power 
to perform routine surface to orbit or orbit to orbit communications. It will not be 
capable of performing interplanetary communications. 
The larger of the two radiolantenna units will reside on board the satellite. 
This system will be responsible for all interplanetary communications and it will 
be sized in this regard. It will consist of a radio transmitter of Pt=25W matched 
with a fixed, non-furlable, antenna of 4=3.7m. (Both of these are nominal 
values for this type of deep space communications equipment; therefore, these 
items could be purchased off-the-shelf thus reducing cost and increasing 
reliability.) For purposes of this preliminary design study, it will be assumed that 
an established and well maintained line of sight between the two 
communicating bodies is sufficient for purposes of pointing accuracy. 
It will be assumed that the Mars base has radio equipment with sufficient 
power to communicate with the Deep Space Network. We will make use of this 
assuption by switching from an Earth based mission control to a Mars based 
mission control at the p ~ i n t  when the spacecralt is equidistant from the Earth 
3 4  
and Mars. This has the rather significant impact of reducing the one-way 
maximum communications distances and therefore the round trip 
communications times. At arrival the communications distance would be 
2.224a.u., but with this maneuver the maximum communications distance will 
be only 0.4a.u. (distances provided by MMPC). This translates into two-way 
communication times of 36.94min. and 6.65min. respectively. This savings in 
time will enhance mission reliability by letting mission control have faster 
execution of any commands. This Turning Of Communications Destinations, 
TOCD, also proves quite valuable when the spacecraft is in the critical 
aerobraking maneuver. Monitoring of the spacecraft will not be from Earth at a 
distance of 2.224a.u. but from the surface of Mars itself thus allowing nearly 
instantaneous monitoring and control over the spacecraft (see fig 3.2). 
The equivalent noise temperature for the downlink of the X-Band frequency 
is T=28.5O. This will be used as a worse case, because of the lack of water 
vapor in the Martain atmosphere, Mars will have a much lower thermal noise 
temperature than the 2 8 . ~ ~ ~ .  Through my research I have learned that at the 
X-Band frequency attenuation of radio waves by Martain dust storms is not a 
significant factor for CDC sizing purposes. 
Mission Geometry 
Mars a t  
Arrival 
Turning Of Communications Destinations 
f ig  3.2 
Radialantenna sizing 
X-Band 
Uplink 
f=7170 MHz 
1=.0418 m 
Downlink 
f=8450 MHz 
k.0355 rn 
I=wavelength 
Minimum Pr that DSN can receive is 4x1 0-21 W so we are assured that our 
communications signal will be received. 
References 
Agrawal, Brij M. Englewood Cliffs, Ca: 
Prentice Hall, 1986. 
Draper, Ronald F. Pasadena, Ca: JPL, 1984. 
Flock, W.L. and Smith, E.K. "Propigation Through Martain Dust at 8.5 and 32 
GHz." 
Slobin, S.D. "Models of Weather Effects on Noise Temperature and Attenuation 
for Ka- and X-Band Telemetry Performance Analysis." 
Telecomunications and Data Acqusition Progress Report 42-88, 
Yuen, Joseph H. 
Pasadena Ca: JPL, 1982. 
(i., w., c.:.., 
,. ."., c.:.:.:. pj r....... 
a& 
AACS 
Requirements: 
The attitude and articulation control subsystem consists of sensors, 
thrusters, and pointingldeployment actuators controlled and coordinated in such 
a way as to meet andlor exceed the stated requirements, described below. 
The applicable requirements distilled from the RFP are: 
- optimization of performance, weight, and cost 
- reliability and ease of operation 
- off-the-shelf, pre-1998 hardware 
- several missions possible 
- four year lifetime 
The requirements given for AACS specifically are: 
- send telemetry to CDC 
- accept commands from CDC 
- power from PPS 
- outputs 
- spacecraft attitude 
- instrument pointing 
- antenna pointing 
- inputs 
- attitude references 
- actuator positions 
- thruster valve actuation 
Method of Attack Identified: 
Figure 4.1 shows the method of attack followed in meeting the stated 
requirements; it is self explanatory. 
General Control Philosophy: 
In order to demonstrate the general control philosophy followed, a block 
diagram is presented as Figure 4.2. 
Figun 2: General Con trul Philusophg 
Commands are generated indicating a desired positioning, and computer 
logic determines the torque needed in response. Thrusters provide that torque, 
causing a new attitude to be achieved as the spacecraft moves. This position, 
taking into account any disturbances encountered, is sensed, completing the 
loop. 
One of the first decisions to be made in the design of the subsystem is the 
method of stabilization. Simple spin, dual spin, and three axis control were 
compared, with passive control by gravity gradient also examined. 
The simple spin method was rejected immediately because of science 
instrument requirements; a number of instruments must have a fixed orientation. 
Dual spin was attractive because of its scanning and inertial pointing 
capabilities, low disturbance sensitivity and minor principle axis stabilization, 
but was rejected due to its very complex dynamics, the high cost of precision 
pointing, sensitivity to mass properties and mass balance compensation 
requirements. Three axis control, with its high precision and maneuverability, 
adaptability and high accuracy was chosen as the base stabilization 
philosophy. 
Choosing three axis control then required another decision to be made, 
between momentum exchange and mass expulsion methods. Momentum 
exchange was rejected due to rotational and momentum dumping complexities, 
nutation, and precession. Mass expulsion was chosen for its quick response, 
high accuracy, and inertial orientation. 
The disadvantages of the chosen methods as well as the advantages of 
the rejected methods do cause concern. Maintaining the desired orientation 
with an all thruster approach is very expensive in terms of propellant required, 
and limits spacecraft lifetime. Propellant could be conserved by a momentum 
exchange approach, for example. Power requirements and Complex thrust 
vector control are other drawbacks to the chosen approach. 
For these reasons, the MARTIAN satellite will employ passive gravity 
gradient stabilization in addition to three axis. TWO 7 112 meter booms will be 
deployed when the desired orbit is reached. The gravitational field difference 
between the end of the booms and the main spacecraft body causes a restoring 
torque, aligning the booms with the local vertical axis. 
Given the attitude geometry of Figure 4.3, the gravity restoring torque is 
given by G = (3p) (lxy2 + lxz2)1/2 1 ~ 3  (Kaplan,1976,p.201) where lxz and Ixy 
may be approximated by IU = Ixay + lzsy and ixy = lxaz + Ipr. R is the orbit 
radius and p = 4.305 X 104 km3hec2 at Mars. The magnitudes of the torques 
thus calculated for various orbit altitudes are very similar to those of proven 
satellites. 
Figure 4.4 shows that for gravity gradient stability, lpitch > lroll > lyaw For 
the MARTIAN satellite, = 958.2, Iroll = 850.8, and lyaw = 181 .O, meeting 
this requirement. &, . 1- -IrC 1- t ., MARTIAN ' 
Figures 4.3 and 4.4: Attitude geometry and Grav. Grad. Stability Region (Kaplan,l976,p.202,4) 
Gravity gradient dabilization offers many advantages. A great burden is 
taken off the active thruster system, because the passive control provides the 
major stabilization. Thrusters do the fine tuning as well as damp out 
oscillations. Additionally, science instrument orientation towards the planet is 
not a problem. The magnetometer will be mounted on the end of the gravity 
gradient boom, and the other instruments mounted on the main spacecraft body 
in their required aiming orientations (see Positioning and Pointing). 
This approach, then, eliminates the need for a scan platform and all the 
associated complexities. Finally, thruster off failure is no longer disastrous. In 
the event of multiple thruster failure (which is very unlikely), the spacecraft will 
not immediately tumble, due to the gravity gradient boom. More time is thus 
available to effect necessary repairs, if possible. 
Som~onent Studv and Selection; 
In this section the need for specific instrumentation and the rationale 
behind its selection is presented. 
The accelerometers are part of the sensing block in the control 
diagram above (Figure 4.2). It is highly desirable to implement fiber optic 
accelerometer technology for the reasons described in the gyroscope section 
below. One accelerometer per axis in both the aerobrake vehicle and the 
orbiting satellite is necessary, each having an approximate mass of 1 kg and 
approximate power of 4 W. 
Bducatars; Rotation of the ultraviolet spectrometer, deployment of the gravity 
gradient boom and antenna, and actuation of the solar arrays are the four areas 
considered. Simplicity and reliability are essential here, because a frozen 
antenna or an undeployable boom would bring severe problems to the mission. 
A very simple gravity gradient boom deployment scheme was used an 
UOSAT in the early 1980's: a half inch diameter beryllium copper tube, 
unwinding from a drum (Hodgart,1982,p.380). This design has been chosen 
because of its simplicity, utility and previous successes. Estimated deployment 
motor mass is .75 kg with a peak power of 10 W. 
The satellite antenna will be placed on a simple two axis antenna drive 
system providing large angular deflections. No detailed selection process is 
described here; many of the flight proven devices available will meet the 
requirement. We assume such a system for the satellite with approximate mass 
7 kg and approximate power 20 W. No such system is required on the 
aerobrake, according to CDC. 
The ultraviolet spectrometer must have the ability to point both at the planet 
surface and out to space, for calibration purposes. This will be accomplished by 
a simple rotational actuator, rotating the instrument from its star oriented rest 
position, 90° to face the planet surface. Estimated mass is .75 kg with a peak 
power of 5 W. 
Finally, a standard flight proven solar array drive with a torque capability of 
at least 50 N-m is chosen for array manipulation. Estimated mass is 4 kg with 
peak power 9 W. Four such actuators will be necessary, two each for the 
satellite and aerobrake. Once again, it is assumed that one of the many 
available flight proven actuators will perform well; no specific choice is made. 
To promote simplicity and cost effectiveness, the AACS control logic 
will be handled by the main CDC computer. Sensor telemetry will be sent and 
resulting commands received from the device, as depicted in the control block 
diagram (Figure 4.2). 
To provide essential attitude determination information, two 
gyroscopes are oriented in a "V" formation to sense spacecraft movement in the 
three orthogonal directions. A third gyro will be provided for redundancy. This 
three gyro system will be employed in both the aerobrake and the satellite. 
Recent advances in fiber optic technology render trade studies on non- 
fiber devices obsolete. When the requirements concerning reliability, lifetime, 
performance, etc. listed earlier are considered, it becomes obvious that fiber 
devices are the ones to choose. They are small, rugged, virtually maintenance 
free, without complicated mounting systems, require no warm up time and are 
even low in cost (IEEE,1986,p.54). 
The Fiber Optic Rotation Sensor is especially attractive (Draper, 
1984,p.14), with an estimated life of ten years, ten kg mass, and less than 10 W 
of power required, and js chosen. 
& To determine the location of MARTIAN in space, the satellite is 
equipped with a star tracker detecting stars and their locations in relation to the 
vehicle. Additionally, gyro drift rates, various misalignments, and the absence 
of precise initial attitude reference necessitate star tracker use. 
In choosing a star tracker, solid state imaging is considered much more 
desirable than tube-type devices, with their high voltage requirements, error 
susceptibility and magnetic field problems (Armstrong, 1985p.342). Also, a 
Charge-Coupled Device (CCD) is desired, allowing tracking to occur even with 
considerable background light. 
Three such solid state devices exist and are available: JPL's ASTROS, 
TRWs MADAN, and Ball Aerospace's RFT. The choice is quickly made, 
because the MADAN is designed primarily for Earth-orbiting spacecraft and the 
RFV uses a Charge Injection Device, with predicted performance characteristics 
I 
inferior to CCB's. The ASTRBS, which has a CCD, is chosen. tt is assumed 
that the device can be modified or improved to suit the MARTIAN application 
specifically, as the "planetary ASTROS" was developed for the Mariner Mark I I  
program. It has a projected mass of 8 kg and power consumption of 11 W. 
&lfl The sun sensor determines the sun's position relative to the 
satellite, and is generally necessary for calibrated rotational motion about 
specific axes. Two sensors are placed on the spacecraft in order to function in 
the desired manner. 
The two sun sensors may be chosen from the many flight-tested models 
available, with mass approximately 1 kg and an approximate 2 W power 
requirement. 
Table 4.1 summarizes the components chosen, their masses, and power 
requirements. 
Accelerometer 
Actuators 
-Antenna 
-Boom 
-Solar array 
-UV Spect. 
Gyroscope 
Star tracker 
Sun sensor 
TOTALS 173 104 
Table 4.1 : Comp. powers and masses 
The obvious overlap of instrument functions (6.g. gyros, staf tracking, and 
the sun sensors can all provide yaw error information) greatly increases the 
reliability of the AACS. Safety is assured in the event of component 
Positioning Pointinn; 
In this section the rationale behind the placing and aiming of thrusters, 
sensors, and other instrumentation is presented. These general guidelines 
were given to STR, which did the actual specific positioning. Reference is made 
to the spacecraft diagram in the STR subsystem report. 
Firstly, a number of the motion sensing devices may be buried within the 
structure of the spacecraft, such as accelerometers, the computer system, and 
the various gyroscopes. Three gyroscopes and three accelerometers were 
placed on both the aerobrake and satellite for optimum sensing with 
redundancy. 
The equipment used to locate the satellite in space are the two sun 
sensors and the ASTRBS star tracker. Their positioning was fairly simple. In 
order to maximize exposure time to the sun, the sensors are placed on the top 
of the spacecraft. The star tracker, in order to remain fixed on its three star base 
both in orbit and enroute, is mounted on side of the satellite, pointing parallel to 
the arrays, near the antenna. In orbit it aims perpendicular to the local veritcal, 
guaranteeing once again the optimum view. 
The two axis antenna actuator and antenna placement on the side of the 
satellite guarantee all necessary maneuverability. The ultraviolet spectrometer 
90° actuation device allows the instrument its required views of both the planet 
surface and its calibration stars. The other instruments were positioned by the 
SCI and STR subsystems, with very little fine tuning or pointing necessary. 
The selection of AACS thrusters was performed by the PPS subsystem, 
and their placement was determined by AACS and STR. As much translational 
and rotational control along and about each axis as possible was desired for 
both the, aerobrake and satellite. To apply as true a torque as possible, each 
thruster per firing pair was placed an equal distance from the center of mass. 
The satellite utilizes 12 thrusters, enabling six degrees of freedom. 
Moment arms for each thruster pair have been maximized for minimum 
propellant use. Because the aerobrake blocks out one side of the entry vehicle, 
it carries eight thrusters, once again each with the largest possible moment arm. 
Control maneuvers will, if possible, be carried out on the minimum moment of 
inertia axes. 
and Sizinq: 
It is impossible to predict exactly how much propellant will be required for 
the attitude control, repositioning, and other functions of space vehicles. For 
MARTIAN, estimation of these requirements was completed using various 
equations, and large safety factors were built in to assure that fuel requirements 
would be met throughout the spacecraft's lifetime. 
For a pair of thrusters separated by a distance I and with angular moment 
of inertia M, it is known that (F)(I) = (M)(a), where a is the angular acceleration. 
Now a = (2)(0)/t2, where 0 is the displacement angle and t is the elapsed time, 
so F = (2)(h4)(0)/t21. Because F = (w)(lsp) where w is weight flow in Iblsec, we 
can see 
Mp ' (2)(M)(0)J(lsp)(t)(l)(go) 
where Mp is the propellant mass used, go = 9.81 m/sec2, and Jsp = 300 sec for 
the thmster system chosen. 
For enroute attitude control propellant estimation, it is assumed one rolling 
rotational maneuver will be performed every day for the 326 days of the flight. 
Given the approximate moment 88200 kg-m2, an I of 22 m, and taking a time of 
600 seconds, the required propellant mass is (326)(.029) = 9.45 kg. By the 
same method, the yaw axis maneuvering estimated propellant mass is 
(10)(.038) = .38 kg, assuming ten turns. 
After the satellite is separated from the aerobrake by pyrotechnic bolts, it 
must accelerate away from the aerobrake. Assuming a linear increase in 
acceleration to 2 m/s2 in 15 seconds, the total AV required to move away and 
then stop once again is 30 m/s. Using the rocket equation, the estimated 
propellant mass to separate is 4 kg. 
After separation, the satellite must have a lifetime of at least four years. 
Due to the gravity gradient stabilization technique described earlier, fine tuning 
propellant mass is minimized. Based on the AACS estimated fuel requirements 
for similar spacecraft (Chubb,1975,p.226), the MARTIAN satellite has 20 kg of 
propellant allocated for this purpose. Also, 28 kg of fuel has been provided for 
satellite repositioning (providing a AV capability of approximately 235 m/s), and 
5 kg for control during earth orbit escape. 
Finally, after separation the aerobrake must execute various attitude 
control turns. For one rotational maneuver about the yaw axis, approximately .3 
kg of fuel is required. For safety, 5 kg of AACS fuel will be prescribed for that 
purpose. 
Table 4.2 summarizes the AACS fuel requirements. 
To maximize rotational toques, the burns occurring between Earth and 
Mars will be performed by the aerobrake thrusters. As can be seen, the total 
propellant masses are 52.0 kg and 19.8 kg on the satellite and aerobrake, 
respectively. Assuming the density of hydrazine to be 1060 kglm3, tank 
volumes of 49057 cm3 and 18679 cm3 are required. STR has determined the 
shape and placement of these central tanks on both vehicles. 
Event 'Vebicle wIank 
Earth escape AIS 5 A 14.7 
Mars transfer AIS-roll 9.45 A 27.8 
-heading .38 A 1 .1 
Separation Sat 4 S 11.8 
Sat. WC Sat 20 S 58.9 
Sat. repos. Sat 28 S 82.4 
Aerob. control Aero 5 A 14.7 
TOTALS 71.8 21 1.4 
Table 4.2: AACS fuel requirements 
C_MtmlMcrdes: 
AACS has been broken down into five specific control modes, with 
different functions and instruments in each. 
In the acquisition mode, the spacecraft will get a fix on its position relative 
to various heavenly bodies. Onboard star catalogs will provide the celestial . 
reference for the tracker, and the sun sensor will determine the relative 
positions of the earth, sun, and spacecraft. With this foundation, the other 
sensing instruments can perform their tasks. 
In the cruise mode, the two major functions are navigational checking and 
spacecraft health updating. Unforseen perturbations such as solar torques, 
magnetic fields, internal accelerations, etc. cause changes in spacecraft 
dynamics. These will be registered by the gyroscopes and accelerometers, 
telemetry sent to CDC, and correcting torques applied. Additionally, software 
will make periodic checks of all AACS devices to ensure proper functioning. 
This is especially applicable to thrusters. 
The maneuvering mode encompasses any necessary rotational and small 
translational movements. Commands sent by CDC activate thrusters in the 
required combinations to effect the desired motion. During the flight to Mars, 
turns will be performed to initiate the aerobraking process, and once on orbit, 
various turns and repositioning may be needed. Additionally, boom 
deployment will occur in this mode. 
In the fine point mode, actuation devices will combine with thrusters (if 
necessary) to set the antenna and science instruments in the proper 
configurations. Once again the CDC computer will direct this activity. 
Finally, should any more repositioning be necessary, the Delta-V mode will 
be implemented, providing a fine tuning to the booster engines present. 
Separation of aerobrake and satellite occurs here. 
A description of interactions between AACS and the other subsystems is 
presented here. Figure 4.5 summarizes this section. 
The power needed to run the AACS devices is provided by PPS. Average 
and peak power requirements were calculated and provided to PPS. PPS also 
handled thruster selection and the fuelltanking to operate them, sizing estimates 
having been provided by AACS. 
ORsGlNBsaL PAGE IS 
OF P 0 M  QUALm 
Spacecraft positioning immediately preceding and during the aerobraking 
maneuver is handled by AACS and requires input from AERO. Post separation 
control is another concern; AERO providing a general idea of the degree of 
control necessary. 
Instrument pointing Centrsl computer 
Boom deployment Tolernetv transfer rgmnt. met 
Antenna, spscecrnft painting 
Pre-sep positi oniw 
Post-sep communication 
Component placement Power rcqdrernenta met 
floss distribution Thruster choice, openation 
Fuel characteristics, tankage 
Figure 4.5: Iaegatbn AdMties 
CDC operates the computer which commands AACS modes, and 
obviously there is much telemetry transfer between the two subsystems. 
Antenna and valve actuation and spacecraft positioning for communication 
purposes represent further interactions. 
SCI provided AACS with magnetometer boom specifications as well as 
information about instrument pointing. It was also determined that pointing 
requirements were such that no scan platform was necessary, instruments 
being mounted directly on the spacecraft body. 
MMPC provided length of mission data and general control consultation. 
Finally, without a structure, AACS would have nothing on which to place its 
various instrumentation. Suggestions concerning optimal component 
placement were provided to STR, which then calculated final moment of inertia 
values. Component masses and dimensions were provided by AACS. 
ProblemAra;as&Futurs Concernz 
There are a few problem areas requiring future attention. The first of these 
concerns the thruster control of the aerobrake. Because the aerobrake shield 
prevents the aiming of thrusters to the front, full rotational and translational 
control is not provided. Although pure roll of the entry vehicle is possible, 
turning about the pitch and yaw axes is not possible without some translational 
perturbation. 
Secondly, because of the large dimension and mass of the aircraft, the 
spacecraft is necessarily also fairly massive and large. If for any reason rapid 
movement is required, a great quantity of propellant must be consumed. It is 
hoped that whatever enroute movement is necessary will be quite gradual. 
Bending interactions between the thrusters and the spacecraft structure 
should be more thoroughly investigated. Repeated use of a particular thruster 
may induce a high cycle fatigue on the spacecraft that would have to be 
compensated for, either by material reinforcement or a more varying thruster 
usage schedule. 
Finally, hydrazine thrusters are obviously limiting in that when the 
propellant is gone, the thruster is useless and the spacecraft will eventually be 
lost. An area for future study therefore is an on-orbit thruster refueling scheme, 
replenishing the valuable hydrazine and extending spacecraft lifetime 
considerably. 
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Aerobraking, Reentry, and Landing Subsystems 
The last portion of the Martian mission consists of capturing a Martian orbit, 
aerobraking to a desired altitude, deploying the satellite, entering the Martian 
atmosphere, and landing at a suitable ground site. These responsibilities have 
been grouped together in to the AERO subtask. This part of the project report 
will describe the components used to carry out these four tasks. The method of 
analysis and the trade studies performed will also be presented along with the 
process of interactions that was necessary between the AERO group and the 
other subsystem groups. 
Requirements 
The general requirements that apply to the overall mission,such as keeping 
the cost low and keeping the design simple, also apply to the AERO subtask, 
but there are several requirements that are specific to the aeorbraking, reentry, 
and landing portions of the mission. The most important of these is to use 
aerobraking techniques to reduce the fuel needed to achieve the desired 
Martian orbit. This also implies that we must find a way, of analyzing 
aerobraking parameters which in this case is the AEROB computer program. A 
second important requirement is that we separate the satellite from the reentry 
vehicle and install it into the proper elliptical orbit. This requires the 
development of a separation technique and a method for deploying the satellite 
at the proper altitude. The reentry vehicle must be able to sensor inputs 
(attitude, temperature, pressure, payload status, etc.) and communicate these to 
the satellite along with receiving commands from the satellite computer (see 
CDC subgroup). The reentry vehicle must be able to decelerate itself upon 
reentry and to withstand the resulting stresses. This requires thermal shielding, 
parachutes, retro systems, and shock absorbing payload mounts. The reentry 
vehicle must be self-powered (see PPS) . The reentry vehicle must have a 
means of control and stabalization (see AACS). The payload must be protected 
against extreme temperatures, pressures, radiation, and stresses in all phases. 
Subsystem Interaction 
In order to produce a reasonable design concept, there are on-going 
interactions between the AERO subsystem and the other subsystems (Fig. 1). 
The AERO subgroup works most closely with structures (STR) and power and 
propulsion (PPS). AERO must give STR the constraints on spacecraft 
configuration due to wake considerations along with the AERO component 
weights and sizes. STR must inform AERO of the overall spacecraft weights 
and of the type of support structure used in the reentry vehicle. AERO and PPS 
must work together to determine engine weights, lsp values, velocity changes 
needed, and potential savings over an all propulsive case. Mission planning 
(MMPC) must supply the AERO subgroup with the expected hyperbolic 
approach velocity and the desired orbit of the satellite. Command, data, and 
control (CDC) is responsible for determining the type of communications gear, 
sensors, and computer that is needed on the reentry vehicle. Attitude, 
articulation, and control (AACS) is responsible for developing a three-axis 
.thruster system that will keep the vehicle stable and under control during 
aerobraking and upon reentry. There is little correspondence between science 
(SCI) and Aero, since data will be primarily sampled after separation of the 
reentry vehicle and the satellite. 
H~eerbolic Veloci t !~ 
CDrnputer end Comm. 
Aerobraking 
Now that the interaction process has been described, the individual 
sequences will be presented along with the related components and the 
method of choosing these components. The first of these is the aerobraking 
procedure. Figure 2 roughly outlines the aerobraking sequence including 
deployment of the satellite. The spacecraft approaches Mars at a velocity of 
2.464 km/sec (provided by MMPC). The spacecraft must be positioned so that it 
approaches periapse with the rear engine pointing forward. This allows the 
engine to provide the -61 5 mlsec velocity change needed to capture an 
elliptical Martian orbit. This engine and its tanks are then jettisoned to reduce 
weight. After this initial bum, the spacecraft is slowly rotated so that the second 
smaller rear engine can again provide a negative velocity change at apoapse of 
-1.06 m/sec. This is also the proper orientation for atmospheric breaking (nose 
t 
down in the diagram). Through successive passes through the martian 
atmosphere, the spacecraft utilizes aerodynamic drag to reduce an elliptical 
orbit with only minor orbital corrections needed at each apoapse ( commanded 
by the satellite). Each pass descends to a periapse altitude of 3724 km, 
allowing the aerobrake shield to reach a maximum of 600 OC. The initial 
semimajor axis was set at1 50,000 km. When the spacecraft has reached an 
apoapse altitude of 6347 krn, the satellite will be separated from the reentry 
vehicle to be installed into its proper orbit. The velocity change required by the 
satellite is 92.45 mlsec with a corresponding fuel mass of 13.08 kg. The reentry 
vehicle will continue to reduce its orbit until it reaches an apoapse altitude of 
3600 km, where it will then circularizes its orbit with a velocity change of 161.7 
mlsec. The reentry vehicle will coast in this orbit (up to seven days) until the 
satellite has determined that the landing site is suitable. 
Step 1 ) Hyperbolic approach, V = 2.646 km/sec 
Step 2) Orbi t  capture 
- altitude = 3 6 0 0  k m  
- deltaV = -615 m/sec 
- spacecraft started rotating to  reor ient  i t  f o r  step 3 
Step 3) Reduce o rb i t  to in i t iate aerobraking 
- delta Y = - 1.06 m/sec 
Step 4) Deploy saatellite at the proper altitude 
Step 5) Circularize the reent ry  vehicle's o r b i t  and then enter 
the atmosphere when the satel l i te gives the command 
Fig 5.2 
Another option investigated was the possibility of separating the spacecraft 
into three or four separate vehicles prior to the aerobraking sequence with two 
or three vehicles carrying the payload and another carrying the orbital satellite. 
This had the advantage of lower shield sizes and lower individual vehicle 
masses, thereby simplifying parachute and landing analysis and also shield 
structural and assembly analysis. This option was not chosen due to 
constraints imposed by the payload. It proved infeasable to break either of our 
contracted payloads into smaller segments. It was also felt that this method 
might also reduce our adaptability to future missions. 
Most of the previous orbital and aerobraking analysis was accomplished 
using the AEROB computer program developed by Stephen Hoffman1 and 
modified by Eric Johnson of the STR subgroup. The modifications allows the 
user to deploy the satellite at any apoapse pass. They also enable the 
program to print out additional information concerning satellite orbital 
parameters and aerobrake pressures used for structural analysis. Several 
important input parameters had to be determined before using AEROB. The 
shield projected area was confined by the size of the payload, since the shield 
must protect the entire 21 m long cylinder that encapsulates the payload. The 
shield area used was 121 rn2S and the method used to arrive at this is 
discussed later. The maximum shield temperature was set at 600 OC, which 
directly controls how deep the spacecraft can penetrate the atmosphere on 
each pass. This was found to be the optimum temperature, since at higher 
temperatures the spacecraft dissipated orbital energy too fast crashing into the 
planet, and at lower temperatures the spacecraft is not utilizing the full 
aerobraking potential. Figure 3 illustrates the relationship between the orbit 
semimajor axis and the final mass using the data listed in table 1. The highest 
semimajor axis that could reasonably be considered within the influence of 
Mars was chosen, setting the value at 150,000 km. Engine parameters were 
provided by PPS. After orbital, engine, and satellite parameters were entered, 
an initial spacecraft mass was selected that produced a final reentry vehicle 
mass of approximately 21 00 kg. A list of the important input pafameters and the 
corresponding results are provided in table 1. 
Slmpllfied Aerobraking Parameters: 
Inputs: 
Initial spacecraft mass: 4800 kg 
Shield projected area: 121 m2 
Coefficient of drag: .8 (ref. 1) 
Aerobrake weight factor (compensates for an elliptical surface area): 7.9 kglrn2 
Engine I sp values: 300 sec, 293 sec, 293 sec 
Tankage factor for engine 1 : .04 (jettisoned) 
Tankage factor for engine 2/3: .12 (not jettisoned) 
Engine 1 mass: 133 kg 
Engine 2.13 mass: 60 kg 
Maximum allowable shield temperature: 600 OC 
Satellite mass: 400 kg 
Initial periapse radius: 3600 km 
Final periapse radius: 3600 km 
results: 
Number of orbits: 9 
Time: 23.21 days 
Final spacecraft mass (landing vehicle): 2091.88 kg 
Shield mass: 955.9 kg 
The satellite was jettisoned on orbit 5 using 13.08 kg of fuel. 
Aerobrake pressures, highest: 40.059 Pa 
lowest: 23.386 Pa 
Note: Original atmospheric densitys given for AEROB eariier in the 
semester were b w  by a factor of a hundred. These resutts refled the 
corrected data. 
Table 5.1 
Semimajor Axis vs. Useable Mass 
Semimajor Axis (km) Fig. 5.3 
The aerobrake shield is the component that enables the spacecraft to utilize 
atmospheric drag to reduce its elliptical orbit. The first shield shape considered 
was a flat circular shield, but this shape was discarded due to the instabilites 
created by the drag forces on the shield. A hemispherical shield also seemed a 
logical choice. It provided a more protective wake protection, and it offered 
greater stability if the spacecraft center of gravity could be located ahead of or 
sufficiently close to the shield's rnetacenter. Unfortunately, if the shield was 
designed large enough to protect the 21 m x 6m cargo bay and the satellite, it 
was simply too massive to reassemble, support, or control. Our choice for a 
shield shape is an ellipsoid, cut lengthwise (Fig. 4). This shield shape with 
spacecraft components positioned as in figure 5 still offers sufficient protection 
and stability while cutting the projected shield surface area from 380 m2 for the 
spherical shield to 121 m2 . The elliptical shield's mass was roughly a third of 
the spherical shield's mass. The materials used in the construction of the 
aerobrake shield include the SLA-561 silicone ablator skin, chosen for the 
Viking mission as a minimum weight design; an aluminum back-up shield; an 
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asbestos phenolic base for thermal protection; and an aluminum alloy support 
structure5. These materials also allow the shield to withstand reentry 
temperatures through ablative heat removal. 
Aluminun strut  
1) Spacecraft does nat e~tend reerward, 
less problem wf th wake interf erenrz 
2) Spacocraf t c.g. located near metacenter, 
less o f  a stabi l i t~ rablern 
3) Very  large cargo bey, less t e a r  cbwn 
a1 BlKfBlt. 
Separation 
Although the separation of the satellite and the reentry vehicle occurs within 
the aerobraking sequence, it is discussed in greater detail in this section. When 
the spacecraft has aerobraked to the desired apoapse altitude for the satellite, it 
will be pyrotechnically separated from the reentry vehicle, which will continue to 
reduce it semimajor axis until it circularizes at 3600 km. Waiting until after 
spacecraft circularization would require an unnecessary bum to boost the 
satellite into the higher orbit. This separation of the reentry vehicle and the 
orbiting satellite will be accomplished using a pyrotechnic system (Fig. 6 a,b,c) 
similar to that used to separate the shuttle's solid rocket boosters (SRB) foward 
section from the main external fuel tank. This system employs double-ended, 
tandem piston separation bolts using NASA Standard Initiator (NSI) pressure 
charges. These bolts are pyrotechnically actuated with either cartridge sufficing 
to sever the bolt on a predetermined fracture plane. The bolts can withstand 
202,000 Ib of tension and 75,700 in-lb of bending. Shock absorbing 
honeycomb material behind each bolt setves to reduce the shock experienced 
by the satellite or the reentry vehicle, These bolts are designed to produce 
minimal debris, thereby reducing the risk of spacecraft contamination or 
interference7. 
Reentry 
After the reentry vehicle has circularized to its predetermined coasting orbit, 
the satellite will check the available landing sites for atmospheric disturbances 
or extreme surface irregularities. It has sufficient power to do this for seven days 
if necessary. When the satellite has determined the suitability of the landing 
site, the reentry vehicle will be commanded to enter the Martian atmosphere, 
maintaining a proper angle of attack and flight path angle so that it can reach a 
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Two too chutes are 
D a c r ~ n  type 52 1 1 
banding 
The landing sequence consists of a final deceleration of the 2100 kg lander 
to a vertical velocity of less than 2.44 m/sec and a horizontal velocity of 
negligible value (see PPS for retro information). The landing gear, shown in 
figure 8, uses the same component design used on the older Viking missions. It 
utilizes a crushable honeycomb structure in the shock absorbers to dissipate 
most of the shock upon impact. At the end of each landing strut is a wide 
footpad to eliminate severe embedding in compressible soils. The placement of 
the six landing components is designed to distribute the impact stresses equally 
along the cargo bay and to provide a stable support. Movement of the landing 
strut will automatically shut down all descent engines7. Further protection for 
the payload against stresses will be provided by hydraulically operated shock- $ ; 
absorbing payload mounts located within the cargo bay. 
Axial Displacement vs. 
A x i a l  force P1 acement: 
Force 
Displacement Fig. 5.8 
Problem Areas 
There are several aspects of the mission that deserve further testing and 
analyzation. Although the shield size has been drastically reduced from the 
spherical case, it is still a very large component to deal with in terms of structural 
support against aerodynamic loading and assembly upon spacestation arrival. 
Another problem area also associated with the magnitude of our payload is that 
of excessive parachute loading. The mass of our lander is roughly twice that of 
the Viking lander and our suspension lines are considerably longer. Although 
we are using two parachutes, more suspension lines and improved fabric may 
be needed to cope with higher loads. 
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. Condusion 
By utilizing aerobraking techniques, employing an elliptical shield, 
substantial fuel and mass savings of approximately 30% (calculated by T. 
Horton, PPS) can be made without added cost or complexity. Separating the 
reentry vehicle and the orbiting satellite at the exact satellite altitude will 
increase mission efficiency. A parachute and landing gear system utilizing 
proven Viking technology will safely deliver the payload to the Martian surface 
at minimal cost 
Hoffman, S.J., "A Method for Optimizing the Preliminary Design of 
Spacecraft Aerobraking Missions," AAS/AIAA Astrodynamics 
Specialist Conference, Lake Placid, NY, Aug. 22-25, '83. 
Kuethe, A. M. and Chow, Chuen-Yen, "Foundations of Aerodynamics, 
Basis of Aerodynamic Design," Fourth edition, John Wiley & Sons, 
'86, pp. 328,383. 
Moog, R. D.; Benckrra, R. J.; Timmons, J. D. and Lau, R. D., "Qualii i ion 
Flight Tests of the Viking Decelerator System," J. Spacecraft, 
Vol. 11, No. 3, Mar. 74. 
Steinberg, S. and Simmers, P. and Slayrnan, R., "Devebpment of the 
Viking Parachute Configuration by Wind-Tunnel Investigation," 
J. Spacecraft, Vol. 11, No. 2, Feb. '74. 
Strauss, E. L., "Ablative Thermal Protection for Space Tug Multipass, 
Aerobraking Entry,' J. Spacecraft, Vol. 12, No. 6, June ' 75. 
Information on aerodynamics and heating in the wake of a shiekl 
(hypersonic flow) was obtained from Dr. C. Park of NASAIAMES. 
Information on SRB separation subsystem and final Viking parameterswas provided 
by Micheal Lembeck. 
rn@OOb P@wr sym%in 
Todd Allyn Horton 
The requirements as spelled out in the Request for Proposals are that the 
power system must last at least four years after reaching Mars, it must be 
simple, reliable, low cost, previously proven, and available by 1998. Derived 
requirements are: the system must send telemetry to, and accept commands 
from CDC, the system should provide for control outputs and sensor inputs, it 
should be self-powered, and the power system should provide an uninterupted 
power supply that is protected against power surges to the bus subsystems. 
The estimated loads were gathered from the various subsystems. These 
loads were 100 watts for CDC, 150 watts for AACS, 77 watts for SCI, and 200 
watts for PPS. Thirty-three watts is allowed for losses and use by the power 
system. The total maximum power needed is 560 watts. 
Power sources considered were solar cells/batteries, dynamic systems, and 
RTG's. For this application, RTG's and dynamic systems are much heavier than 
solar cells/batteries as shown in Figure 6.1. Solar cells and batteries are the 
only sources that were seriously considered. 
Solar cells and battery combinations have been used with success for years. 
They are reliable, but expensive. Two types of batteries were considered, NiCd 
and NiH2. The main parameters and results of these are summarized in Table 
6-1. A bus voltage of 35 volts was assumed. The actual voltage will depend on 
existing power processing units used. The time in Mars' shadow was given as 
.5315 hours by MMPC. The method for calculations is as follows: 
number of cells=P~T~/DoD 
Tptit'Rcd in shadow=.5325 hour 
Pppower load460 watts 
DOD=depth of discharge 
mass of battery=(# of cells)(mass/cell) 
ampere hour capacity, c=PLTE/(DOD(V)) 
V=bus voltage=35 volts 
Maximum DOD 
Energy Density 
Energy per Cell 
Mass per Cell 
Number of Cells 
Total Mass 
Ampere Hour Capacity 
Table 6.1 
2 NiQj 
57% 45% 
44.8Whr/kg 3OWhr/kg 
53.6 Whr/cell 32 Whr/cell 
1.436 kglcell 1.07 kglcell 
10 2 1 
14 kg 22.1 kg 
1 4.92 Amp-hts 18.9 A m p - h ~  
NiHpNiCd comparisons 
The solar constant at Mars is 0.827 w c m 2  min]. An operating temperature 
of 40' C was assumed. Solar cell degradation was assumed to be 30% in 5 
years. A packing factor of .88 and efficiencies of 12% to 25% at 25 degrees was 
used. 12% efficiencies are common today, but 25% efficiency should be 
possible by 1998. The efficiency drops 0.5% for each degree drop in 
temperature. An array area density of 3.18 kglm3 was assumed. Solar array 
sizing was accomplished by using the method that follows. 
PT=PL +cV/N 
c/N=sunlit charging current (amps) 
N=Ts/DOD 
Ts=time in sun472 hours 
power required=P~o~=P~/time degradation 
time degradation4 -.3=.7 
area A=P~o~/I(solar constant)(packing factor)(efficiency) 
(1 -temp degradation factor)(operating temperature -25))l 
solar array weight=A(array density) 
Solar cell sizing is summarized in Table 6.2 for both NiCd and NiH2 
combinations. 
NiH2 NiCd 
solar array area 
at 12% efficiency 14.10 m2 14.6 m2 
solar array mass 
at 12% efficiency 22.6 kg 23.4 kg 
solar array area 
at 25% efficiency 6.77 m2 7.0 m2 
solar array mass 
at 25% efficiency 10.8 kg 11.2 kg 
Table 6.2 Solar cell size and mass with the two battery types 
From the above studies, the NiH2 battery was chosen. The NiH2/solar array 
system is 8.5 kg less than the NiWarray system. 
The lander could be in orbit for as long as a week. Since the lander fuel will 
not be heated by the sunlight, the tanks must be heated. Also, 50 watts for CDC 
is estimated. The estimated total power load for the lander is 100 watts. To 
achieve this power load, a small NiH2larray system was used. Again, Ts (3.92 
hrs) and TE were given by MMPC. The lander requires 3 cells with a total mass 
of 4.3 kg. The area of the array is 2.03 m2 and has a mass of 6.5 kg. 
- 
' 2 3 4 5 6 7 
solar distance (AU) 
Figue 6.1 f so^ wlic povw 
PROPULSION (HIGH THRUST) 
Requirements from RFP are the same as for power. Derived requirements 
are that the system needs to send telemetry to and receive commands from 
CDC, it must allow for sensor inputs such as temperatures, pressures, electrical 
loads, and structural loads, and it must also allow for control outputs such as 
power relays and valve actuations. The propulsion system is required to supply 
the delta4 needed to get to Mars, accomplish aerobraking, place the satellite in 
the desired orbit, and land the payload on the surface. In addition, the system 
must supply small delta-V's for AACS. 
Mass estimations were gathered from all the various subsystems through 
STR. The minimum delta4 required to leave low Earth orbit is 3628 m/s. After 
this minimum, the delta4 increases slowly. The propulsion system is designed 
to work for several launch windows with little or no modifications to the design 
for the higher energy missions. 
At Mars, 5 burns are needed in addition to any corrective burns that may be 
needed. The first places MARTIAN in an elliptical orbit about Mars. This 
requires a delta-\/ of 61 5.1 m/s. A second bum, delta-\/ of 1.06 m/s, decays the 
orbit for the aerobraking. During the fifth orbit of aerobraking, the satellite is 
boosted into its desired orbit, requiring 92.45 m/s. Upon completion of the 
aerobraking maneuver, the engines fire to circularize the orbit, 172.2 mls. The 
final burn begins the landing sequence. This delta4 was calculated to be 
51.6 m/s. All delta-V's at Mars except burns 2 and 5 were determined by AERO. 
After several runs of AEROB (described by AERO), it was determined that 
the most efficient way to do these bums is: A liquid chemical engine supplies 
the 615.1 m/s burn. This engine is also used during the Earth to Mars transfer 
for corrective burns. After the first burn at Mars, the engine, tanks, and 
supporting structure are jettisoned. The second burn is performed by the same 
engine that is used to boost the satellite. A third engine is used for the final 2 
bums. 
The fuels considered were hydrogen, hydrazine, unsymmetrical 
dimethylhydratine (UDMH), and monomethylhydrazine (MMH). Hydrogen 
gives very high performance but is cryogenic and thus cannot be stored for long 
periods. It can, however, be used to send MARTIAN on its way. Hydrazine, 
UDMH, and MMH all have similiar properties. All three react with many 
matetials but do not react with stainless steel or aluminum. Hydrazine is an 
excellent monopropellant when decomposed by a catalyst. The simple feed 
system of monopropellant hydrazine can be extremely reliable. The freezing 
point of pure hydrazine is 2740 K. Both UDMH and MMH have a lower melting 
point (around 2170 K) and higher boiling point (3350 K) than hydrazine. 
Burning UDMH and MMH with an oxidizer produces an lsp slightly lower (1-2%) 
than burning pure hydrazine with the oxidizer. UDMH can be mixed with 
hydrazine (up to 50%) . All hydrazines are toxic with UDMH being the least 
toxic and MMH the most. Freezing has no effect on hydrazine, UDMH, or MMH, 
but freezing a UDMH/hydrazine mixture requires a special remixing process. 
Oxidizers considered were nitric acid, nitrogen tetroxide, oxygen, and 
fluorine. Nitric acid is highly corrosive but can be stored for long periods of time 
in stainless steel containers. Adding a small amount of fluorine ion makes it 
less corrosive. Nitric acid freezes at 2310 K and boils at 3560 K. A high specific 
gravity (1.55 gicm3) allows for compact vehicles. Nitrogen tetroxide is the most 
common space storable oxidizer. It is easily frozen (2640 C) and has a high 
vapor pressure, requiring it to have heavy tanks. Nitrogen tetroxide does have 
a fairly high specific gravity of 1.44. Oxygen and Fluorine are cryogenic and 
therefore unsuitable for long missions. They are, however, excellent oxidizers 
and could be used with hydrogen to produce Isp1s as high as 500 seconds. 
Fluorine is extremely hard to handle and is not readily available. 
The temperature of space is 30 K. Any surface shadowed from the sun will 
be at this temperature. The temperature of a black body in the sunlight is given 
by (solar constant)=(Boltzmann constant)(~4-~~4) 
Boltzmann's conant = 5.67(10)-8 w / ( ~ ~ K ~ )  
At Earth, the solar constant is 1.920 call/cm2/min and gives a skin temperature 
of 392 K. At Mars it is 31 70 K. The propellants must be kept from boiling or 
freezing at both Earth and Mars. All propellants considered have the possibility 
of freezing. Since AACS has determined the craft will not be spin stabilized, the 
tanks will require heating. 200 watts is estimated to run these heaters and any 
valve actuations needed. 
The equation relating delta-V to lsp, propellant mass, and vehicle mass is 
delta-V = lsp(go)Ln(initial masdfinal mass). Staging reduces the total mass 
needed to achieve the same delta-V. 
The first burn at Mars is the highest and requires the most propellant. Since 
the higher the lsp the less propellant is used, this first burn should have as high 
an lsp as possible. Figure 6.2 shows the propellant mass required verses lsp 
for this burn. The hydrazines and nitrogen tetroxide have an ISp of around 293 
seconds. Using nitric acid as an oxidizer raises the isp to 300 s. Pure 
hydrazine will not be used in the primary engines since it freezes too easily. 
To reduce costs, an engine that has already been designed will be used. 
Nitrogen tetroxide/50%UDMH-hydrazine combinations have been used with 
success in the past. These propellants were chosen for the 2 primary engines 
used after Mars capture. The circularization bum (delts-V=172.2m/s) will be 
done by an engine that produces 4000 N of thrust. This is the minimum thrust 
that will accomplish the bum in 130 seconds, which is 2% of the time of the orbit 
and the maximum time to assume an impulsive burn. The mass of this engine is 
60 kg including everything but tanks. The dimensions are shown in Figure 6.3. 
These dimensions were estimated by finding the mass flow for lsp=293s 
(ISp=Thrust/mass Row). From this the area of the throat can be found using the 
equation for maximum mass flow through a nozzle. 
dmldt =AtPoka2(k+1 )](k+1y(k-l)}lE 
At = area of the throat 
Po = chamber pressure = 500 psia 
k =  1.24 
The exit velocity is determined from the thrust and mass flow using F=(mass 
flow)(Ve). Now the exit area can be found by using the isentropic equations to 
find the exit temperature T and then the exit area 4. 
TPTo-(k- 1 )ve2/2 k~ 
R = gas constant ~21.8 glmol 
Ae=(A1/M){[2/(k+ 1 )][I + (k-1)~*/2]} (k+1)/[2(k-l )I 
M = exit mach number=(kRT)lE 
The nozzle is conical with apex angle of 150. The thrust chamber is about half 
as long as the nozzle and the radius is 5 times the radius of the throat. All 
calculations assume a chamber pressure of 500 psia and 26000K chamber 
temperature. The oxidizer to fuel mixture ratio is 1.81 by mass and 1 .I25 by 
volume. The average specific gravity is 1.1 95 g/cc. The ratio of specific heats of 
the gaseous products is 1.24. AERO gave the propellant mass for 
circularization to be 181.16 kg. The propellant mass needed to enter the 
atmosphere is 55.74 kg. The total mass is 260 kg including 10% extra. Of this, 
92.7 kg is fuel and 167.3 kg is oxidizer. The tank volumes are .I021 m3 for fuel 
and .1155rn3 for oxidizer. 
The engine that starts the aerobraking and boosts the satellite will produce 
1500 N. The mass will be 40 kg including everything but the tanks. The 
dimensions are given in Figure 6.4 and were determined the same way that the 
4000 N engine was. The first burn, 1.06 mls, requires a propellant mass of 
1.37476 kg and lasts 2.6 seconds. 13.08 kg are required to boost the satellite 
(92.45mls). The mass of the satellite including fuel and booster is 400 kg. 
Using the same chamber conditions and mixture ratio, the total mass of fuel is 
5.66 kg and is stored in a 0.006 m3 tank. The mass of oxidizer is 10.24 kg and 
requires 0.007 m3. The bum lasts 25 seconds. 
The engine used to enter Mars orbit will be an Agena 8096. This engine has 
a reliability of 99.8% and used hypergolic UDMH and nitric acid. The engine is 
rated to burn for 240 seconds and produces a thrust of 71 170 N at an isp of 
300s. The Agena is described by Figure 6.5. 
thrusts 4000N 
mass flow = 1.393 kg/s 
7 cm AelAt = 426.3 
Ve=2871.4 m/s 
Fig. 6.3 4000 N engine 
thrust=isoo N 
mass flow = 0.5224 kg /S 
Ae/At= 426.3 
Vex2871 A m/s 
Fig. 6.4 1500 N engine 
The Mars capture burn requires the Agena to burn for 37.4 seconds. This 
leaves 3.47 minutes to be used during the trip and at Earth departure. If 2 
identical Agena stages are used, a maximum delta-\/ at Earth of 4200 m/s can 
be achieved. This does not include burning the propellant needed for capture. 
Using the 2 identical Agena stages will be less expensive than custom 
designing a booster and orbit insertion engine. In addition, the stages provide a 
maximum delta-V of 4200 m/s allowing a flexible launch window. 
The mixture ratio was found by stoichiometric combustion of nitric acid and 
UDMH. This mass ratio is 3.8. The mass flow through the Agena is 24.2 kgls. 
For a maximum of 240 seconds, the propellant mass is 5808 Kg. The mass of 
Figure 6.5 Agena 8096 
the dty engine is 133 kg. The maximum UDMH and nitric acid the engine can 
d 
burn is 11.62 kg and 4646.4 kg respectively. These masses lead to volumes 
needed for the nitric acid and UDMH (3 rn3 and 1.66 rn3, respectively). 
The propellant mass needed to enter Mar's orbit (from AERO) is 905.6 kg. it 
was assumed that a delta-V of 300 m/s would be used for corrections on the 
way. This leads to an additional propellant mass of 51 5.66 kg, for a total of 
1421.3 kg. 1027 kg of this is UDMH and 41 07 kg is nitric acid. 
With these masses, the first stage Agena produces a delta-V of 1979.3 mls. 
The second stage produces the remainder of the delta-V needed and uses 
4272 kg of propellants, 1020 kg iess than the maximum that the Agena can 
burn. 
. AERO requested the mass savings of aerobraking over the all propulsive 
case. The delta-V required to enter the desired orbit at Mars is 1994 m/s was 
given by MMPC. The mass at the start of aerobraking is 4800 kg and results in 
3500 kg in orbit including the reentry heat shield. Using a single stage with an 
Isp of 300 s and neglecting the mass of the booster used at Earth, the mass in 
Earth orbit is 16488kg. 11 688 kg of fuel is needed to leave Earth. For the all 
propulsive case, the total usable mass in Mars orbit is 3500 kg including heat 
shield. The mass of propellant needed to enter orbit is 3396 kg. This gives the 
total mass to be boosted from Earth of 6896 kg. The propellant needed to boost 
this (lsp=300s, massless booster) is 16792 kg. The mass in Earth orbit is 23688 
kg. 
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The first step in trying to size the lander's retro-rockets is to determine the 
craft's terminal velocity due to the drag induced by its parachutes. Terminal 
velocity will be described by the equation (AEROB): 
4 4 2. drag force = 1/2 p V A'CD = M4gm 
p = density of Martian atmosphere where: 
V = terminal velocity 
A = area of parachute 
CD = coefficient of drag 
M = Lander entry mass 
gm = gravity of Mars = 3.725 mls2 
Unfortunately the coefficient of drag and the density of atmosphere change 
throughout the lander's descent. Thus for the ease of approximation I will 
assume: 
p - .012 kg/m3 and CQ = .6 
Figures 7.1 and 7.2 illustrate that these guesses are reasonable for a greater 
majority of the entry sequence. 
j 
I 
Using the work done on the Viking Lander's parachutes, some good 
estimates can be made about parachute size and weight: 
Viking Parachute area = 204 m2 and weight = 44 kg 
From this data we can estimate that the parachutes will have a specific 
weight = 0.21 47 kg/m? This area also gives us a place to start guessing from to 
determine the terminal velocity. Now we must look at the Rocket Equation 
(which includes gravity) to determine the mass of propellant needed by the 
landing rockets: 
AV = lsp * go * In (MOM) - gm * Tb 
where: Tb = Mplm 
AV = terminal velocity 
Isp = 300 sec (high performance hydrazine motor) 
m = mass flow rate of propellant 
Assume that the lander reaches terminal velocity by 1 krn altitude and that at 
this altitude the lander starts its decceleration burn. Also assume that the 
lander's terminal velocity will be about 120 m/s. These assumptions along with 
the following equation will yield a mass flow rate: 
~ f 2 =  ~ i 2 +  2 * A *  S 
M " A =  M*gm-T where T = thrust 
T=m* lsp*go  
This yields a propellant mass flow rate = 2.36 kglsec which is reasonable 
compared with the Viking Lander rn = 1.225 kgls~c. Now a computer is used to 
iterate the Rocket equation to solve for the propellant mass. In U i t i o n  to this, 
the area of the parachute is altered to do a trade study between what is the 
optimum size for the parachutes that will minimize the mass of propellant plus 
the mass of parachutes. These results are given in figure 7-3 
* VebCily(mls) 
9 Propellant(kg) 
4 Reentry mass 
1 Parachute Arm (mA2) 
The optimum results are: 
parachute area = 384.96 m* 
terminal velocity =: 74.29 mls 
mass of propellant r: 135 kg 
Total mass of system = 215.49 kg 
The chosen design 
404.96 m2 
72.38 m/s 
131 kg 
215.79 kg 
The reason slightly higher values were chosen is because the parachute 
area conesponds with the area of two off-the-shelf ViMng parachutes. This will 
decrease cost while only sacrificing .3 kg of weight. 
Laser Propulsion 
This system involves using an external laser to vaporize the propellant of a 
rocket and then allowing the vaporized gases to accelerate through a nozzle to 
produce the desired thrust. The amount of energy that can be conveyed in this 
manner can be large compared to the amount produced during a chemical 
reaction. 
Continuous Wave Laser Propulsion is best suited for missions requiring high 
levels of specific impulse (1000s) and moderate thrust levels (10,000 N = 
22481b). Most research has ben done on the following two scenarios: Earth 
launch, and orbit maneuvering missions. interplanetary missions using all CW 
laser propulsion don't seem economical because the system would require a 
space-based laser satellite capable of producing a 1 GW laser beam both at 
launch and arrival points. I propose a laser propulsion burn at Earth and then 
revert to the traditional chemical rocket technology for the remainder of mission 
duties. This seems to be advantageous considering the mission requirement of 
an aerobraking subsystem which requires a high thrust propulsion system for its 
maneuvers. 
There exists a satellite in Earth orbit that is capable of producing a 1 GW laser 
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beam. 
Assuming worst case pointing efficiencies the size of the spacecraft's 
focusing mirror would have to be 1 Om in diameter 
lsp=1000s and 40% thruster efficiency 
Because of the increased complexity of the Laser propulsion stage, assume 
a structural efficiency = .25 
A typical Centaur type rocket stage is used for comparison 
E=.l , lsp=444 s 
Numerical value for minimum AV = 3.6 kmls (from MMPC) 
mat ions  used for siting analvsis 
AV= lsp*Go*ln(Mo/Mf) 
Mf=Mo-Mp 
E= Ms/(Ms+Mp) 
Mo= Ms + Mp+ MI 
Isp= specific impulse 
Go= gravity at Earth= 9.8 m/s2 
Mo= initial mass 
Mf= final mass 
Mp= propellant mass 
Ms= structural mass 
MI= payload mass 
E= structural efficiency 
Solving the above equations 
Centaur Type Booster 
MP 12016.92 kg 
Ms 1201.7 kg 
Mo 2121 8.6 kg 
Mf/Mo .43 
Laser Stage 
4167.89 kg 
1041.97 kg 
13209.9 kg 
.685 
Low Thrust Systems 
There are several fundamental problems in calculating low thrust 
trajectories. Most importantly, the well understood ballistic trajectory analysis 
does not work because the engines are thrusting most of the time which means 
that the loss due to gravity will be appreciable. There are no software packages 
available to do the necessary trajectory calculations, which means there are 
going to have to be some large assumptions made. 
Assumptions: 
Martian is launched from a Nuclear Start Orbit (800 km) 
Trajectory obtained from reference 1 will be the baseline for the comparative 
study. 
Isp = 4138 s 
thrust to weight ratio = TAN = 4.39 E-5 
thrust time = 298 &ys 
mission time = 467 days 
payload mass = 5665 kg (our payload mass is 4800 kg) 
assume that all ballistic equations work within these parameters 
Nuclear Electric Rocket Propulsion (NEP) 
The first step in the analysis of a nudear powered system is to determine 
what is the size and power output of reactors in existence or proposed. These 
systems are often referred to as Space Nudear Power Systems (SNPS). 
The SP-100 project was established to develop and demonstrate the 
feasibility of space nudear power systems that produce power in the 1OOkW - 
1 MW range. This project chose the 300 kW power level for extensive 
development. This power source is a fast-spectrum reactor fueled with Uranium 
Nitrate and cooled with liquid Lithium. These are the specifics on the design: 
total k l i v r d  Ueat r ioa l  ?euv 
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NEP systems can be broken up into three broad categories: Electrothermal 
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thmstes, Electrostatic thtusters, and Eleetomgnetic thrustem. 
encompasses all methsds whereby a propellant 
gas is heated electtically and then expanded through a nozzle to convert the 
thermal energy into kinetic energy. 
Resistojet thrusters heat the propellant flow by passing it over an electrically 
heated solid surface. In this way Earth-storable propellants can deliver similar 
performance to high energy bipropellants. Performance of this system is greatly 
affected by the use of cryogenic fuels or an increase in the inputed power. This 
system is well developed in the low power range and is currently being used in 
station-keeping applications. 
Arcjet thrusters heat the propellant by passing it though an arc discharge. 
Their operation is best illustrated by fig 7.5. Arcjet thrusters are the most 
mechanically simple of all types of thrusters. 
, also called Ion thrusters, extract propellant ions 
from the discharge chamber plasma and accelerate them electrostatically to 
form a high velocity ion beam. Electrons are then injected into the ion beam to 
neutralize the charge of the beam so that the spacecraft maintains a neutral 
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charge. 
, also called magnetoplasmadynamic (MPD), thrusters 
work by accelerating a body of ionized gas through the interaction of the 
electrical currents being driven through the gas, with magnetic fields 
established either by the electrical currents or by external means. The most 
developed thruster of this type is the pulsed MPD. 
m 
For reference purposes let us review the state of technology now and in the 
future before 1998. 
Resistojet Input Power (kW) 12.3 30 100 " 
Propellant NH3 H2 N2H4 
Thrust (N) 2.93 6.04 140 
Isp (sec) 423 846 1030 
Thrust Efficiency .5 .85 .7 
Arcjet Input Power (kW) 30 30 30 " 
Propellant H2 NH3 NH3 
Thrust (N) 3.35 2.35 2.8 
Isp (sec) 1010 967 1050 
Thrust Efficiency .54 .38 .45 
Ion Drive Input Power (kW) 6.38 42.85 " 32 * 
MPD 
Propellant Xe Xe. Hg 
Thrust (N) .24 1.018 .9 
Isp (sec) 3760 41 38 5978 
Thrust Efficiency .71 .81 .79 
Input Power (kW) 195 87.5 1781 * 
Propellant H2 NH3 NH3 
Thrust (N) 2.22 .95 3.3 
isp (sec) 4520 6500 5200 
Thrust Efficiency ,254 .344 .40 
* = indicates predicted performance values 
Without going into an in depth analysis of each type of propulsion system, 
NEP systems can be ruled out by looking back at the mass of the reactor. The 
mass of just the reactor is 7200 kg plus an extremely conservative estimate of 
the propulsion system mass equal to 7000 kg leads to a total system mass of 
14,200 kg. This is about the same as the weight for the chemical stage. In this 
case the chemical propulsion system is the clear choice. It has shorter trip 
times, more reliability, proven technology, uses off-the-shelf hardware, and is 
still fairly simple. Note: Typically the electrical propulsion systems are better for 
missions that don't have large time restraints. This missions requirement of 
having an aerobrake system greatly decreases the benefits of low thrust 
systems because sf the necessity of a chemical stage once reaching Mars. 
Solar electric propulsion works using ion engines powered by electricity 
produced by solar arrays. The thruster of choice in this system is the 5 kW Xe 
ion engine. Using the assumed data from the low thrust trajectory, the rocket 
equation, along with the following sizing equations we can determine the mass 
of the SEPs system. 
82.16 + .3354 " Mp + 19.67 " P = Dry Mass 
where Mp = 1000 kg 
This gives the total system mass = 2840 kg. Sizing the solar cells from PPS -6 
you get an area of 169 m2. This represents a considerable decrease from the 
chemical stage, however weight isn't the only factor. The chemical system has 
decided advantages in some of the key RFP requirements. It is proven 
technology, uses off-the-shelf hardware, has no real pointing requirements 
during flight, simpler structure, and attitude and control, simple, reliable, and 
shorter flight times. 
The RFP requirement of having to do an aerobraking maneuver effectively 
kills the huge weight advantage that some of the electrical propulsion systems 
would have ordinarily. The one thing that did seem to be decidedly better was 
the laser propulsion first stage. The only thing that stopped our group from 
going with it was the uncertainty of a 1GW laser satellite in Earth's orbit. 
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STRUCTURES 
The Structure subsystem (STR) is responsible for tying the whole spacecraft 
together, its components being materials and fabricationlassembly. The mission 
requirements that apply specifically to the STR subsystem distill into the following 
requirements. First, Structures must provide support for all of the spacecraft 
components. This includes the need for appendages, such as booms and solar 
arrays, and the deployment thereof. Secondly, the STR subsystem is responsible 
for the layout of the spacecraft, minimizing conflicting requirements. This involves 
the layout of the components of the satellite (science instruments, various sensors, 
thrusters, tanks, etc.) and the layout of the spacecraft as a whole, from launch from 
Earth to landing the plane on the Martian surface. Thermal control and launch 
vehicle compatibility are also issues for Structures. 
Of course, STR must also meet the general missi~n requirements that apply to 
all subsystems. In all, simplicity, reliability, minimum mass and low cost must be 
stressed. The components should use off-the-shelf technology wherever possible 
and future technology which is expected to be available no later than 1998. More 
specifically, the spacecraft must have a "handle" for retrieval by the remote 
manipulation arm of the STS space shuttle or similar device on a space station; the 
extent of space station support (e.g. on-orbit assembly) must be minimized. And 
finally, the design of the spacecraft should not preclude it from carrying out vastly 
different missions, while having a design lifetime of at least four (4) years. 
Iwteraaion with other ~ b s y s t e m  and Rlke~od of Attack 
The STR subsystem interacts with all other subsystems as shown in figure 8.1, 
simply because STR provides support to all spacecraft components. The first 
consideration is, of course, the mission and subsystem requirements. Then, STR 
needs to know what is going to be on the spacecraft; all component masses, 
dimensions, moments of inertia, thermal restrictions, etc. are needed in order to 
layout the spacecraft and design a workable structure. These component data 
come from each of the other subsystems and from the Aircraft groups. Orbit 
determination from MMPC is needed in order to conclude whether or no solar 
radiation will be a factor. From CDC, SCI and AACS, pointing requirements for the 
various instruments are needed. Once the data is compiled, AERO and PPS, in 
addition'to STR, need to know the mass breakdown of the spacecraft, while the 
AACS subsystem needs to know moments of inertia of various spacecraft 
configurations. 
Figure 8.1 : Interaction of STR with other subsystems 
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Once a qualitative layout of components is done, a quantitative layout is 
required. A program such as INERT by Michael Lembeck is useful in this task. 
Then a structure can be designed to support the components in the layout 
determined. Materials must be selected, subject to various constraints which are 
studied in a trade study, for each and every component of the structure. Once the 
spacecraft structure has been designed, a structural analysis should be done, 
including static and dynamic spacecraft response. A study of the thermal control 
also dictates limitations on the structure. If a proposed structure fails under any of 
the analyses, the spacecraft must be redesigned and re-tested, until the structure 
performs satisfactorily. 
Layout of Components 
The layout of the components of the spacecraft was done on a modified version 
of INERT. These modifications were made to INERT to make the layout task 
simpler. Specifically, the modifications allowed better user interaction and the 
ability to selectively edit and re-edit the data for a component to view the effective 
changes. In addition, the modifications facilitated grouping various components 
into subsystems, so that once a subsystem had been finalized, future changes to 
other subsystems were simpler and faster. 
The first part of the spacecraft to be laid out was the satellite. The gravity 
gradient boom stabilization (a long boom towards the planet; for MARTIAN, this is 
balanced by a like boom radially outward from the planet) necessitates that the 
moment of inertia is maximum about the pitch axis. But, on the other hand, large 
moments of inertia neutralizes the effects of thrusters and the SEPS solar arrays, 
when unfurled, increases the other moments sf inertia, net effeaing that about the 
pitch axis. So an optimization is desired. The gravity boom frees up the need for a 
scan platform, so that the science instruments can just be mounted on the vehicle. 
Specifically, the star trackers and sun sensors of the AACS subsystem has to be 
able to see out to the stars, while the dust detector looks forward, and the rest of the 
science instruments, except the magnetometers (which go each on the end of one 
of the two booms) and part of the radar system, point towards the planet. 
The satellite has several dozen components, which makes a quantitative layout 
quite complex. Figure 8.3 shows the components of the satellite, tabulates their 
locations and mass breakdown. The resulting satellite inertia matrix is in figure 8.2. 
Two major configurations of the satellite have 'been analyzed -- the deployed case 
(in orbit about Mars) and the stowed case (launch and interplanetary travel). 
Obviously, the more important of the two is the deployed case, since the satellite 
must remain stable in Martian orbit for a period of several years. 
reentry vehicle inertia matrix: 
73807.8 0 
0 12677.1 
0 33.99 
deployed satellite: 
958.24 .0195 
.0195 850.79 
-.I 03 ,0051 4 
furled satellite: 
160.3 .Of 95 
.0195 20.85 
-. 103 .00513 
Figure 8.2: Inertia Matrices for several Components 
dust detector 
planet observers 
UV photometer 
IR Spectrometer 
gamma-ray spec 
UV spectrometer 
radar mapper 
atmos. sounder 
radio science 
radii 
antenna (furled) 
computer 
accelerometer 
accelerometer 
accelerometer 
SYro 
9Y ro 
gyro 
star tracker 
antenna actuat. 
mapperlppu 
batteries 
top boom 
bottom boom 
structure 
sun sensor 
thruster fuel tank 
thrusters 
TOTAL 358.1 -5.68-5 9.88-5 9.18-5 
Figure 8.3: satellite layout and partial mass breakdown 
Figure 8.4: reentry vehicle mass breakdown 
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The layout of the reentry vehicle has also been completed. Figure 8.4 shows 
the aeroshield, payload, and assorted components of the reentry vehicle, in 
addition to tabulating masses and locations. The resulting moments of inertia are 
in figure 8.2. The prime requirements for the layout of the reentry vehicle were, 
again, minumum moments of inertia, and keeping within the wake during 
aerobraking (which results in a cone of safety; with a circular shield, this cone is 
two diameters in length; with a R - e C ~ s ~ s k o u l d  be two times the 
smallest frontal dimension, which in the case of MARTIAN, allows a cone of safety 
14m long. 
The aircraft designs, shown in figures 8.5 and 8.6, are nearly the same in some 
respects, such as the final total mass, but yet the designs differ widely, for example 
the issue of using large winglets. While this variance necessitates minor changes 
in the delivery system, it also adds flexibility to the overall design, facilitating vastly 
different missions. 
Cutting the aircraft into pieces is necessary in order to fit it in the delivery 
system. Figure 8.7 shows schematically how one of the aircraft designs (Schirle) 
is arranged in order to maximize the balance of the payload and allow it to be put 
into a shell for protection against heat from the sun and during aerobraking and 
reentry. 
The vehicle as assembled in low-earth orbit is the combination of the reentry 
vehicle, the satellite, the satellite booster, and two Agena boosters. The location of 
the "handlen or "handles" for remote manipulation will be on the structure on the 
outskirts of the vehicle. Exact location will be chosen according to the ease of 
access. 
Q - - -- ---- 
- so- 7 
I 
- 
Figure 8.5: aircraft design (Schirle) 
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Figure 8.6: aircraft design (Woodwff) 
Figure 8.7: arrangement of aircraft pieces 
bunch Vehicte Compatlblity 
The vehicle cannot be launched in any of today's launch vehiles and have no 
on-orbit assembly. But, a Heavy Lift Vehicle (HLV), such as the "Shuttle Cw ("Cw for 
cargo) shuttle-derived vehicle of NASA or the Advanced Launch Vehicle (ALV) of 
the USAF, would be able to launch MARTIAN with minimal assembly. In fact, with 
the current requirements for the HLV system, MARTIAN will be able to be 
completely launched by one HLV, with the whole reentry system intact. Thus the 
assembly would be limited to bolting on the satellite and the other boosters, which 
would already be in one piece. 
With the shuttle, this simplicity is nowhere to be seen. The aerobrake shield 
required will not fit in the shuttle in one piece; in fact it will have to be cut into at 
least four pieces. The aircraft designs also do not accommodate the smaller cargo 
bay of the shuttle. All this leads to a need for three to five shuttle launches to put 
MARTIAN into low-earth orbit (LEO) and a need for an incredibly extensive on-orbit 
assembly. Another factor in the decision on launch vehicle is cost. Currently, STS 
launches payloads to LEO for approximately $4500 per pound. The required cost 
for the HLV is "one-tenth that of current means". 
The HLV advantages are countered by the fact that the HLV is still in its 
development stages. Thus any data available today about what the HLV will be 
like may change. But it is expected to be ready by 1998, and thus will be used to 
launch MARTIAN. 
Materials 
Since the requirements for the various parts of the spacecraft are different, 
multiple material types may be advantageous, but also more costly (there may be 
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bonding problems, for example, between a composite material and a metal alloy). 
Figure 8.8 shows some of the materials available and some of their advantages 
and disadvantages. For the basic support structure of the spacecraft, primarily 
because of the emphasis on simplicity, reliability, and low cost, an alurninurn- 
lithium alloy will be used. Composites, while having low density and very good 
strength per density ratio, are relatively expensive and have many potential 
problems with breakdown of the molecular structure under ultraviolet radiation and 
outgasing (molecules literally floating out of the matrix) in vacuum conditions. 
Composites also have poorly-understood thermal properties that are often 
unexpected and undesired. 
Figure 8.8: Material's advantages & disadvantages 
As far as other metals, titanium is light, very strong, and has excellent corrosion 
resistance, but it is also expensive and in somewhat limited quantity. Beryllium, 
while used in small amounts in many spacecraft, especially in reentry shields, is 
quite brittle and is very toxic (special NASA approval is required for its use). 
The conventional aluminum alloys are very well proven, over and over 
again. Aluminum-lithium is an alloy that, while lighter than most aluminum alloys 
by fifteen percent, it has an elasticity twenty percent higher. At the present time, Al- 
Li is a bit more expensive than conventional aluminum, but should be dropping in 
price as its use spreads. 
Aluminum can not be used in many of the fuel tanks because of corrosive 
propellants. The main boosters (two Agena engines) burn "red fuming nitric acidw 
as an oxidizer, which is highly corrosive, with unsymmetricdimethylhydrazine 
(UDMH) as the fuel. The oxidizer tank therefore must be made of stainless steel (or 
other more expensive materials), and the fuel tank of stainless steel or 1100 or 
3003 series of aluminum. 
Hydrazine (N2H4) and/or UDMH ((CH& NN02) are the fuels for the remaining 
boosters and all the thrusters. Therefore, all of the thrusters (and thruster fuel lines) 
and the remaining booster tanks must also be of stainless steel or aluminum 1100 
or 3003. The oxidizer for the remaining two boosters is nitrogen tetroxide (N2O4), 
which is, if kept pure from moisture, stable and only mildly corrosive; thus the 
oxidizer tanks of the satellite booster and circularization engines can be aluminum. 
Thermal Control Considerations 
Thermal control is crucial in spacecraft that carry propellants, such as 
MARTIAN does. The nitric acid oxidizer, for example, freezes below 231 K. As was 
explained above in PPS, space is normally at 3 K, but a black body at Earth will 
remain at 392 K and at Mars, 317 K. Thus some sort of thermal control is 
necessary. Passive thermal control is a system that attempts to radiate heat 
away/retain heat by simple radiation emission, heat conduction and/or heat 
convection, usually without turning anything on and off. An active control would 
require added sensors, actuators, and "heat pump". Thus a passive system, for 
example, reflecting energy by covering the craft with reflective aluminum foil, would 
be simpler and less costly. But on the other hand, an active system might be more 
effective. 
One option is to paint the fuel tanks (and anything else that may need to be 
heated) with black paint with a high absorption constant. A problem with that is that 
even though the effective sunlit temperature at Mars might be acceptable, the same 
component might overheat at Earth. An active system could overcome this difficulty 
by sensing the temperatures continuously. But a problem for MARTIAN with active 
thermal control is the shear size of the vehicle. The larger the vehicle is, the more 
complex the active thermal control would have to be. 
Problems, Concerns, and Needed Future Study 
This design, being only the first response to a request for proposal, is only 
preliminary. There must be much more research in various areas before MARTIAN 
could become reality. A number of these areas involve the STR subsystem. 
"Thermal control considerations" must lead to a specific thermal control system, 
capable of handling bath the grueling cold of space and the relatively high sunlit 
temperatures, and yet keep the various components of the spacecraft at the desired 
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temperatures. 
Another consideration is the layout of the spacecraft. For this preliminary 
design, some assumptions were made, specifically on the modelling of un- 
symmetric bodies as symmetric in order to simplify the calculations of inertia, mass, 
and center of mass. A more detailed analysis must be run before continuing with 
the design. 
-- - 
The structure of the spacecraft has had little to test it. A full structural (static and 
dynamic) analysis must be done, either through analytical methods or through the 
use of a finite element program. The modifications done to AEROB were designed 
to add to the output a highest and lowest value for pressure on the aeroshield 
during aerobraking. This is one of the many forces that must be analyzed; the 
others are primarily caused by launch loads and loads when burning boosters. 
The availability of the Heavy Lift Vehicle, although likely, remains to be seen. 
The use of shuttle would cause a great change in the design of MARTIAN, since it 
would have to be cut into several smaller pieces. 
* Ashby, Michael F. & Jones, David R. H., 
Perganon Press: New York, 1986. 
Dunn, B.D., "Advanced Materials for ESA Spacecraft," ESA Journa, 
vol. 1 1, no. 2 (1 987), pp. 153-1 66. 
* Greenwood, Donald T., , Prentice-Hall: 
Englewood Cliffs, N.J., 1965. 
* Hull, Derek, An Introduction to Composite Material$, Cambridge 
University Press: New York, 1981. 
* Jamison, Russell D. et at, "Use of GraphitelEpoxy Composites in 
Spacecraft Structures: A Case Study," 
, vol. 7, no. 3 (1986), pp. 290-294. 
* NASA, , NASA Conference 
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Conclusion 
We, the members of design group #6, believe that our design of the 
M.A.R.T.I.A.N. spacecraft has incorporated into it many innovative features that 
will enhance our mission's reliability and help to reduce it's overall cost. The 
most important of these design features are: 
*Flexibility built-in 
-required to accomidate 2 different aircraft designs 
*HLV launches 
-lower cost 
-less on orbit assembly 
*Satellite orbit allows for 
-constant communication with base/plane 
-solar arrays in sunlight for 90% of orbit 
-good sceince coverage of planet surface 
.Satellite kicked out during aerobrake maneuver 
-lowers AV for satellite to reach orbit 
-lowered propelant mass for satellite 
*TOCD improves mission reliability 
Gravity gradient boom saves fuel for AACS 
~Aerobrake gives 30% mass savings over all propulsive 
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ABSTRACT 
A conceptual design for a spacecraft delivery system has been developed to deliver the 
components sf a manned aircraft to the Martian surface. The system design includes seven major 
subsystems, each integrated to satisfy individual and overall mission requirements. Numerical 
data is presented within each subsystem to support compliance with mission requirements. The 
overall delivery system design stresses simplicity, reliability, and low cost. 
Introduction 
The question when it comes to Mars is no longer how, but when. Soon after man 
arrives on Mars, a means of transporting men and material to distant sites of interest will be 
required. To fulfill this need, a manned Mars aircraft and the spacecraft system to deliver it 
have been proposed. This report is given in response to the Request for Proposal for the 
spacecraft system required to deliver the components of the manned aircraft to the Martian 
surface. A thorough preliminary design study has been conducted to determine major design 
concerns, establish the size of, define the subsystems for and describe the operation of the 
delivery system according to the following requirements: 
1. The spacecraft will consist of two primary components: the payload reentry system and 
an instrument bus carrying scientific instruments for remote sensing of the planet's surface. 
The instrument bus will remain in orbit after separation from the reentry system. 
2. The following subsystems are identified for the purposes of system integration: 
a. Aerobrake (induding orbit capture, reentry, and detachment) , 
b. Structure (induding materials, design, and thermal control) 
c. Power and Propulsion 
d. Attitude and Articulation Control 
e. Command and Data Control 
f. Science and Radii Relay Instrumentation 
g. Mission Management, Planning and Costing 
3. The spacecraft's components and payload will be delivered to orbit in the cargo bay of the 
space shuttle and be assembled on-orbit at the space station spacecraft assembly-and-repair 
facility. The extent of shuttle support should be identified and minimized. 
4. The spacecraft will be able to be retrievsd by a remote manipulation device on the space 
.,,.., I-. . . : 
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station or space shuttle. 
5. Nothing in the spacecraft's design should preclude it from performing several possible 
missions, carrying vastly different payloads to different destinations. 
6. The spacecraft will have a design lifetime of four years, but nothing in its design should 
preclude it from exceeding this lifetime. 
7. The spacecraft will use the latest advances in artifcial intelligence where applicable to 
enhance mission reliability and reduce mission costs. 
8. The design will stress simplicity, reliability, and b w  cost. 
9. For cost estimating and overall planning, it will be assumed that four space delivery 
systems will be built. Three will be flight-ready, while the fourth will remain on the ground 
for use in an integrated ground test system. 
10. Mission science objectivces are outlined explicitly within the Science subsystem. 
This report consists of thorough desciiptions of the design procedures and final design of the 
seven major subsystems outlined above. 
Aircraft Interface Data 
For purposes of successful aircraft integration, the following aircraft system interface 
information was made available by group three of the aircraft design section: 
Total Mass: 1276.3 kg 
Dimensions: 11 m long x 4 m (dia) 
Range: 900 km 
Configuration: unassembled (see Fig. 1) 
No need to transport fuel. 

I. MISSION PLANNING 
INTRODUCTION 
Here's a look at the requirements for the Mission Planning subsystem: 
- select target 
- compute delta v to target 
- design spacecraft to cany out mission 
- integrate, test and launch spacecraft 
- mission support 
- end of mission, end of $ 
Figure 1.1 is a flowchart summarizing different options looked at, and providing an overall 
look at method of attack. 
To further describe it, the mission h a  been broken down into four phases. The phases are 
defined as follows: 
PHASE 1 : Launch, cruise and orbit capture. 
PHASE 2: Final orbit selection. 
PHASE 3: Aircraft paybad reentry. 
PHASE 4: Orbit adjustment for aircraft communication support 
and science reconnaisance. 
The end of the mission is defined at the completion of phase 4. 
DIRECT ASCENT BEST DELTA V'S : 
APPROX 12 KMIS 
BEST DELTA V'S: 5-6 KMIS THERMAL PROBLEMS BY VENUS 
LENGTH OF MISSION: 
FINAL ORBIT DATA 
PERIAPSE ALTITUDE: 350 KM 
APOAPSE ALTITUDE: 33741 -19 KM 
INCLINATION: INITIAL-0 deg SCIENCE-65 deo 
Fig. 1.1 
Choosing Defta V 
The delta V choice was dependent on the type of mission selected. To satisfy the 
requirement for optimal delta V, a number of mission options were considered, mainly the three 
that follow: a direct ascent path, a trajectory including a Venus flyby, and a Venus-Earth gravity 
assist, or VEGA. 
Phase 1 
After taking a lodc at mission complexity, with the help of the delta V 
optimization program MULIMP (ref. 5), it was determined that flyby missions were not 
appropriate due to longer length-of-mission times (which led to higher delta v's), and thermal 
problems that would be encountered when flying by Venus. Therefore, the direct ascent 
trajectory was selected and, with the help of MULIMP once again, delta v was optimized with 
respect to launch date and total flight time. The results are plotted in Fig. 1.2. From Fig 1.2 it 
can be seen that an optimal delta v is approached approximately at instances when one synodic 
period has passed with respect to original planet geometry. Thus there is almost an endless 
number of launch windows corresponding to the delta v chosen for this mission, which is equal to 
5.671 km/s. It can also be seen that optimal flight time corresponds closely to optimum delta v. 
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Original planet geometry , including planet positions at launch and encounter, is 
detailed in Fig. 1.3. For a particular launch date Fig 1.4 gives the arrival delta v which is used 
to find the fuel requirement needed at launch and gives an indication of how bng aerobraking will 
take and how much fuel it will use. The information provided in these figures also enable the 
power and propulsion subsystem to size fuel tanks and batteries accordingly, and also provide 
criteria for antenna sizing which is handled by the communications subsystem. The total 
spacecraft travel time, then, is approximately 204 for the transfer orbit and approximately 40 
days (1 2 orbits) for orbit capture and aerobraking. See Section Ill for details on aerobraking. 
- 
TRANSFER ORBIT GEOMETRY 
MAX. COMMUNICATION I 
DISTANCE = 1.09 8.u. i TRAVEL TIME r 204 DAYS 
Fig. 1.3 
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Fig. 1.4 
Final Orbit Selection 
In selecting the final orbit, we enter phases 2,3, and 4 of the mission. Phase 2 
concerns the type of orbit chosen at the completion of aerobraking (discussed in detail in the 
aerobrake subsystem analysis), while phase 3 brings the mission through payload reentry. 
Adjusting the orbit to its final confyluration is phase 4. 
Phase 2 
To aid in the selection of a final orbit, a table was set up weighing different orbit 
possibilities against applicable mission requirements. The instrument bus that remains in orbit 
must act as a communication satellite to support the aircraft during flight time, and is 
responsible for providing adequate viewing range for the science instruments affixed to the bus. 
Shadow time encountered would effect the power subsystem, so a minimum eclipse mode was 
important. The time in eclipse mode directly affected battery as well as solar array sizing. The 
type of orbit selected also affected the amount of delta v spent during aerobraking. Finally, an 
orbit suitable for successful landing sight observation prior to committing for reentry was a top 
priority. The results of trade-off orbit comparisons are summarized in table 1 .l. 
- - 
Table 1 .I 
1 = POOR 2= PASSABLE 3= PRErrY GOOD 4.: EXCELLENT 
The totals, after ranking how well each objective is satisfied for each of the 
various obits, yielded a tie. Comparing the two orbits revealed that each had poor ratings In 
different pertinent objective categories, that of science reconnaisance and aircraft delivery. 
The similarities between each particular orbii led to the decision that each one could be used for 
a different phase of the mission and satisfy applicable requirements without radically increasing 
the total delta V required. 
With the general orbit types selected, it was possible to assign specific values to 
the orbit parameters involved, calculating them to satisfy requirements for each particular 
phase. 
Phase 3 
In order to view the condition of the predesignated landing sight, the science 
instruments need to be within approximately a 350 km attitude. This was the number chosen for 
the orbit attitude at time of periapse passage. A non-synchronous orbit had already been decided 
upon due to science requirements so the period of the orbit was selected to best comply with both 
science and landing objectives. A synchronous orbit would have a period of 24.6 hours. A period 
of 23 hours was chosen to precess the orbit 22.5 degrees per day. This will enable future 
science requirement compliance while still allowing adequate time for landing site 
reconnaisance. Given the period of the orbit and the required periapse altitude, the semi-major 
axis and the apoapse altitude can be found. The resulting orbit parameters are: 
a :  19565 km 
e : .809 
period : 23.0 hours 
periapse radius : 3730 krn 
apoapse radius : 35400 km 
To check satellite time in eclipse mode (needed for power requirements) -- a graphical 
study was carried out to find the maximumamount of time that mwld be spent in a shadow. 
Using Keplets equation, (1 .I), and the intersection of the orbit and shadow, it was found that a 
maximum shadow time of 4 hrs 20 min (1 7 percent of the orbit period) occurs when the orbit 
is in the ecliptic plane. 
After the completion of aerobraking and reconnaisance of the landing site, a 
Hohmann transfer orbit will be employed for payload reentry. The delta v required to insert the 
payload into a reentry trajectory is given by Eqn. (1.2) and is found to be 0.021 kds.  
where a, is the semi-major axis of the original orMt and %is that of the transfer orbit. 
Figure (1 -5) summarizes these results. 
- 
Figure 1.6 takes a look at this final orbit configuration throughout the Martian year 
with respect to the ecliptic plane. From the fgure, it can be seen that throughout most of the 
year, the satellite is nearly always illuminated. Thus, the time spent in eclipse mode is much 
less than 17 percent of the time, which means that no adjustments in solar array or battery size 
are necessary. 
Hg. 1.6 
Figure 1.7 shows how the aircraft commumication support requirement is met. The 
figure demonstrates where and when the satellite appears relative to the operating area. Part A 
in the diagram represents about 15 hours of the total orbit during which there are direct line of 
sight communication capabilities. The communication distance from aircraft to satellie in this 
part of the orbit ranges from 20,000 km to 32,500 km. Part B represents about 43 minutes 
during which there are line of sight communications possible between aircraft and spacecraft 
with an average range of about 350 krn. Parts C and D depict the remaining 8 hours of the orbit 
when the satellite is below the horizon and aircraft to spacecraft communications are not 
possible. Finally, fig. 1.7 illustrates the angle of the satellite above the horizon. 
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Fig. 1.5 
Phase 4 
With the completion of the successful payload landing, it is then possible to move 
into phase 4 of the mission, adjusting the orbit to meet the remaining science requirements 
while fulfilling the requirement for providing communication support to the aircraft. The orbit 
adjustment necessary is a change in indination of 65 degrees. This will bring the polar caps 
into the range of the science instruments, a necessary step towards fulfilling science 
requirements. To minimize the delta v required for orbii adjustment, a bum maneuver is 
executed at apoapse, changing inclination but keeping the same period, perigee, and apogee. (For 
minimum delta v, the bum must occur where the orbit speed is smallest, which occurs at 
apoapse.) Thet delta v is given by Eqn. (1.3) and is found to be .517 krnls. 
Av = 2 v sin (812) 
where v is velocity at burn point and 8 is desired change in inclination. 
1.9 
Fig. 1.7 
Massive Considerations 
The different subsystem masses are compiled in Appendix A, with a total (fuel, 
payload and all subsystem masses) spacecraft mass of about 27,650 kg. Since the Space Shuttle 
can carry 29,480 kg into low earth orbit, the weight factor is no problem. Due to the sizes of 
the various components, however, the whole package will not fit into one cargo bay, so more than 
one shuttle transport will be necessary. 
The dimensions of the shuttle cargo bay are illustrated in Fig. (1.8). As mentioned 
earlier, the aircraft dimensions alone are 11 m long x 4 m (dia.). Dimensions for the remaining 
components of the spacecraft delivery system to be transported to the space station on-orbit 
assembly area are as follows (approximated for the volume they will oecupy): 
- Instrument Bus Satellite : 2m x 2m x 1m 
(with panels folded) 
- Landing vehicle : 4.3m (dia.) x 1 1.3m 
- Landing gear : 2 - 3.5 rn X L(m 
- Aerobrake : 4 pieces, 5.5m x 7m x 5.5 m each 
- Fuel tanks : 2 - 8m x 2m (dia.) 
1 - 6m x 2m (dia.) 
3 - 1.5m (dia.) spheres 
Therefore, due to. the volume restrictions of the shuttle cargo bay, at least two flights for 
transport would be required. A more detailed description of the component arrangement is 
covered in the Structures subsystem section of the report. 
Cost Analysis 
A cost analysis program was used to determine an approximate expense for the 
spacecraft delivery system. The program uses a mass-based model where total cost is a strong 
function of total mass. The results of the estimate are shown in Table 1.2. 
To summarize, since four delivery systems are to be buitt, the entire project has 
an estimated price tag of $6.4 billion. This is a very generous estimate and indudes the cost of 
two shuttle flights. 
Table 1.2 
February 2000 
December 2001 
February 2002 
March 2003 
June 8, 2003 
Decem ber 2003 
January 1988 - May 1988 Preliminary Design Study 
June 1988 Acceptance of complete contract 
July 1988 - December 1989 Final Design Completion 
January 1990 - December 1995 Development and Testing 
January 1996 - December 1997 Completion of Ground Based Test System 
January 1998 - December 1999 Completion of individual components of First 
Launch-Ready Delivery system and continued 
On-Going tesing with ground based system 
January 2000 First of two shuttle flights carrying components 
of delivery system to space station to begin 
assembly 
Second Flight (including Martian aircraft) 
Completion of third system 
Assembly of instrument bus and lander complete 
Assembly of Aerobrake complete 
LAUNCH of first system(baning any set-backs) 
Completion of final system 
" ( Launch Cruise Aerobraking Site Recon. Landing 
June 2003 December 2003 February 2004 June 2004 
Problem Areas 
1. Not being able to perfectly satisfy Mission Science requirements and all-time 
aircraft communications support simultaneously due to having only one satellite in orbit. 
Solution: Install a separate satellite for the sole purpose of communication, 
the next logical step. 
2. Not being able to meet proposed launch date due to unexpected design, 
development, testing, or political problems. 
Solution: Acceptable launch windows appear once every Earth-Mars synodic 
period (about 2.2 years). 
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II A. Propulsion subsystem 
In order for our spacecraft to deliver its payload successfully to the surface of Mars, a 
propulsion system is needed that will do the job safely and effective@. In this section of the 
report, several propulsion systems are analyzed. Selecting the best system for this mission 
begins by determining the propulsive requirements as they are specified in the RFP. The 
propulsion system chosen will be the one that meets these requirements to the greatest 
degree. They are as follows: 
1 .) PPS will deliver the spacecraft payload to a pre-determined Martian orbit, and 
finally the planet's surface. 
2.) It will use off-the-shelf hardware where available. 
3.) Its design is restricted from using materials or technology expected to be available 
for production only after 1998. 
4.) The design stresses simplicity, reliability, low cost, and minimum mass. 
There are several considerations to be taken into account when designing a propulsion 
system, and also several types of systems to study. After researching this field, five 
propulsion systems were studied and evaluated. They are as follows: 
1 .) solid chemical propulsion 
2.) liquid chemical propulsion 
3.) nuclear fission propulsion 
4.) electric ion propulsion 
5.) solar/laser thermal propulsion 
The advantages and disadvantag=a of using these different types of systems may be found 
in Table 2a.l. 
Because of the additional burns required for aerobraking when the spacecraft arrives at 
Mars, solid chemical rockets are discarded. The need for simplicity dictates that electric ion 
and nuclear fission propulsion also be discarded, although both of these fields are currently 
being researched, showing promising hope for these types of systems to be effective in the 
near but not immediate future. SolarILaser thermal prop~lsion Systems are also discarded 
due to the need for very high laser pointing accuracy limiting them to only near-Earth 
missions. 
All things considered, a liquid chemical propulsion - - system is indeed optimal 
-- .- 
- 
for this mission. The state-of-the-art liquid chemical engines perform with an Isp 
of 460 seconds, providing high thrust, as well as, reliability and relative simplicity. These 
engines can also easily be stopped and restarted for additional delta v maneuvers, as will be 
needed when the spacecraft reaches Mars. In addition, liquid chemical technology is 
currently available, and off-the-shelf hardware will be implemented wherever possible. 
Even though a higher relative mass is obtained with this type of propulsive system, and 
complexity is increased by the need for a liquid hydrogen refrigeration system, liquid 
chemical rocketry successfully meets the specified design requirements listed earlier. 
- 
Table 2a.l. Propulsion system advantages and disadvantages 
2.high density Isp allowing 
for small system 
3.very stable propellant 
therefore very safe 
1 .high Isp (370-500) sec 1 .more complex than solids 
2.easily restartable 2.more massive 
3.refuellable for reuse 3.less easily stored 
4.H202 engine exhaust is 4.cooling system required 
non-toxic (water) 
therefore safe testing 
1 .high Isp (1 300-1 500)sec 1 .political question of 
2.high stage mass fraction nuclear radiation 
2.large, complex system 
3.public resistance to testing 
4.electroc ion 1 .low thrust system resulting 
in very long mission times 
2.large stage weight 
3.much greater complexity 
1 .moderate thrust 
2.high Isp (1800-1200) sec for solar powered vehicle 
Liquid chemical propulsion system design 
In designing the liquid chemical propulsion system for our Mars mission, liquid 
hydrogen-liquid oxygen fuel is selected because it represents the state-of-the-art in liquid 
chemical rocketry. It has an Isp of 460 seconds and has been proven very reliable in the 
past. 
For this Mars mission, two different types of fuel systems are needed. The first of these 
is the LHUL02 system. It provides the initial thrust from low Earth orbit (LEO) to the 
Martian atmosphere. Aerobraking maneuvers are then performed, and additional delta v 
burns at this point require additional propellant from these tanks. Also, a re-entry burn 
must be executed after separation from the scientific instrument satellite, taxing the 
LH2JL02 tanks for a final time. 
The second system needed meets the requirements of attitude control and final descent 
thrusting. This system uses a monopropellant of liquid hydrazine (N2H4)which has a lower 
Isp (255 seconds), but is very useful in applications such as these. Since only a single 
chemical is used, complexity of the fuel feed system is reduced, decreasing its weight and 
increasing reliability. Our hydrazine propulsive system has three distinst subsystems. 
They are as follows: 
1 .) N2H4 tanks for thrusters to be used in attitude control of the spacecraft on its way 
to Mars. These thrusters and tanks will also be used for payload stabilization upon 
re-entering the Martian atmosphere. 
2.) N2H4 tanks for final descent thrusting leading to a soft payload landing. 
3.) N2H4 tanks to be used for attitude control of the scientific instrument 
satellite in orbit above Mars. 
The propulsive requirements used in attitude control of the satellite will not be looked at 
here, but can be found in the AACS designfanalysis section of this report. The two other 
hydrazine systems, as well as the liquid hydrogen-liquid oxygen propulsion system, will be 
presented here. 
LH2/L02 system design 
There are several components to a LH2/L02 system; the most important, perhaps, being 
the actual fuel tanks. For sizing of these tanks, factors to be taken into consideration are 
payload mass, other subsystem masses, the delta v requirements as specified by mission 
planning, tankage factors, fuel and oxidizer densities, and geometrical tank shapes, as well 
as space available for these tanks onboard the spacecraft. Payload and subsystem masses can 
be found in Appendix A, while the other factors mentioned above and obtained from other 
subsystem design analysts are located in Table 2a.2. 
Table 2a.2. Requirements and needed constants for LH2tb02 analysis j 4 
- 
The rocket equation is used initially to obtain the mass of propellant needed for the total 
_ I  
delta v requirements mentioned above. 
delta v = (go) (Isp) In (MiIMf) 
Result is that MVMf = 4.39, where Mi is the initial mass of the spacecraft and Mf 
is its final mass after the propellant has been burned. 
In the following equations, Mp is the mass of the propellant, 0.15Mp is the mass of the 
propellant tanks (a 15% TF), and 3095.7 is the mass of the rest of the spacecraft. 
Plugging these values into the equation above results in the following: 
--.-- 
Mp = 21,351 kg = mass of propellant required 
0.15 Mp = 3203 kg = mass of the propellant tanks 
Using a mass ratio of oxidizerlfuel = 611, gives 
mass of LO2 = 18,301 kg 
mass of LH2 = 3,050 kg 
Using the densities found in Table 2a.2, their volumes are as follows: 
volume of LO2 = 16.0 m3 
volume of LH2 = 43.0 m3 
Now that the volumes of fuel and oxidizer have been obtained, proper tank sizing analysis 
can be executed. In the structures section of this report, diagrams show the layout of the 
aerobraking system and payload configuration. These constraints require the placement of 
two liquid hydrogen tanks and one liquid oxygen tank as depicted. Each tank has three parts. 
Each is comprised of a cylinder and two hemispheres. Working with a tankage factor of 15% 
and the formulas in Table 2a.4, the volumes, the shapes, and the masses of the tanks are 
calculated and then tabulated in Table 2a.5. 
Fuel feed systems 
There are two main types of fuel feed systems in liquid chemical rocket propulsion 
systems, i.e, pressure-fed and pump-fed. In the first type, high pressure tanks are used to 
hold the propellant, and helium Is used as the pressurant gas. In a pump-fed system, 
propellant is transfered to the rocket engine by means of a pump and pumping aparatus. In 
this particular application, 
a pressure-fed system was chosen to comply with the requirements of simplicity and 
reliability, eliminating the pumps and gearboxes which are prone to failure. 
--- . - 
- 
N2H4 (hydrazine) thruster design and configuration 
In a monopropellant system such as the one implemented here, no oxidizer is needed; 
only fuel tank sizing must be carried out. 
In the spacecraft attitude control thruster system, three small hydrazine tanks are 
needed for the thruster configuration as is shown in the diagrams found in the structural 
section of this report. Their sizes have been calculated as a result of fuel estimates given in 
Table 2a.3 and formulas found in Table 2a.4. The results for the AACS control of the 
spacecraft are tabulated in Table 2a.6. 
A similar analysis is needed for the hydrazine (N2H4) tanks to be used during 
final descent of the payload. However, only one fuel tank is needed due to the payload 
landing vehicle's structural configuration. Details of the landing thruster's 
configurations may be found in the structural and aerobrake sections of this report. 
The results of the payload thruster tank sizing analysis can be found in Table 2a.7. 
Table 2a.3 Requirements and needed constants for N2H4 analysis 
mass of N2H4 needed for attitude control of spacectaft 
en route to Mars and for control during re-entry 
Table 2a.4. volume formulas 
In each of the tank sizing result tables that follow, results are for unfuelled tanks. 
Masses of needed propellants can be found above and in Table 2a.3. 
- -  . - - -. - 
-. -- 
-. - 
Table 2a.5 Results of L02/LH2 tank sizing 
- 
Table 2a.6 Results of attitude control tank sizing 
N2H4 (hydrazine) 
- - -- 
Table 2a.7 Results of payload thruster tank sizing 
Technical Problem Areas 
A final note on the propulsion system designed here addresses some technical unsolved 
problems. The first of these concerns itself with the main rocket engine. Diagrams 
contained within this report depict only one main engine, however, during the 
productionltesting phase of this mission it may be found that a configuration of more than 
one smaller engines would produce a better overall design. Regardless, placement of the 
engine(s) and proper structural considerations must be taken into account. A constraint 
here is that the rocket engine's thrust vector must pass through the spacecraft's center of 
mass. A gimballing angle may be needed to direct the rocket engine and orient it in a proper 
fashion. 
Another problem to consider is concerned with the refrigeration system needed for the 
liquid hydrogen fuel. Although mass and power estimates have been made for this system, its 
placement and operation have not yet been determined. The liquid hydrogen, however, must 
be kept in the liquid phase for proper operation of the rocket engine. 
A final problem that may need some looking into is proper sizing and placement of the 
pressurant gas .tanks. In this report's diagrams three helium pressurant tanks are depicted. 
Their placement, as well as, their sizes and masses must be taken into account before 
production of our spacecraft can begin. 
llB. Power Subsystem 
In order for the Mars aircraft mission to be successfully started and finally completed, 
all of the subsystems involved in the design must have their electrical power needs met. In 
this section of the report, power requirements are identified, and a power system is 
designed to meet these specified requirements. They are as follows: 
1.) The power system (EPS) must be self-powered. 
2.) It must send telemetry to C3 subsystem. 
3.) It must accept commands from C3 subsystem. 
4.) It must be able to sense temperatures, and sense power loads. 
5.) It is required to control valve actuations and to control power relays. 
6.) EPS will provide an uninterrupted source of power to all spacecraft loads 
during the mission life. 
7.) It will protect the main power bus and power units against damage due to load 
faults. 
8.) It must protect user loads against outages and damage due to EPS unit 
failures. 
9.) EPS will control and process the power source (solar arrays) and the 
energy storage device outputs (batteries) into forms cornpatable with 
subsystem needs. 
10.) It must provide commands and telemetry for EPS monitoring and 
control by mission support team. 
11 .) As always, the design must not use technology available only after 
1998; it will use off-the-shelf hardware where available; its design 
will stress simplicity, reliability, minimum mass, and low cost. 
Table 2b.l lists the subsystem power needs as estimated by the design analysts. 
-- 
Table 2b.l power estimates 
Total power load = 785 watts 
The first consideration in designing an &lectrical power system is to think about the 
different modes of power that the spacecraft will encounter throughout the mission. These 
are as follows: 
2.9 
Power modes 
1 .) Launch mode 
During launch of the spacecraft, all subsystems must be prepowered. Thruster valves 
must be actuated, attitude control is needed from the start, and the central command 
computer must already be in operation. These initial power needs will be met through the 
use of an umbilical cable stretching from the orbitting space station to our spacecraft. It 
will charge the batteries that are installed aboard, providing the necessary power to all 
subsystem loads. 
When the spacecraft is launched, the umbilical power cable will be detached, and solar 
arrays will be deployed for the cruise made, supplying needed power and charging the 
batteries. .- 
2.) Cruise mode 
As mentioned above, solar arrays are deployed in this mode, charging the batteries and 
meeting all subsystem power needs. 
3.) Aerobraking maneuvers mode 
When the spacecraft uses the Martian atmosphere for aerobraking to reach final orbit, 
the solar arrays on board will have to be retracted behind the aeroshell for protection. 
4.) Separation mode 
In this mode, the solar arrays and most of the battery cells will remain on the orbitting 
satellite to meet its specified power needs. A small number of batteries go down to the 
Martian surface with the aerobrake and payload to control attitude thruster valve 
actuations, as well as thruster valve actuations for the final landing procedure, 
Fig. 2b.2 Regulated power bus 
A regulated power bus is selected instead of an unregulated power bus, due to the fact that 
it is able to maintain a constant stable supply of voltage. Even though it has a higher mass 
and is more complex, the regulator will protect the user loads and the power bus as specified 
in the design requirements. A schematic diagram of the regulated power bus is found in 
figure 2b.2. 
We want the electrical system to be designed so that there are no single point failures. 
That is, if any component were to fail, it would not cause the entire power system to fail 
along with it. EPS component failure is prevented by fusing individual battery cells or solar 
array strings. Load component failure is prevented by having parallel redundant fuses on 
each load, and a dual power bus prevents harness failure. Figure 2b.3 shows a diagram of 
the electriical power system simplified into its major components. 
Fig. 2b.3 Power system 
subsystem power 
Power options 
Power options to be considered for this mission are photovoltaic solar cells, solar 
dynamic power systems, and radio thermal generators (RTG's). The latter two were 
discarded and the former chosen for the following reasons: 
1 .) Photovoltaic solar arrays are vastly simpler than either solar dynamic 
systems or RTG1s. 
2.) Solar arrays meet subsystem power needs with minimal mass. 
3.) Nuclear power in space is still of important social/political concern. 
- 
- ---.- - 
Solar array opt6ns 
There are three major types of solar photovoltaic power: planar solar arrays, 
blanket-type solar arrays, and high concentrtion solar cells. Blanket-type solar arrays are 
the best option for this mission because of the need for folding retraction during re-entry 
into the Martian atmosphere. High concentration solar cells are still under development for 
efficient power production, planar solar arrays cannot be retracted, and blanket-type solar 
arrays fulfill the "off-the-shelf" power component requirement. 
Battery option and selection 
Along with the external source of power that solar arrays provide go rechargeable 
batteries to store additional power. These batteries will be used for both power storage and . 
for power sources. 
Two different types of rechargeable batteries were studied: nickel-cadmium and 
nickel-hydrogen. Nickel-cadmium batteries are selected for use on this mission for the 
following reasons: 
1.) Ni-Cd's have twenty years of proven flight history. 
2.) Missions of over seven years have been realized with Ni-Cd's. 
(This fulfills the four year mission lifetime requirement.) 
3.) Ni-Cd standard battery design already exists. 
4.) Ni-H batteries are of unjustified higher cost. 
5.) There is also difficulty in managing their electrolyte, 
6.) Ni-H batteries must be pressurized; Ni-Cd batteries do not have this 
constraint. 
Battery sizing analysis 
Table 2b.4 contains information essential to the analysis of both batteries and solar 
arrays selected for this mission. 
1.) number of battery cells needed = 
(PL) (TE)l (DOD) (watt-hourslcell) = 9.27 Therefore, ten battery cells are needed. 
2.) battery capacity C = (PL) (TE) 1 (DOD) (V) = 8.47 ampere-hours. 
3.) battery mass = (PL) (TE) 1 (DOD) (watt-hourskg) = 11.86 kg 
Therefore, each battery cell has a mass of 1.2 kg. 
Solar array sizing analysis 
1.) solar array power required (PBOL) 
PBOL = (PT) 1 (time degradation) 
PT is given by PT = Pb + (C) (V) (DOD) / (TS) 
Therefore, PBOL = ( PL + (C) (V) (DOD) I (TS) )/(time degradation) 
PBQL = 1352 watts 
2.) solar array area 
PBOL = S x Cr x e x A x ( 1-alpha (7-25) ) area A = 24.4 m2 
3.) solar array mass mass = area x area density 
Table 2b.4 BatteryISolar array data 
mass = 38.8 kg 
time exposed to sun (TS) 
-obtained from mission planning 
energy per battery cell . 
600 watts/m2 
area density of blanket-type solar arrays 
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400 
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Solar array configuration is shown in the structural subsysten section of this report. 
There are four solar arrays, each having the same dimensions and characteristics. Each 
array will be 6 meters long and 1 meter wide giving a total array area of 24.0 m2. This 
should be sufficient to supply enough power to the spacecraft, taking into account the fact 
that not all subsystems will be taxing the power batteries at the same time. Table 2b.5 
shows the results of the battery and solar array sizing. 
Table 2b.5 BatteryISolar array sizing results 
number of batteries 
Re-entry battery analysis 
As mentioned before, most of the batteries will remain in orbit giving needed power to 
the scientific instrument satellite, and some will go down to the Martian surface in order to 
power the re-entering subsystems. The aerobraking subsystem power requirement is equal 
to ( (PL) (TE) IDOD )/(watt-hours/cell) = 1.89 
Thus, two battery cells must be mounted within the aerobraking subsystem, leaving eight to 
remain inorbit on the satellite. The satellite power load is 625 watts. Therefore, n = 
(625) (0.17)/(0.45) (32) = 7.38. This corresponds, as predicted, to eight battery cells 
remaining in orbit. As a final note, to the propulsion and power subsystems, the following 
listing describes PPS interaction with other subsystems. 
Interactions with other subsystems 
1 .)Science 
-scientific instruments power needs 
2.)Attitude control system 
-computer and sensing devices power needs 
-additional propellant needed for attitude corrections during flight, in 
orbit, and upon re-entry 
3.)Communications 
-central control computers power needs 
-power required for antenna pointing 
4.)Aerobrake 
-additional propellant needed for re-entry burn and for retro-rockets 
when delivering payload to the planet's surface 
5.)Thermal control (Structures) 
-propellant tanks are a major structural consideration 
-cooling system is needed for liquid hydrogen fuel 
G.)Mission planning 
-initial boost delta v requirements 
7.)Power and propulsion 
-must interact with itself for its own power requirements 
(deploying and retracting solar arrays, rocket valve actuations, etc.) 
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Aerobraking is a technique which uses sucessive passes through the 
upper atmosphere to circularize a highly elliptical orbit. Strictly adhering to "successive 
passes" and the "upper atmosphere" keeps operations and technology simple. Using this 
aerodynamic drag to lower orbit energy, instead of a heavy retropropulsion system, results in 
significant reductions in propellent and structural mass, thus lowering costs. 
On this mission, NOMADS (see table1 for requirements), on a trans-mars trajectory, 
travelling at 2.702 km/s is captured in a highly elliptic orbit of 100,000 km semi-major axis 
by a propulsion burn of 731.8 m/s delta V. Once in this elliptic orbit, a small apoapsis 
propulsion maneuver would lower the periapsis in to the upper atmosphere(fig 3.1). Raising the 
periapsis could stop braking at any time for surveying or avoiding trouble. At a semi-major axis 
of 19,390 km, the instrument bus (satellite) is separated from the entry vehicle. The entry 
vehicle then continues to aerobrake down to a nearly circular orbit. A small burn captures the 
atmosphere and the entry vehicle deorbits, decellerates under a parachute and descent engines, 
and softly lands. 
A proposed drag device consists of a gas filled ballute which is deployed prior to the entry 
maneuver and surrounds the vehicle and the payload with exception of the main engine (fig 3.2). 
The vehicle is positioned so that the rocket faces forward. This ballute could represent a 
considerable increase in mission payload relative to the conventional baseline aerobrake system. 
The ballute concept developments should be looked into in order to assess possible use in the 
future. This is a viable alternative to the conventional aero&take if adv 
progress at a rapid rate. The 1998 deadline requirement on technology comes into the picture 
here. The ballute will probably not be tested anal reliable by then. 
aerobrake size and shape 
A conventional aeroshield was selected because of its reliability and lower cost. The size 
was optimized using AEROB. A frontal area of 120 square meters is found to be optimal 
(fig3.3). The shape is chosen to be a blunted wide angle cone that serves as part of the structure 
of the stage. This particular cone is an elliptical cone raked off at an angle of 73 degrees. This 
cone was selected because it has a flatter shape for surface area efficiency and it provides lower 
stagnation point heating than sharper cones. The desired lift-to-drag of 0.3 requires a rake 
angle of 73 degrees and appears to be sufficient for control of the vehicle during atmospheric 
flight. Control in the aerodynamic braking part is accomplished by varying the "effective" 
lift-to-drag ratio (equation 3.1)~.~. The base of the cone is an ellipse with a length of 14m and 
a width of 11 m. This configuration was chosen to more efficiently cover the long payload. 
. 
equation 3.1 Keff = w s ( a )  
K = Lift to drag ratio 
a = banking angle 
layout of aerobrake 
The layout of the vehicle was arrived at by balancing various requirements and considerations. 
One gound rule for the study is that the vehicle be transportable in the Orbiter payload bay. This 
affects the development of the shield and how it must be broken down. Another demand is that the 
entry vehicle be of a stable configuration during entry into the Martian atmosphere. To insure 
stability, the center of gravity should be kept ahead of the meta-center in the range of angles of 
attack to be considered in this design. A technical problem is to find this meta center at each 
angle of attack. A testing system must be developed to determine these angles. The layout (see 
Structures) shows the payload located in a cylinder as it will be for the entire flight. It is 
protected from heating during aerobraking and entry. The most severe heating occurs at the 
neck of the wake coinciding with the rear stagnation point. In order to insure the payload is kept 
away from the neck, the payload should be kept within a length of two diameters of the shield. 
The heating in this region is less than 3% of the heating at the front stagnation The 
payload and instrument bus are well within this constraint. 
A tradeoff in the direction of the main engine determined the orientation of the payload, the 
instrument bus, and the tanks relative to the shield. Three possible firing arrangements are 
possible: side firing, firing through shield and firing away from the shield. The last firing 
arrangement would require the engine and tanks to be placed arround the outside of a central 
paybad. Since the payload is long, exhaust from the main engine and entry heating woukl 
interfere with the payload and bus. Firing through the shield would be too complicated because 
doors would have to be built to allow firing in this manner. Therefore, a side firing 
arrangement was selected to avoid complexity and to conserve on the amount of structure that 
would be necessary to protect the latter arrangement. 
Optimization of the final mass injected was determined using AEROB and optimizing the 
semi-major axis verses shield area as shown in figure 3.3. The optimal semi-major axis 
occured at 100,000km with a shield area of 120 square meters. The optimization process was 
acomplished by varying parameters such as maximum shield temperature, initial periapsis and 
time limit for aerobraking until a suitable value was found within certain constraints of 
common sense and requirements of RFP. 
3.3 
During the aembraklw phase, after the orbit capture 
maneuvers allow the vehicle to encounter the atmosphere at periapsis, lowering the energy of 
the orbit by a slight amount. The vehicle will now have a lower semi-major axis. These 
maneuvers continue until a semi-major axis of 19,390km is reached. At this point bus 
separation will occur. 
separation 
Structural attachment seraration is accomplished with double-ended tandem separation bolts. 
NASA Standard Initiator (NSI) pressure cartriges installed in each end of the bolt provides the 
explosive force to sever the bolts at a predetermined fracture plane. Energy absorbers are 
provided to absorb the energy of the separating halves. The bolts are designed to sever without 
debris, which might cause damage to components. Electrical disconnection is accomplished using 
the Range Safty System electrical cables with pullaway connecters, designed not to cause 
excessive t ~ r ~ u e ~ . ~ .  These are current technology, ready to be used. 
The separation sequence is initiated by a separation command signal, after a final command 
from earth, which energizes explosive bolts and allows a set of compressed springs to separate 
the bus from the lander. The spring device will not cause damage to delicate hardware the way 
thrusters might. The attitude control system compensates for disturbances and continues to 
aerobrake (see time table). At an altitude of 3677km. when the orbiter's scientific 
instruments indicate a healthy environment and approval from mission control, the entry 
software is initiated by the on board computer. A deorbii propulsive maneuver is executed and 
the vehicle begins to descend. Attitude control thrusters (8) are used to hold the lander in the 
proper attitude so that the aeroshietd will protect the payload and instruments from the intense 
heat of entry and give a small amount of lift in the atmosphere(see AACS). 
entry and landing system 
The entry corridor at Mars, the window outside of which the spacecraft would either skip off 
the atmosphere if the flight angle is too low or will crash if the angle is too great, is large 
enough not to pose a serious guidance problem. Mars corridor wklth is from 850km to 
2000km, depending on altitude. In reference, the earth's corridor is between 170km 
and 400km. Guidance tolerences imposed by different parabolic entry corridors can vary 
widely. Figure 3.4 shows the permissible deviation in flight path +-delta a verses altitude for 
different planets3.4. 
The lander encounters the sensible atmosphere at about 200km : peak velocity is about 
15000 mls. The lander decellerates increasingly and reaches a maximum decelleration at about 
1 Okm. At an altitude of 6400 meters, the lander has decreased to about 375 mls. The 
parachute can now be opened. The parachute is a Dacron fabric, 54 meter parachute with 48 
suspension lines. The size was determined using equation 3.2. 
Equation 3.2 3.5 z = ( ~ M O ~ ~ C ~ A ) ~ ~ ~  
Z = Terminal Velocity 
D = Diameter 
M = Mass 
CD = Drag Coefficient 
Go = Gravitational Constant 
p = Density 
It is deployed using a mortar device which accellerates a cord from the chute and opens the 
3.5 
parachute. After the parachute is open and the vehicle is stable, the aeroshield is separated by 
an explosive bolt compressed spring device simitiar to that used for the satellite separation. The 
main engine is also released at this time using the same method of separation. In about a 
minute, the lander drifts down to about 1200 meters and has a velocity of 60 m/s (eq. 3.2). 
The 3 terminal-phase engines are turned on and throttled to achieve the proper rate of descent 
(see Propulsion for specifcations). The parachute is released and allowed to drift away. A 
radar altimeter and a radar unit determine the altitude and velocity respectively. This data is 
fed into the computer and the level of thrust required is output by the engines(eq.3.3). 
Equation 3.33*6 dV/dt = p ~ 2 ~ @ ~ x  - G(h)sinQ - PcosK 
V = Velocity 
Q = Inclination Angle 
h = Flight Altitude 
P = Thrust 
K = Flight Angle . 
This equation represents the equation of motion of the lander. The thrust is varied in guch a way 
that the final velocity is a minimum, about 1.5 mJs. Two air bags are inflated with compressed 
air before touchdown (fg 3.6). Upon landing, at a specific internal pressure, pressure valves 
in the outer bag release air allowing for a soft landing. The inner bag provides support for the 
lander and protect it from possible damage from rocks. This configuration should be lighter and 
more stable than the conventional crushable landing legs, given the long payload to work with 
(fig. 3.6). 
Upon landing, the lander will notify the Mars crew so that they may begin to remove the 
airplane from the container. The container will have a latch on one end to allow the end caps to 
be removed easily. Once the airplane is removed, the lander has reached the end of its 
3.6 
useful life. 
test concerns 
The ellipsoidally blunted, raked off elliptically wide angle cone has several desirable 
factors,but it should be compared with other lifting brake shapes such as a blunted symetrical 
cone with an off-set center of gravity. Wind tunnel and computational fluid dynamic analysis 
will help assess the aerodynamic and aerothermodynamics of each configuration. Improved 
numerical flow field computations will improve shapes and designs, since wind tunnels are 
limited in their simulation capabilities at these high velocities and altitudes. This may evolve a 
more aerodynamicly and thermodynamlcly stable shield. 
Developments in composite structures would reduce the mass of the spacecraft without 
sacrificing strength or rigidity. Also, the use of lighter soft insulation having improved 
temperature and strength qualities would also reduce mass and allow for less thermal protection 
for components. 
The air bag concept for soft landing needs testing to determine its feasibility. This area is a 
new concept with very little backround in an aerospace environment. Strength tests need to be 
run as well as puncture and thermal resistance tests. 
subsystem interactions 
Communications with Propulsion, AACS, Structures and Mission Planning were an intergal 
part of this design. Mission Planning gave me parameters for AEROB, decided the orbit and 
determined the separation timeline. Interaction with Structures accomplished the design and 
integration of the components, as well as deciding on the materials of the components for 
aerobraking and stuctures. Propulsion determined the size of fuel tanks and batteries needed for 
power during the descent phase for the mission, after being given power requirements(fig 3.5). 
Propulsion also picked descent rockets for the terminal phase after being given thrust 
requirements. AACS integrated the control portion of the final descent, once given attitude 
requirements for the entry. 
requirements 
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IV. STRUCTURES 
The structures subsystem provides basic physical support for all the 
components of the spacecraft. The actual layout of the spacecraft is determined by the 
capabilities and limitations of the various instruments and subsystems involved. 
Examining the power requirements first, the solar arrays are very large. They 
must be placed away from the spacecraft to maximize the area exposed to the sun and to avoid 
blocking the fields of view of the science instruments. Another aspect of this subsystem Is 
propulsion. The tanks containing the propellants must be located so as to minimize the distance 
the propellants must travel. The thrusters must also be placed in positions to both minimize the 
travel distance of the propellant and to provide effective control of the spacecraft. For this 
reason they are placed as shown in Fig.4 .l. 
With respect to the aerobrake, a material must be found that is able to withstand 
repeated applications of extremely high temperatures. In order to withstand the extreme 
temperatures of the multiple orbit aerobraking, the material must provide high strength and 
stability at high temperatures. The standard material to satisfy these types of requirements is a 
carbon-carbon composite material which has been used in such applications as the Space Shuttle 
heat shield. 
In order to satisfy both the AACS and communication requirements, the 
instruments chosen in each of these subsystems must have clear fields of view. The AACS star 
trackers and mapper and the sun sensor are placed so as to be able to locate their respective 
targets, and the high- and low-gain antennas are placed on the periphery of the spacecraft to 
avoid disruptions of communication caused by spacecraft instruments. Guidance computers and 
gyros may be placed wherever is necessary to optimize the inertia matrix. Also, to fulfill 
science requirements, the magnetometer must be placed away from the body of the spacecraft to 
avoid extraneous electromagnetic radiation. Other science instruments must be placed so as to 
have a clear view of the Martian surface and atmosphere. 
SYSTEM INERTIA 
The entire delivery system was split into two major components for 
simplification of component placement about an acceptable center of mass. The first component 
identified was the instrument bus. The inertia tensors of the various instruments chosen for the 
satellite were entered into a program designed to optimize component placement. The results of 
the program yielded the following satellite inertia tensor: 
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This, in turn, yielded the satellite system center of mass, found to be: 
Mass = 1077.21 kg 
Therefore, when the satellite is deployed it is very nearly centered about its geometric center of 
mass. 
The second component defined the remaining elements of the delivery system, 
including the aerobrake, payload, and fuel tanks. A similar procedure was performed and yielded 
the following spacecraft inertia tensor: 
Corresponding to a system center of mass of: 
and a total mass equal to approximately 24,000 kg. 
In closing, the placement of the components of the entire system yields 
approximately a stable configuration. 
THERMAL CONTROL 
There are two fundamental methods for controlling spacecraft temperatures: 
passive thermal control and active thermal control. Passive thermal control of a system and its 
components is obtained wholly through geometrical design and the selection of materials with the 
required thermophysical properties. This method also includes the static use of I 
temperature-induced physical changes in materials. Neither power or moving parts are 
employed. 
Passive thermal control is more reliable than active thermal control. No 
moving parts or switches are used, thus eliminating malfunctions. The passive system usually 
involves less mass as well. The passive control system is usually identified by what is known as 
Curie point transition. The Curie point transition utilizes first order atomic transition which 
takes place as a function of temperature. The obvious major advantages to this system are 
reliability, simplicity and small weight factors. 
The use of a thermal wick is also being considered to aid in the cooling of the 
spacecraft components (see Fig. 4.2). A heat transfer fluid contained within the housing of 
capillary channels is evaporated at the equipment which is cooled and condensed at the vehicle 
skin. The liquid is then returned to the hot end of the system by these capillary channels. 
Although simplistic in design, sometimes problems lie in placing the heat transfer fluids within 
the channels. 
The system chosen is called solid cryogenic refrigeration (SCR). The system 
utilizes the heat of sublimation of selected materials to cool selected spacecraft components. 
Conceptually, these systems consist of a container of solid refrigerant which is thermally 
isolated from everything except the component which is being cooled. SCR is well suited to 
accurately control components at low temperatures. The component temperature is essentially 
fixed by the refrigerant temperature. Although a small possible problem lies in maintaining the 
ambient pressure, SCR is virtually problem-free. 
MATERIALS SELECTED 
In selecting the proper material suitable for both a space journey and a reentry 
situation the following requirements must be met: 
Space cruise: 1. Suitable behavior of the material at low pressures. 
2. Must be able to guard against radiation damage. 
3. Must be able to resist impact of micrometerites. 
4. Friction seals and bearing surfaces must not yield. 
5. Need to keep in mind lightweight material for vehicle construction in 
order to comply with overall mission objectives. 
Reentry phase: Need to be concerned with: 
EVAPORATOR CAPILLARY VEHICLE SKIN AT 
TEMPERATURE T' 
CONDENSER 
TO BE COOLED 
TEMPERATURE 
Fig. %&Thermal Wick 
HERMAL CONTROL 
INCIDENT 
SPACECRAFT SKIN 
RADIANT ENERGY 
TRANSMITTING 
Hg 
Hg RESERVOIR 
..' (a) Hg SHUTTER IN COOL POSITION ? 
3 
RADIANT ENERGY 
TRANSMITTING 
M ATEF' ' 
-THERMAL CONTROL 
SKIN 
(b) H~'SHUTTER IN WARM POSITION 
Mercury Shutter 
--7 
1. Thermal stresses 
2. Material survival under thermal shock. 
3. Erosion, ablation, and heat sinks 
4. Want to look at thermal insulation and protective coatings. 
Several materials were considered to determine which could best suit the needs 
of this mission. These are tabulated in Table 4.1. Although Table 4.1 yields a boron-epoxy or a 
graphite-epoxy to best suit mission needs, they were not selected because they are still in the 
experimental stages of development and are not expected to be available before 1998 for 
particular immediate structural needs. The next best choice was the material titanium. when 
incorporated into a structural design a honeycomb-type filler configuration is used. The 
structural core material used is adhesively bonded between high strength faces producing a 
sandwich panel with the highest known strength to weight ratio of any known material. Titanium 
is strong, lightweight, shapable, corrosion and fatigue resistant, and versatile. 
SHUTTLE COMPATIBILITY 
For adequate shuttle compatibility, unassembled components to be delivered 
to the on-orbit space station repair and assembly platform must be fitted with trunions. To 
insure safe delivery, that is, undamaged parts on any of the components, the trunions must be 
placed where they can handle the greatest amount of force disturbance associated with the 
extreme stresses involved during shuttle launch and cruise. At the same time they must be 
placed where they will be directly compatible with the fasteners located at various horizontal 
distances along the Shuttl8 cargo bay. The location of the trunions are indicated in the various 
component diagrams in this section of the paper and are placed to meet the above constraints. 
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V. AmllTUDE AND ARTICULATION CONTROL 
The attitude stabilization of either an orbiting satellite or an interplanetary 
transporter system is one of the most critical aspects of their designs. The increased diversities 
of the missions as well as the ever-shrinking tolerances on the attitude accuracy requirements 
make this extensive engineering task even more of a problem. 
The problem of design begins with a list of system requirements, each of which must 
be satisfied before a design is complete. The fulfilling of the requirements must be based on 
engineering studies. Rather than picking randomly from a catalog of components, selection must 
be based on trade studies. Trade studies are the weighing of advantages and disadvantages of each 
prospective component to arrive at a selection that will be the optimal choice for the specific 
aplication. 
Requirements 
The requirements that will guide the design of the attitude and articulation control 
system (AACS) are given by the RFP: 
-design should use off-the-shelf hardware where available 
-nothing in the design should preclude it from performing different missions or 
carrying vastly different payloads to different destinations. 
design should not use materials or techniques expected to be available after - 
1998. 
-design should stress simplicity, reliability, minimum mass and low cost. 
design lifetime of four years, but nothing in the design should preclude it from 
exceeding this lifetime. 
In this section it will be shown how each of these requirements were met as well as 
the technical approach involved in meeting them. On a somewhat more specific level, a second 
list of requirements was considered. This system should: 
-send telemetry to CA3. 
-accept and act on commands from CA3. 
-receive power from the PPS. 
-accurately control and point the vehicle. 
-effectively minimize weight and cost. 
-maximize reliability, accuracy and efficiency. 
Analysis of Candidate Systems 
Since the design of the NOMADS calls for a large mass (see Structures subsystem 
section for quantitative analysis), it was decided that two separate AACS designs should be 
implemented. One design is for the control of the entire vehicle en route to Mars. The second 
system is the attitude control for the instrument bus that will be placed in an orbit about Mars. 
The AACS of most vehicles can be classified into a few main groups of like systems. 
The first and indeed the most important step in a design is to pick from these groups a system 
that will best be suited for the specific application.ln the following pages the choices for each 
AACS component will be analyzed. 
A system of solar vanes was examined first. This system relies on solar radiation 
pressure for the attitude control of a vehicle. For applications concerning the transfer vehicle 
the solar vanes would be very impractical since these systems are normally implemented solely 
for station keeping maneuvers. The large mass and high velocity of the vehicle excludes this 
system for a design choice. This mission also requires that the instrument bus platform make 
many scientific observations from orbit. The instruments that will collect the data are mounted 
facing the Martian surface and actuation of these instruments produces disturbances in the 
system on a regular basis. The many subsequent control demands that will be placed on the AACS 
due to the disturbances of the instruments' actuations far surpasses this system's ability to 
maintain an acceptable level of dynamic control integrity ,due to the fact that it is considered a 
passive system. That is to say, a system that does not rely on an energy source, sensors, andlor 
artificial feedback for attitude reference or control. For these reasons solar vanes were excluded 
from the design choices. 
Spin and dual-spin systems have successfully been flown on past missions but 
presented several serious problems for our design. As previously mentioned, the scan platform 
must remain very still to allow the collection of accurate data by the science instruments. The 
stringent requirements on the hold or pointing mode make this system unusable immediately 
(see Science subsystem section for accuracy requirements). In addition to the accuracy, the 
power requirements are such that the solar array configuration would need to be over 5 meters 
long and given the radius of our bus (approximately 1.5 meters) this would mean that the 
satellite would be spin stabilized about the axis of least moment of inertia. With this in mind, it 
is easy to see that there is a good chance that a disturbance,such as fuel slosh, instrument 
actuation, etc., could cause the satellite to tumble. This system was rejected as an AACS 
candidate. 
' 3  The design has been narrowed down to a choice between two systems, namely: 
three-axis active stabilization and reaction wheel stabilization. 
I 
NOMADS'~S a medium-size satellite. The three axis active would provide a highly 
accurate control; however, there are some penalties. For a misson of four years the fuel 
required for station keeping would be quite large, and considering that the science instruments 
will be actuated relatively often, the fuel requirements would increase drastically. The equation 
used to estimate this systems mass is: 
REF(8) 
From this analysis we find that the mass of the required system would be approximately 65kg. 
Shortly it will be shown that the chosen system of reaction wheels has a mass of 61.0 kg. 
Immediately an advantage in mass is realized through using the reaction wheel system .This 
advantage becomes much larger when the extra fuel required for the three-axis stabilized is 
taken into consideration. 
Reliability is an extremely important issue in this design because of the four year 
mission length. The three axis active system is the more complex of the two candidate systems 
and because of this fact it is the least reliable of the two. These trades and more,shown in Fig. 
5.1 ,indicated that the reaction wheel system was the appropriate system for this mission. 
Satellite System Component Selection - 
Now that a system of reaction wheels has been chosen as the AACS on the NOMADS, the 
subject of wheel unloading must be addressed. Two systems for unloading were considered: 
boom unloading and thruster unloading. The characteristics of each are shown in Fig. 5.2. In 
addition to the disadvantages in Fig. 5.2, the boom unloading posed another problem. The design 
was becoming much too crowded with four solar arrays, two instrument booms and two antennas. 
Since the boom would have had no place to be mounted effectively, boom unloading was ruled out. 
Turning to the system requirements, we first are concerned with the mass of fuel v.z. 6 
f..... 
ex.. (.:$ 
that is needed. The instrument bus will, upon reaching its designated orbit, be required to detach d 
and move away from the vehicle. To do this we must accelerate away from the vehicle and then 
~2 @jg /.$ 
decelerate to an on station hold position. For this maneuver an acceleration profile shown in Fig. &, c...-<2 
5.3 was chosen. Then using the equation for that profile and integrating, we get AV = 15rn/s. c 5 
The fuel consumption for this maneuver is found by: 
with AV = 15 mls, g -9.8 mls, 1 1225, and M 600kg 
In eqaution 5.2 I= the specific impulse for the monopropellant Hydrazine. The reason Hydrazine 
was chosen is because of its long history as a dependable propellant and the fact that it is a 
monopropellant requiring only one fuel tank and a small pressurant tank. Fuel 
mass requirements for similar delta V's were calculated, and the tank weights for each type of 
fue1,bipropellant and monopropellant, added to this. It was found that for the required delta-V of 
this mission Hydrazine was the optimal choice. 
Tank sizing was performed by using the equation: 
A total mass of fuel estimate was obtained through the use of the equation: 
Am = (Iw)l(g b& (5.4) 
REF(1O) 
where 1 = moment of inertia about a specific axis, w = angular velocity (which for the purpose 
of this analysis was chosen to be 2z rad.day),g = 9.8 mlsA2, Isp = specific impulse of Hydrazine 
= 225 sec , and I = moment arm of thrusters = 1.5 m.This analysis yielded a total mas of M = 
80 kg and tank size of r = 0.27 m. These estimates are based on a +20% error factor. 
For a spacecraft, H = Iw , where H = angular momentum imparted to the body by a 
reaction wheel, I = the body's inertia matrix, and w = angular velocity, or slew rate. A slew rate 
of 0.3 revlmin was chosen which corresponds to an H of approximately 2.0 ft-lb sec. In - 
choosing a reaction wheel it was desirable to minimize weight, size, and operating rpm's while 
still meeting the slew rate requirements. The rpmss were minimized in order to give added 
reliability and life expectancy to the components (refer to Component Table 5.1 for the chosen 
component parameters). 
Thrusters were chosen on the basis of weight, operational life, total impulse, 
number of pulses, and past performance. NASA's standard 1 Ib thruster was chosen on the basis 
of the above qualifications. 
An inertial attitude reference system is essential to the mission. For this component 
low weight, low power requirements, low noise, long life and accuracy are needed. 
Research revealed a new gyro based on fiber optics, the Fiber Optic Rotation Sensor (FORS). 
This component optimized all parameters and has been chosen for this mission (refer to 
Component Table 5.1). 
\ 
An onboard computer was a necessity for the complex attitude controls in this 
mission. The computer will be selected only from units that are compatible with the C3 
components with wich it must interact . Optimization of weight, operational life, reliability and 
memory led to the selection shown in Table 5.1. 
Accuratesensing is a very imponant aspect of maintaining an operational satellite. 
It was decided that a fine sun sensor in conjunction with a coarse sun sensor for each side of the 
satellite should be used. This redundancy is a precaution taken to ensure that in the event the 
satellite stabilizes after a tumble it will always be able to orient itself to the sun. The coarse 
sun sensor must minimize size and weight while having relatively good accuracy. The coarse sun 
sensor should also have a 180 degree field of vision to ensure complete scanning capabilities. 
The fine sun sensor must have a narrow field of view and a very good level of accuracy. Refer to 
Table 5.1 for selected component. 
For attitude and position reference a star tracker was chosen. This unit was chosen 
in much the same way as the other components. Here again, weight, size and power requirements 
should be minimized and pointing capabaility maximized. This instrument also requires a 
gimballing mechanism which should also optimize applicable parameters. 
Almost complete, the satellite design needs a number of actuators for the instrument 
booms and antenna. An accuracy optimization was the most important study in this selection 
process; however, weight, size and powerrequirements were also looked at. Two linear boom 
actuators were chosen as well as an antenna actuator. Refer to Table 5.1 for the antenna actuator 
parameters and to the Command and Data Control subsystem section for pointing accuracy 
requirements. 
Transfer Vehicle Component Selection 
As was discussed in the introduction to this section, two independent AACS will be 
used. For the transfer vehicle a three axis-active system was chosen. The momentum wheels 
could not provide the necessary delta-\/ trims needed and a properly sized thruster system for 
wheel unloading would not be effective either. The thrusters will be bipropellant units to make 
it possible to draw from the main propellant tanks as a fuel supply. The additional fuel 
requirements were calculated using Eqn.5.4 as before. Here, it is assumed that the craft must 
be able to complete a 360 degree maneuver every 24 hours. Therefore w = 2x rad/ day. The 
delta-V trims needed were estimated from past missions. Fuel for reentry was estimated in this 
manner as well. A 20% error facter was then added. 
The sensors chosen were the same as used on the bus with a slight loosening of the 
accuracy tolerances. Only two sun sensors were called for . A star mapper was added'to this 
vehicle for additional data to pinpoint the vehicle's position. The gyro,computer, and star 
tracker are similar to the units on the bus and were selected through the same process.The 
thruster chosen is a NASA standard 5 Ib thruster. This system will produce a slew rate of 
approximately 2.5 revlmin on the NOMADS. 
Attitude Modes 
The AACS design now complete, the modes of operation for both systems will be 
defined and examined. The attitude modes common to both the transfer vehicle and the satellite 
are: delta-V trims, fine point I hold, slew mode I maneuvers, star acquisition and sun 
acquisition . During the delta-V trims,the thruster system will fine tune the final positioning of 
both vehicles. For the transfer vehicle , delta-V trim mode is very important due to the fact that 
the main propulsion system of the of the craft is not capable of precisely controlling the 
positioning of the vehicle. Although the thrusters on the satellite are used for the main 
propulsion as well as delta-V trim, mode differentiation is seen by the onboard computer in that 
the accuracy of control is greater for the delta-V trim. 
Fine pointing or hold is a mode in which extreme accuracy is required from each 
component in the system. In this mode gyro angular velocity is usually increased to induce 
greater stability in the component at the expense of an increase in power consumption. It is in 
this mode that three-axis active stabilized is the most accurate, while technological advances in 
reaction wheel systems will soon bring momentum stabilized systems up to a very respectable 
accuracy level- such as seen in this satellite design. 
The slew or maneuvering mode is similar to the fine pointing in that the gyros are 
sped up for the maneuver. In this mode, calculations and corrections for fuel slosh and 
structural bending and flexing must be done either at the design level or in the immediate mode of 
the onboard computer. In this design the problem is left to the computer. 
Star acquisition and sun acquisition are similar modes of the AACS. During these 
operations the attitude system will be fed data from the star tracker and sun sensor respective to 
each mode. This information will be processed by the computer, the computer in turn will send 
commands to the rest of the system to actuate the pointing of the instrument and possible 
reorientation of the vehicle. This mode is a kind of hybrid in that after the data is sent to the 
computer, the vehicle goes into a mode that is essentially identical to the fine pointing mode. 
There will be a cruise mode for the transfer vehicle. In this mode the AACS will 
perform a constant monitoring of attitude and the main propulsion system will move the vehicle. 
In this mode, the satellite will be mostly dormant with only a very few components in operation. 
The sun sensors on one side of the satellite, the upward side, will be used for attitude sensing and 
solar array pointing. The star tracker will also be in use furnishing attitude and position data. 
Actuation of the communications antenna is necessary throughout all modes of this mission. 
The satellite will have a mode that is unneccessary on the transfer vehicle, that is 
momentum wheel unloading. In this mode a torque will be applied to the momentum wheels to 
slow it down while the thruster system creates a toque in the opposite direction. Through this 
coupling of torques it is hoped that the satellite will n ~ t  experience excessive motion about any axis. 
CompoemenS Placement 
Placement of sun sensors, star trackers and the star mapper will be selected on the 
basis of each individual instruments' field of vision, interaction or interference with other 
components and weight distribution requirements. The thrusters on both the satellite and the 
transfer vehicle are placed such that they will generate the greatest toques on each body.Since 
torque is given by : 
T=Fl FlG(5.5) 
maximizing torque is done by increasing I, the moment arm. Thruster force is denoted by F. The 
thrusters were located axi-symmetrically so as not to introduce rotations along any other axis 
other than the intended axis.Thrusters were also placed symmetrically about the center of 
gravity so that their masses would not generate any non-axial terms in the vehicle's inertia 
matrix. Each thruster on board the transfer vehicle was mounted on a small boom assembly. 
This assembly extended the thrusters out over the edge of the heat shield for attitude control 
during the flight to Mars. During the reentry of the vehicle , the booms will retract the 
thrusters to a position just behind the outer lip of the heat shield,safe from the extreme heat 
generated during reentry. In the retracted position the thrusters pointed in the downward 
direction will not be used. Thruster placement is shown in Fig.5.5. 
The reaction wheels must be placed directly about the center of mass of the satellite for 
most accurate control and maneuvering. Gyro and computer placement should be inside the body 
of the satellite,protected from the extreme conditions of the invironment. These two components 
will be placed at the discretion of the Structures subsystem analyst as well. 
The control requirements placed on the AACS by the scientifc instruments were 
compared to the accuracy of the designed system and it was found that the 2urad overall system 
pointing capability would be quite sufficient. The antenna pointing accuracy requirements 
(tolerances can be found in the Command and Data Control subsystem section) were met by both 
the overall system pointing capability and the antenna actuator capability. 
AACS Interaction 
The AACS must interact with all the other subsystems in the design. The structures 
system required component placement interaction. Each component had to be accounted for in the 
mass and inertia analysis. Also, some of the components of the AACS had to be mounted using 
special brackets. 
The science subsystem required pointing accuracies that had to be met by the AACS. 
Aerobraking into orbit and reentry to the surface required attitude control consideration. Also 
the power and propulsion subsystem was given power and fuel requirements that had to be met 
before the AACS could functbn properly. 
All of the interactions between the AACS and the other subsystems were monitored by 
the CA3 system. Commands from Earth ground control were received by CA3, then relayed to the 
AACS. Information as to actuation, attitude sensing and position were given to CA3 by the AACS, 
which then sent the data back to Earth. 
Technical Problem Areas 
Each component of the AACS meets requirements given in the RFP as well as the 
particular subsystem requirements as given at the beginning of this section. There are several 
tecnical problems facing the AACS design. The effects of the Martian atmosphere on the 
components should be analyzed. Also the effects of structural flexibility should be addressed; 
however, both of these studies are beyond the scope of this paper. 
An effort to more accurately estimate the delta-Vs associated with station keeping, 
manuevering and delta-V trims should be made utilizing a technical approach. Along these same 
lines an accurate estimate of momentum wheel unloading frequencies should be found. Once these 
problems are solved , this design should produce a very effective attitude control system. 
ATTITUDE CONTROL SYSTEM TRADES 
LAST LONGER 
-FAST CONTROL ACTUATION -REDUCED OVERALL WEIGHT 
-EFFECTIVE ON SATELLITES WITH -LOWER COST 
LARGE MASS AND INERTIAS -FAILURE IS NOT E.O.M. 
-CAN AID IN DELTA-V TRIMS 
-LESS MASS FOR REDUNDANCY 
PERFORMANCE DISADVANTAGES 
-DIFFICULT TO ATTAIN COMPARABLE 
ACCURACIES 
-LARGE FUEL REQUIREMENTS 
-LEAST RELIABLE -SLOWER MANEUVERING 
-NO EFFECTIVE DELTA-V TRIMS 
-TUMBLES ON FAILURE 
-HIGH POWER REQUIREMENTS 
-SHORTER MISSION LIFE 
-REQUIRES ADDITIONAL SYSTEM FOR 
WHEEL UNLOADING 
Fig. 5.1 : 3-AXIS ACTIVE -VS- REACTION WHEEL 
REACTION WHEEL MOMENTUM DUMP TRADES 
-NO EXTERNAL APPENDAGES -LONGER LIFE (10-20 YEARS) 
-BACK UP CONTROL SYSTEM IN -REDUCED OVERALL WEIGHT 
-NOT SENSITIVE TO 
CONFIGURATION -NO MASSIVE FUEL TANKS 
-PLACEMENT IS FLEXIBLE 
-REDUNDANCY MORE MASS 
DISADVANTAGES 
-STRUCTURAL FLEXING 
-MORE VALVE ACTUATION CONSIDERATIONS 
-FUEL SLOSH CONSIDERATIONS -CAN GENERALLY UNLOAD ONLY 
-BOOMS ARE DEPLOYED 
THROUGXT MISSION 
ACCELERATION (mlsec) Fig. 5.2: THRUSTER -VS- BOOM UNLOADING 
Fig. 5.3 : ACCELERATION PROFILE FOR 
DELTA-V CALCULATIONS 
M C S  SATELLITE COMPONENTS i 
THRUSTERS -.. 
G m  (FIBER OPTICS 
ROTATION 
SENSOR-FORS) I I 
PERFORMANCE REMARKS 
8.2 NASA STANDARD Ilb. THRUST HYDRAZINE THRUSTE 
TOTAL IMPULSE=50000 Iblsec : pulses=lOOOOO 
opperational life of 7 years 
10.0 POWER AND WEIGHT REQUIREMENTS ESTIMATED 
FROM PAST MISSION DATA 
DRIFT=2XI OE-4 degthour REQUl RING UPDATE 
APPROXIMATELY EVERY THREE HOURS 
NOISE=1 X I  OE-5 degtsec :MEAN TIME BETWEEN 
FAILURES 10 YEARS 
COARSE I I 
SUNSENSORJ (ADCOL  OA ) 2 1 0.0 
COMPUTER 1 19.0 
(TRW CDE-16) 
SIZE=10.5"DX4.3" : MOMENTUM=2.06ft-lbs-sec 
3 a 6  AT 900 RPM's : ONE WHEEL ON EACH AXIS 
I FOV=180 deg : ACCURACY=2 deg AT NULL 
FOV=+2,-2 deg EACH AXIS : ACURRACY=S arc sec 
5s2 SIZE=5"x5"x5" 
4 Q I 3K ROM AND 64K RAM : 16 BIT WORDS TO lNSURE 
COMPATIBILITY WITH CA3 SUBSYSTEM 
RELIABILITY 400K HOURS OPPROXIMATELY 
FUELTANKS I 2 1 4.0 
- I ONE MAIN FUELTANK REQUIRED AND ONE PRESSUWWT TANK 
ANTENNA 
ACTUATOR 1 5.0 
POWER AND WEIGHT VALUES ARE ESTIMATES 
-5 BASED ON PAST MISSIONS 
ACTUATION = 0.005 deglstep AND LIFE >4 YEARS 
222 NEWTONS : SIZE 12.7"x6.6"x5.lW 
Table 5.1 AACS SATELUTE COMPONENTS 
FINAL TRANSFER VEHICLE DESIGN COMPONENTS 
PERFORMANCE REMARKS 
NASA STANDARD 5b. THRUST BIPROPELLANT 
POWER AND WEIGHT REQUIREMENTS ESTIMATED 
DRIFT=2XI OE-4 deg/hour REQUIRING UPDATE 
NOISE=1 X1 OE-5 deg/sec :MEAN TIME BETWEEN 
FAILURES 1 0 YEARS 
FOV=180 deg : ACCURACY=2 deg AT NULL 
3K ROM AND 64K RAM : 16 BIT WORDS TO INSURE 
COMPATIBILITY WITH CA3 SUBSYSTEM 
222 NEWTONS : SIZE 12.7"x6.6"x5.1" 
Fig.5.2 transfer vehicle AACS components 
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V1. COMMAND, CONTROL & COMMUNlCATlON 
Abstract 
In response to the Request for Proposals, the Nifty Orbital Aerobraking Delivery System (NOMADS) was 
designed to carry a payload consisting of a manned aircraft to the Martian surface within the first part of the next 
century. To this end, seven spacecraft subsystems were defined to facilitate the design of NOMADS. This 
chapter deals with the Command, Control and Communication subsystem (CA3) and its main design features: 
antenna sizing, antenna pointing, and the selection of a 
complete spacecraft command and control system using mathematical analysis and trade study techniques. 
6.0 Introduction 
The purpose of this report is to create a Command, Control, and Communication subsystem for NOMADS, a 
conceptual spacecraft system design required to deliver a manned aircraft to the Martian surface within the first 
decade of the next century. The communication subsystem will be the only link between the spacecraft, Mars and 
Earth during all phases of NOMADS mission. Consequently, a thorough analysis of the CA3 design process is 
needed to ensure a safe and successful trip to Mars. The first step in developing such an analysis is to identify and 
understand the mission system requirements. 
6.1 System Requirements 
I 1  
The system requirements can be broken down into a set of general requirements and a set of specific 
I 
tr: subsystem requirements (A set of specific requirements exists for each of the spacecraft subsystems). An 
extended discussion of both sets follow in subsequent sections. 
6.1 .I General Rquirements 
The general system requirements must be satisfied for they are the parameters which set the stage for the 
whole spacecraft design (They contain the primary objective ). 
AS can be seen from Figure 6-1A, the NOMADS delivery system consists of two primary components: 1 .) 
the payload system which carries the manned Mars aircraft to be dropped to the Martian surface and 2.) the 
instrument bus which will remain in Martian orbit to serve as a communication satellite for the Mars base and as a link 
to Earth if so desired. In order to facilitate the design process these two components are broken up into seven 
integrated subsystems of which CA3 is a part. 
Other general requirements equally important to CA3 are: the communication link necessary with the Space . 
Shuttle and Space Station; the use of off-the-shelf hardware and pre-1988 technology; the use of the latest 
advances in artificial intelligence (relevant to computer choice); and the requirement of design simplicity, reliability 
minimum mass and low cost, which eliminates the use of an optical communication link for this Mars mission. 
6.1.2 Specific Subsystem Requirements 
Directly inherent to the general system requirements are the specific subsystem requirements. They are 
the responsibilities handled by each specific subsystem. The CA3 subsystem requirements are discussed below .I 
and listed in Fig. 6-1 B. I ) 2 
< 2 
CA3 s main concerns are sending and receiving telemetry to and from Earth or to and from Mars. Commands ' 
5 
from the DSN or from the Mars base are received by the spacecraft antenna and relayed to the other subsystems. j 
I 
Similarly, data from the spacecraft subsystems cat? be relayed to the communications subsystem where it can be 
sent to the respective station. 
The CA3 subsystem also handles the internal spacecraft communication among the different subsystems. E2 
fi:;g 
The power switching requirement is an important example of this internal communication, for without it the pjj ,< .. 
spacecraft would be powerless! 
6.2 System Methodology 
A method of achieving these requirements was to establish a design flowchart as seen in Fig. 6-2. 
The first step, identifying the mission requirements, has already been discussed in the system requirements 
section 6.1. The next two steps involved collecting data from primary and secondary resources. The information 
obtained was then mathematically analyzed, studied and evaluated to determine the three main points of interest: 
antenna sizing, antenna pointing and design of a command and control system. 
Integration of the selected components soon followed; and the question of whether or not an optimal CA3 
subsystem design was achieved, determined the final step in the design process. An answer of YES led to a 
complete and optimal subsystem, while an answer of NO brought the communications engineer back to the 
mathematical analysis step of the flowchart. 
6.3 System Antenna Analysis 
The following method was used to determine the spacecraft antenna size: 
- Parameters defined 
- Equations identified 
- Mathematical calculations performed 
- Antenna chosen 
6.3.1 Parameters 
A set of parameters used in finding an optimal antenna design are given in this section. These parameters 
are a result of system requirements, technological constraints imposed on antenna construction, and typical 
communication values. 
Fig. 6-1A 
Primary Objective: Deliver Payload to Martian Surface 
a. 
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- Payload System 
Seven Subsytems: 
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- Minimum Mass 
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- 3 Flight Ready 
Fig. 6-5 B 
1 .) Send Telemetry to the Earth DSN 
and to the Martian ground station. 
,2.) Collect Telemetry from the Earth DSN 
5.) Control Outputs and Inputs. 
CA3 Subsvstem Components 
2.) On-board Computer 
3.) Radio System 
I class notes I 
specifications I 
Trade studies 
I (no 
I (no 
Fig. CDC- 1 
Parameters csnt. 
The channels used for deep space communications are [6-5 1: 
-S band 
2.1 GHz Uplink (Earth to SJC) 
2.3 GHz Downlink (SIC to Earth) 
-X band 
7.161 GHz Uplink 
8.414 GHz Downlink 
For the following analysis, the X band downlink was used. The following fixed parameters were then calculated: 
Using X band: wavelength = c/f = 3.57 E-2 m 
Using the DSN for SIC to Earth RF link: 0, = 64 m 
3 = x ~ r ~ l 4 = 3 2  E3$ 
q= .50(4n~r) l1~=1.7~ 
T = 28.5 q< 
z=50% 
6.3.2 Equations Identified 
The model for most deep space antenna systems (including the Parabolic antenna) is 16-11: 
It is called the Range Equation, and is most useful to the communication engineer. 
A similar form can be constructed by substituting the equations for GT and A above. We then get [6-21 
R 
< $ 
Pr = Pt [ (z'tDtDr)1(4 LR) 12 
From this equation, the spacecraft diameter, Dt, can be calculated. Using the parameters mentioned in section /a 
6 
6.3.1 and the above equation, the NOMADS high gain antenna was calculated. 
Note: 
-The maximum Earth to Mars distance was used (R = 2.5 A.U. = 3.74 El  1 m) This 
distance usually varies from 0.5 to 2.5 astronomical units. 
-Typical values for Pt and Pr are 20W and 9.5 E-16W respectively [6-I]. 
j 
Based on the diameter determined above, a high gain antenna with a 3.7m diameter was chosen as seen in ' ' 
Fig. 6-3. Similarly, using the same data above but with different R and Pr values, it was determined that a low gain ! j 
- - 
antenna of diameter of 14 inches would be used for the spacecraft to Marslspacecraft to manned airplane RF link. 
6.3.3 Antenna Pointing and Placement t3?r &il 
p: :$ 
,..... " 
The placement of the high gain antenna (HGA) will be fixed to the aft of the spacecraft so that it will be 
pointing toward Earth continuously. The low gain antenna will be placed directly opposite the HGA on the 
6.3.3.1 Phase I: 
Launch from L.E.O. & Enroute to Mars 
During this phase the HGA will be TRANSDUCE R l  
POLARIZER 
pointing towards the Earth keeping X BAND HORN 
the communication link open up to 
phase I1 and beyond. 
6.3.3.2 Phase ll: 
Aerobrake entry & Mars Final 
Orbit 
MOUNTING 
During phase 11, the HGA FEED CABLE 
will continue to be pointing 
TENNA CABLE 
toward the Earth. In addition, 
the LGA will begin commun- 
ications with Mars and the 
aerobrake reentry system. Fig. 6-3 High-Gain Antenna 
Just before separation, final commands will be supplied to the Aerobrake system through an 
interconnecting umbilical chord. After separation, all communications will be conducted via the low gain radio 
attached to the instrument bus (now a Mars communication satellite). 
6.4 System Command and Control Trade Studies: 
A system of components was selected on the basis of trade studies and several defined parameters. 
These parameters are: 1 .) the maximum data rate in bits per second (bps) needed to conduct the mission science 
objectives (See Chapter VII Science Instrumentation Data) and 2.) the geometrical obit of the satellite around /%# 
r 4 
Mars. 
,*, ,. 
1 Both of these parameters will influence the selection the spacecraft microcomputer, and the need for a large , 
r i 
data storage system. Fortunately the maximum instrument data rate is only equal to 2000 bps (again see Chapter 
VII). Therefore, the need for data storage on board the spacecraft will be greatly reduced. Storage will still be 
necessary for backup and for the interruptions caused by planetary or solar interference with the telemetry signal 
The trade studies conducted for the command and control system are shown below in Table 6-1. An example of 
typical command block diagram is shown in Fig. 6-4. 
i 4 
Table 6-1 DMS Trade study 66-31 
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6 5  System Integration and Optimization 
For the final step in the design process, all of the selected CA3 components were integrated and tested. 
Then, the following question was asked, "Is the integrated system optimal?" If NO, the process would begin anew 
at the mathematical analysis and trade study level. If YES, the CA3 subsystem design design would be complete. 
Finally, the optimized CA3 system is integrated with the entire spacecraft to interact and fufill the system 
requirements. Fig. 6-5 shows these interactions of other subsytems with CA3. 
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6.6 Summary of Results (some problems?) 
NOMADS completed CA3 subsystem design components: 
AntennaSizes: One HGA: Dt = 3.7 m 
One LGA: Dt = 14" 
Badio: One low frequency radio. 
One tape transport (and hardware Fg. 6-6) 
CompW & Computer Storaoe; One microcomputer with CMOS main memory and Bubble 
memory. (and hardware Fg. 6-6) 
*One problem worth noting: The pointing difficulty related to the use of the fixed HGA. 
Because of the fixed spacecraft position it will on occasion need to be realigned with the DSN. This will only be 
possible with the realigning of the whole spacecraft using its thrusters. It is therefore probable that a movable 
antenna might be preferred in spite of the added complexity and cost. 
Equipment 
1. S-Band TWTA 
2 . S -Band ~ o d / ~ r  iver 
3. S-Band PLL Receiver 
4 .  S-Band Multicoupler 
5 .  S-Band Receiver 
6.  Delay b c k  h o p  Correlator 
7 .  UHF ~ e c e  iver/Demodulator 
8.  Antenna Servo Electronics 
9. UHF Coupler 
Weight Equipnent 
(lbs) 
12 ' 10. Tape Wansport 
3- 11. Tape Transport Electronics 
3 _' 12. Digital Compute r  
3 13. Miss ion Equipment 
3 '  Interface Unit 
2' 1 .  Spacecraft Interface Unit 
3 Cables -d Connectors 
8 - Module Base & Covers 
0.5 - Subtotal 
1546 contingency 
Total 
Fig. 6-6 CDPI Subsystem Module - Standard Planetary Spacecraft. 16-61 
Weight 
(lbsl 
10.5 ' 
lo -- 
18 
5.5 
4 -5 
7 
36 - 
129 
20 
149 Ibs 
VI I .  Sclence Instrumentation Subsyst 
/ 
7.1 lntroductlon 
Although NOMADS' prlmary mlsslon i s  to  safely transport a Mars airplane t o  the 
planet's surface, the stated requirements also include a secondary mission, this being the ! 
fulfillment of certain m lsslon science objectives. The instrument bus that travels to Mars , 
as part of NOMADS becomes an orbiting ~a te l l i t e ,  capable of communlcatlng w i th  the 
ground/airplane as well as taking scientific measurements of the planet. Certain system 
requlrements have to be fulf llled by the sclence subsystem as well. 
.. 7.2 Science Subsystem Requirements 
1. Use off-the-shelf hardware whenever possible. 
2. The materlals and techniques used must be available before 1998. 
3. lnstruments should have a lifetime of at least 4 years. 
4. Simplicity, reliability, minimum mass and low cost should be stressed. 
5. Data collected and formatted to communicatlons subsystem. 
6. Power has to be supplied by the power and propulsion subsystem. 
7. Fulf i l l  mission sclence objectives. 
7.2.1 Misslon Science Objectives 
I. Determine the origin, evolution, and present state of the solar system, i 
! ,  11. Obtain a better understanding of the Earth through comparative studies. 
I I I. Understand the relationship between the chemical and physlcal evolution of the 
solar system and the appearance of life. 
These are further broken down into 6 Specific requlrements which are then fulfilled , 
through the selection of scientific instruments. These specific requirements are: 
c 9 
1. Determine the elemental and mineralogical character of the Martian surface on a 
global basis. 
2. Determine the distribution, abundance, sources, and concentrations of volatile 
materials and dust. I 
3. Define the global gravitational field. 
4. Measure the global topography. 
5. Explore the atmospheric structure and i ts  circulation in detail. 
6. Establish the nature of the Martaln magnetic f ield. 
7.3 Selection Of Instruments pj d 
The selection of the sclence instrumentation is  a major step in the fulfillment of the 
subsystem requirements. Not only must the chosen equipment accomplish at least one of 
the specific requlrements, but i t  also has to meet the system requlrements pertathing to 
lifetime, cost, etc. 
The method used for choosing NOMADS' instrumentat ion was primarily one of library 
research. Through comparative studies of equipment used on previous space missions, a 
compilation of eight science instruments was chosen. The most influential of the missions 
studied was the Mars Geoscience Climatology Observer (7-61, whose mission science 
objectives are remarkably slmilar to NOMADS. 
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7.3. I Trade Studies 4 
I n  order to fu l f i l l  the system requirements, instruments from previous missions w i t h  
a mfnimum mass and power requirement were selected, whenever possible. Two of the 
chosen instruments are currently under development for  missions w i t h  launch dates 
before that of NOMADS, so they should be off-the-shelf by the t ime NOMADS i s  launched. 
These two were chosen instead of currently available instruments because of the mass and 
power savfngs, as w e l l  as a s impl i f  lcat lon of the iner t ia  tensor for  the structures 
subsystem. 
One instrument that was not chosen for NOMADS was an imaging system. An imaging 
system may seem vital  for the determination of safe landing sites prior to separation of the 
instrument bus from the aerobrake/payload, however, imaging systems have extremely 
high data rates, requiring their own tape backup systems. Also, pointing accuracy must be 
precise for  proper resolution. In order t o  keep everything as simple as possible, 
NOMADS' science team decided not to use an Imaging system. Instead, the instrumentation 
for the measurement of global topography w l l l  suffice. 
7.4 Fulf l l l ing  The Requirements 
For the determination of the elemental and mineralogical charater of the Martian 
surface, two instruments were selected. These are a gamma ray spectrometer and a visual 
and infrared spectrometer. The gamma ray spectrometer w l l l  obtaln measurements of the 
elements on the surface, wh i le  the visual and inf rared spectrometer furnishes a 
mineralogical map. Previous experience w l t h  the gamma ray spectrometer was gained i n  
the Apollo program, whereas the visual and infrared spectrometer i s  under development 
for the Galileo mission (7-6). 
* 
The Pressure Modulator Infrared Radiometer (PMI RR) w Ill be used to determine the 
distribution, abundance, sources, and concentrations of volati le materials and dust. This 
instrument i s  currently being developed for  the Mars Geoscience Climatology Observer 
( 7 - 5 ) .  
The global gravitational f ield i s  to be determined using radio science. The radio used i s  
part o f  the communications subsystem and Is discussed i n  more detail i n  that section. 
Radio science experiments have been f lown on many NASA missions. 
The global topography w l l l  be measured using a radar altimeter. A similar experiment 
was conducted on the Pioneer Venus mlsslon. 
A detailed exploration of the Martian atmosphere and i t s  circulation w ill be carried out 
by four separate instruments. NOMADS w i l l  use radio science, the PMIRR, an ultraviolet 
spectrometer and an ultraviolet photometer to f u l f i l l  this requirement. The PMIRR w i l l  
obtain atmospheric temperature and water vapor profiles. The ultraviolet spectrometer 
w i l l  determine varying concentrations of ozone i n  different altitudes, providing more 
information about the water vapor content. Previous experience w l th  this instrument was 
gained on missions including Voyager and the Solar Mesosphere Explorer (7-6 and 7-9). 
The ultraviolet photometer w i l l  determine the abundance of atomic hydrogen. This device 
was f l own  on Pioneer and Voyager and w i l l  be used again on Galileo (7-6, 7-7, 7-9). 
Radio science w i l l  measure the reflectivity of the atmosphere. 
In  order to etablish the nature of the Martian magnetic field, a magnetometer w i l l  be 
included on NOMADS. Magnetometers have been flown on many planetary spacecraft 
( 7 . 2 )  
(7-6). 
8 
In choosing these eight instruments, the mission science objectives are ful f i l led (table 
1). 
7.5 Instrument Placement 
A l l  of NOMADS' science instruments w i l l  be attached directly to the satell i te and w i l l  
face the planetes surface a t  a l l  times (fig. I 1. A scan platform was deemed unnecessary 
because of the oscil lating mirrors found i n  the scanning instruments. Also, the planned 
orbi t  of the sate l l i te  a l lows for  f u l l  coverage of the planet without movement of the 
Instruments, yet s t i l l  makes fu l l  use of their fields of view (fig. 2). The microprocessor 
supplied by the communicat~ons ubsystem has the capabllty of handling data from a l l  of 
the instrument at once, allowing for f lexibi l i ty in the planning of experimental modes. 
Special attention had to  be taken when mounting the magnetometer and the gamma ray 
spectrometer since the magnetic and electrical fields generated by the satell i te and other 
lnstruments inter fere w i t h  their sensing. Therefore, both of these instruments are 
mounted on opposing booms on the satellite. 
7.6 Interact ion Wi th  Subsystems 
I n  order for  the sa te l l i t e  and i t s  instruments t o  funct ion properly, the science 
subsystem has to interface w i th  the six other subsystems. 
The mission planning subsystem needs to know the total mass of the lnstruments (table 
2) for  determining the delta v needed to  reach Mars as we l l  as a viable orb i t  fo r  the 
instrument bus. Mission planning also needs t o  know the orb i t  requfrements of the 
instruments to  plan an orb i t  that w i l l  benefi t  a l l  of the subsystems. The science 
subsystem requires an orb i t  that w i l l  a l low enough t ime t o  carry out the planned 
experiments, as wel l  as be within the range of the Instruments' capabilities. 
The aerobrake subsystem also needs to know the total mass for determining the slze of 
the shield needed. 
The power and propulsion subsystem needs to  know the power requirements of the 
instruments in order to  size the solar panels for the instrument bus (table 2). 
The communications subsystem requires the data rates In  order t o  select a 
microprocessor capable of handllng the f low of data (table 2). The communfcatlons 
subsystem for NOMADS also needed to  be informed of the radio science experiment so as to 
properly place the radio equipment. 
The structures subsystem needed the instrument placement requirements as we1 1 as 
the mass and dimensions of the instruments i n  order to  properly balance the satel l i te  
(table 2). 
The at t i tude and ar t icu la t ion contro l  subsystem (AACS) needed the point ing 
requirements for  the various instruments. The AACS for NOMADS prfmari ly needs to  
maintain the position of the instrument bus i n  orbit, a job greatly simpli f ied w i t h  the 
deletion of the scan platform. 
The main problem encountered by the science lnstrukentat ion subsystem is a lack of 
data pertaining to  the expected l i fe t ime o f  the Instruments. An assumption had to  be made 
that  the instruments previously used on other missions had t o  have lasted a t  least until 
thel r  purposes were accompllshed and that those under develpoment would also last  on 
thei r  respective missons un t i l  thel r  purposes were accompllshed. This leaves NOMADS 
science instruments w i t h  an expected l i fet ime of a few years. 
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Appendix A. spacecraft subsystem mass estimates 
b I I subsystem 
TOTAL MASS OF SPACECRAFT 27,650.0 KG 
NOTE: Propellant tank masses are included in the structure subsystem. 
